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Abstract 


Most  -pc  rational  interceptor  tactical  guidance  systems  are  employing, technologies,  which  were  developed  more  than  two 
decades  ago.  Newer  technologies  have  been  slow  to  replace  these  mature  technologies  that  meet  the  requirements;  however, 
future  interceptor  guidance  systems  will  have  more  demanding  requirements  and  technological  advances  have  great  payoff 
potential.  The  Lecture  Series  will  bring  together  a  group  of  speakers  with  both  outstanding  practical  and  theoretical  experience 
in  interceptor  guidance  system  technology.  These  speakers  will  provide  the  audience  with  the  guidance  system  technology 
fundamentals  which  will  serve  as  background  so  that  theoretical  advances  in  future  and  proposed  systems  can  be  both 
understood  and  appreciated. 

This  Lecture  Series,  sponsored  by  the  Guidance  and  Control  Panel  of  AGARD,  has  been  implemented  by  the  Consultant  and 
Exchange  Programme. 


Abrege 


La  plupart  des  systemes  operationnels  de  guidage  tactique  de  missiles  intercepteurs  font  appei  a  des  technologies  qui  datent  de 
plus  de  vingt  ans.  Les  nouvelles  technologies  tardent  a  remplacer  ces  technologies  classiques  qui  continuent  cependant  a 
repondre  aux  besoins  actuels.  Les  specifications  des  futurs  systemes  de  guidage  des  intercepteurs  t-eront  plus  exigeantes  et  dies 
offriront  ainsi  de  nombreuses  possibility  aux  technologies  nouvelles. 

Ce  cycle  de  conferences  rassemble  un  groupc  de  conferenciers  ayant  une  vaste  experience  pratique  et  theorique  des 
technologies  des  systemes  de  guidage  des  missiles  intercepteurs.  Ils  foumiront  aux  participants  une  synthese  des  elements  de 
base  des  systemes  de  guidage  qui  permettra  de  mieux  comprctulre  etd’appsecier  les  avaneces  theoriques  des  sytemes  futurs  et 
proposes. 

Ce  cycle  de  conferences  est  presente  le  cadre  du  p  rogramme  dr  .consultants  et  des  eefunges,  sous  I'egide  du  Panel  AGARD  du 
Guidage  et  du  Pilotage. 
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Introduction  and  Overview 
Missile  Interceptor  Guidance  System  Technology 

(Guidance  System  Technologies  Used  in  Interceptor  Missiles  Against  Other  Missiles  Or  Airplanes) 

Paul  Zarchan 

The  Charles  Stark  Draper  Laboratory,  Inc. 

Cambridge,  MA,  USA  02139 


Theme 

Most  operational  interceptor  tactical  guidance  systems  are  employing  technologies  which  were 
developed  more  than  two  decades  ago.  Newer  technologies  have  been  slow  to  replace  these  mature 
technologies  that  meet  the  requirements;  however,  future  interceptor  guidance  systems  will  have  more 
demanding  requirements  and  technological  advances  have  great  payoff  potential.  The  Lecture  Series  will 
bring  together  a  group  of  speakers  with  both  outstanding  practical  and  theoretical  experience  in  interceptor 
guidance  system  technology.  These  speakers  will  provide  the  audience  with  the  guidance  system  technology 
fundamentals  which  will  serve  as  background  so  that  theoretical  advances  in  future  and  proposed  systems 
can  be  both  understood  and  appreciated. 

Overview  of  the  Lectures 

Lecture  1: 

The  first  lecture  is  by  Dr.  Robert  T.  Reichert  of  the  U.S.  and  is  entitled  "  Modem  Robust  Control  For 
Missile  Autopilot  Design.”  This  lecture  examines  the  applicability  of  control  to  the  design  of  automatic 
flight  control  systems  for  highly  maneuverable,  tail-controlled  missiles.  The  fundamentals  of  modem 
control  system  analysis  and  synthesis  are  reviewed  and  emphasis  is  placed  on  formulating  frequency 
domain  weighting  functions  for  design  specification.  A  numerical  example  is  included  to  clarify  all 
concepts. 

Lecture  2: 

The  second  lecture  is  by  Dr.  U.  Hartmann  of  Germany  and  is  entitled  "Midcourse  Guidance 
Techniques  For  Advanced  Tactical  Missile  Systems.”  The  lecture  gives  an  introduction  into  the  operational 
requirements  and  operational  aspects  of  inertial  midcourse  guidance  systems.  Different  midcourse  guidance 
principles  such  as  pure  inertial  guidance,  updated  inertial  and  aided  inertial  are  discussed  with  their  benefits 
and  drawbacks.  The  paper  also  describes  various  prelaunch  alignment  methods  and  discusses  their  relative 
merits  from  an  overall  system  point  of  view. 

Lecture  3: 

The  third  lecture  is  by  Mr.  Walter  Kaufmann  of  the  U.S.  and  is  entitled  "Flight  Control  Design  Issues 
In  Bank  To  Turn  Missiles.”  This  paper  discusses  various  design  issues  encountered  in  the  synthesis  of  bank- 
to-tum  autopilots  for  several  proposed  air-launched  guided  missile  configurations.  Included  in  the  paper  is 
a  discussion  of  the  various  tradeoffs  between  bank-to-turn  and  skid-to-turn  configurations.  The  relative 
merits  of  several  bank-to  turn  control  laws  are  presented  with  respect  to  the  type  of  airframe,  propulsion  and 
guidance  required  for  the  mission  under  consideration.  The  coupling  phenomenon  is  discussed  and 
methods  for  decoupling  are  presented. 

Lecture  4: 

The  fourth  lecture  is  by  Mr.  F.  Burel  .  of  France  and  is  entitled  "Guidance  Simulation  Model  of  Anti 
Sea-Skimmer  Missile."  The  paper  presents  a  simulation  methodology  for  estimating  the  survivability  cf 
ships  and  their  protective  frigate,  facing  a  saivo  of  maneuvering  sea-skimmers.  The  simulation  model 
includes  such  realistic  effects  as  defense  system  errors  and  midcourse  radar  noise.  A  detailed  model  of  the 
threat,  including  the  three  phase  of  flight,  are  incorporated  in  the  simulation  model. 

Lecture  5: 

The  fifth  lecture  is  by  Dr.  R.  V.  Lawrence  of  England  and  is  entitled  "Advanced  Missile  Guidance." 
The  paper  relates  guidance  issues  through  the  zcro-cor.tro!  or  zero  effort  miss  Algebraic  expressions  for  the 
zero  effort  miss,  as  a  function  of  the  missile-target  range,  are  derived  and  presented  for  four  sample  systems. 
The  relationship  between  proportional  navigation,  optimal  guidance,  and  zero  effort  miss  are  derived  and 
discussed,  finally,  the  impact  of  optimal  evasive  target  maneuvers  on  system  performance  are  presented. 


Lecture  6: 


The  sixth  lecture  is  given  by  Mr.  Paul  Zarchan  of  the  U.S.  and  is  entitled  "Micro  Based  Technology  •  A 
New  Tool  For  Missile  Guidance  System  Design  and  Visualization."  Several  interceptor  guidance  system 
related  examples  are  presented.  The  paper  first  demonstrates  that  these  examples  can  be  made  to  work  on 
microcomputers  with  CPU  running  times  which  are  very  attractive  and  turn  around  times  (i.e.  time  for 
engineer  to  get  the  answer  in  a  useful  form)  that  are  far  superior  to  that  offered  by  a  time-shared 
mainframes.  It  is  then  shown  how  numerical  output  can  be  enhanced,  in  real  time,  with  the  graphics 
visualization  technology  which  is  currently  available  with  microcomputers.  Each  of  the  examples 
demonstrates  how  the  enhanced  answers  offer  the  designer  a  visualization  which  not  only  gives  a  deeper 
insight  into  the  problem  being  solved,  but  in  addition  dlows  an  engineer  to  ra-tidly  iterate  cases  to  get  an 
acceptable  design. 

Lecture  7: 

The  seventh  lecture  is  given  by  Dr.  Owen  Deutsch  of  the  U.S.  and  is  entitled  "Interactions  Between 
Battle  Management  and  Guidance  Law  Design  For  A  Strategic  Interceptor This  paper  switches  the  focus  of 
the  Lecture  Series  front  one-on-one  tactical  missile  considerations  to  proliferated  strategic  interceptor 
technology.  The  paper  demonstrates  that  acceptable  solutions  require  consideration  of  all  systems  issues  and 
that  battle  management  functions  should  not  be  decoupled  from  guidance  law  design.  A  system  level 
simulation  which  incorporates  all  significant  error  sources  to  the  battle  manager  is  described.  Knowledge 
gained,  in  terms  of  execution  speed,  user  interaction  and  Insights  generated  are  presented  through  several 
unifying  examples. 

Lecture  & 

The  eighth  and  final  lecture  is  given  by  Mr.  Paul  Zarchan  of  the  U.S.  and  is  entitled  "Guidance 
Methods  For  Tactical  and  Strategic  Missiles."  The  paper  reviews  methods  of  guidance  which  are  applicable 
to  both  tactical  and  strategic  missiles.  Guidance  concepts,  which  were  originally  developed  for  the  tactical 
world,  are  extended  for  application  to  the  strategic  world  not  only  to  gain  insight  but  also  to  predict  strategic 
interceptor  fuel  consumption  and  performance.  Nonlinear  engagement  simulation  results  indicate  that  the 
divert  requirement  formulas  (derived  in  the  paper)  for  prediction  error,  apparent  target  acceleration  and 
guidance  law  are  not  only  useful  but  are  in  fact  accurate  indicators  of  strategic  interceptor  requirements. 
Numerous  examples  are  presented  to  clarify  and  illustrate  concepts. 

Concluding  Remarks 

The  lecturers  participating  in  this  Lecture  Series  will  present  the  results  of  many  yeans  of  practical 
experience  with  interceptor  guidance  system  technology.  The  intended  result  of  this  Lecture  Sei:»s  is  the 
transfer  of  knowledge  that  can  lead  to  newer  and  better  interceptor  guidance  systems  throughout  the  NATO 
community.! 

References 
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MODERN  ROBUST  CONTROL  FOR  MISSILE  AUTOPILOT  DESIGN 

by 

Robert  T.Rcichcrt 

and 

David  J.  Yost 

The  Johns  Hopkins  University 
Applied  Physics  Laboratory 
Johns  Hopkins  Road 
Building  1  East  134 
Laurel,  Maryland 
United  States 


ABSTRACT 


This  paper  examines  the  applicability  of  HK  control  to  the  design  of  automatic  flight  control 
systems  for  highly  maneuverable,  tail-controlled  missiles.  The  fundamentals  of  modem-robust- 
control  analysis  and  synthesis  are  reviewed.  Problem  formulation  with  emphasis  on  selection  of 
frequency  domain  weighting  functions  for  design  specifications  and  the  role  of  modelling  uncer¬ 
tainty  are  considered.  An  example  problem  la  included  as  a  tutorial  overview  of  these  methods. 

1.0  INTRODUCTION 

Future  homing  missiles  will  need  to  cope  with  demands  for  greater  range  and  higher 
maneuverability  resulting  in  more  stringent  autopilot  performance  requirements.  Design  tech¬ 
niques,  used  in  current  practice,  are  limited  and  often  result  in  less  capable  system  perfor¬ 
mance.  However,  recent  advances  in  robust-control  theory  (Ref.  [1-4])  offer  good  prospects  for 
meeting  the  design  needs  of  next  generation  missiles.  Several  anticipated  benefits  of  the 
robust-control  design  approach  are:  greater  flexibility  in  the  choice  of  airframe  geometry, 
full  use  of  available  airframe  maneuver  capability  and  greater  tolerance  to  uncertainty  in 
design  models. 

Robust-control  design  methods  optimize  performance  and  stability  based  on  engineering  models 
which  Include  performance  specifications  and  descriptions  of  how  uncertainty  modifies  the 
nominal  plant  model.  optimal  control  provides  the  basis  for  controller  synthesis  while 
^-analysis  characterizes  performance  and  stability  in  the  presence  of  a  defined  structure  for 
uncertainties.  The  combination  of  these  two  powerful  concepts  leads  to  a  synthesis  procedure 
that  explicitly  accounts  for  a  specified  level  and  structure  of  uncertainty  in  the  nominal 
plant  model.  This  paper  focuses  on  showing  the  fundamentals  of  applying  Ho  optimal  control  and 
p-analysls  to  a  hypothetical  missile-autopilot  example. 

This  paper  is  organized  as  follows.  We  will  begin  with  a  review  of  several  key  concepts  in 
modern- robust  control  analysis  and  synthesis.  This  material  is  drawn  from  references  (Ref. 
[1,2,10,11]).  A  description  of  the  tail-controlled  missile  problem  and  a  hypothetical  model 
will  be  described  next.  This  material  is  followed  by  a  definition  of  the  uncertainty  model  and 
Hm  optimal-control  interconnection  structure.  Lastly,  a  comparison  of  three  designs  is  made  to 
Illustrate  various  performance  characteristics  of  Hs  controllers. 

2.0  ANALYSIS  REVIEW 


Definition:  Linear  Fractional  Transformation  (LFT) .  Consider  the  complex  matrix  partitioned 


H- 


fjll  i!l2 
«21  1*22 


derived  from  the  following  linear  equations 
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where  che  size  of  A  Is  such  that  M^A  is  square.  This  set  of  equations  is  well  posed  if  the 
inverse  of  I-»11A  exists,  in  which  case  the  vectors  e  and  v  will  satisfy  e  -  Fu(M,A)v  where 

Fu(M,A)-  K22  +  M21A(I-MnA)'1M12. 

If  viewed  in  a  feedback  block-diagram  sense,  the  notation  used  here  denotes  the  LFT  formed  by 
closing  the  upper  loop  (hence,  subscript  u)  of  H  with  A.  K22  may  be  viewed  as  a  nominal  element 
and  A  as  a  linear-fractional  uncertainty.  The  matrices  M^,  Mj2,  M2X  and  FU(M,A)  describe  how  A 
affects  the  nominal  element. 


The  framework  for  analysis  and  synthesis,  used  here,  is  based  on  LFT's  as  shown  in  Figure  (1). 
Any  linear  interconnection  of  Inputs  (v,u),  outputs  (e,y)  and  uncertainties  (A)  may  be  rear¬ 
ranged  as  shown  in  Figure  (la).  P  represents  the  system  interconnection  structure,  K  the  con¬ 
troller  and  A  the  uncertainty,  v  is  a  vector  of  exogenous  inputs  such  as  reference  commands, 
disturbances  and  noise,  e  is  a  vector  of  error  signals  to  be  kept  small,  y  is  a  vector  of 
sensor  measurements  and  u  is  a  vector  of  control  signals.  The  convention  adopted  here  is  to 
normalize  exogenous  inputs  (v),  errors  (e)  and  uncertainty  (A)  to  1.  This  requires  that  all 
scalings  be  absorbed  into  P.  Within  this  framework  we  will  be  concerned  with  2  LFT  structures; 
one  for  analysis  (Figure  (lb)):- 

Fu(G,A)-  C22  +  G21A(I-G11A)'1C12, 

where  G  is  obtained  by  absorbing  the  controller  K  into  P,  and  one  for  synthesis  (Figure  (lc)): 
FX(?,K)-  Pu  +  P12A(I-P22A)'1P21. 

In  the  absence  of  uncertainty  the  nominal  performance  measure  is  given  by 

»G22L-  T  ^G22(J-)). 

and  relates  the  worst-case  response,  over  frequency,  to  the  exogenous  input.  Nominal  stability, 
a  weak  requirement,  is  attained  by  K  stabilizing  only  the  nor.lnal  plant. 

When  uncertainty  is  considered,  the  analysis  problem  involves:  determining  the  robust  stability 
of  G  in  the  presence  of  an  uncertain  but  bounded  set  of  A's,  and  for  robust  performance,  deter¬ 
mining  if  e  remains  in  a  desired  set  of  responses  for  all  permissible  sets  of  A  and  exogenous 
inputs  v.  Stability  for  unstructured  uncertainty  (only  cr(A)sl  is  known)  depends  only  on 
iGiJ^l  ,  and  performance  depends  only  on  JcJ^.  However,  norm  bounds  of  this  type  are  inade¬ 
quate  for  determining  robust  performance  or  stability  with  realistic  models  of  structured 
uncertainty  in  the  plant.  The  structured  singular  value  (p)  was  Introduced  to  deal  with  these 
more  complicated  situations  (Ref.  [5]). 

In  defining  p,  we  begin  by  specifying  that  A  belongs  to  the  set  of  block- diagonal,  complex¬ 
valued,  bounded  uncertainties: 

A-(diag(A1,A2,...,An)  |  ?(Ai)Sl). 

For  M  t  Cnxn,  p(M)  is  defined: 


1 


p(M)  » 


min(o(A) |a«A,  det(I-HA)-O) 
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unless  no  Ac  A  makes  I-MA  singular,  In  which  case  p(M)»0.  The  function  p  is  dependent  upon  the 
structure  of  A  and  has  the  property  p(aM)-|a|p(H) . 

The  following  bounds,  which  are  relatively  easier  to  compute,  are  defined  for  p: 
p(KO)  S  p(M>  S  *"Jj  ^(DHD'1) 

where 

£  denotes  spectral  radius 
a  denotes  maximum  singular  value 

U  -  l  diag^.Uj . ViUlUl-1) 

D  -  (  dlag^I.djl . dnl)|ditR+) 

where  the  structures  of  U  and  D  match  A.  Note  that  U  and  D  leave  A  Invariant: 
o(AU)-o(UA)  and  D’1AD-A. 

The  following  two  theorems  (Ref,  (6])  establish  the  relevance  of  p  for  studying  robustness  of 
feedback  systems  with  structured  uncertainty. 

Theorem:  Robust  Stability 

FU(G,A)  stable  V  A«A  iff  s“pp(G11(ju))sl. 

Theorem:  Robust  Performance 

Fu(G,A)  stable  and  JFU(G,A) j^Sl 
V  A«(diag(A,An+1))  iff  s“Pp(G(ju))sl. 

3.0  STHTHESIS  REVIEW 

For  synthesis  it  is  assumed  that  performance  weightings  and  scaling  factors  are  absorbed  as 
part  of  the  interconnection  structure  (P  in  Figure  (l.c))  so  that  v*  and  e'  are  properly  nor¬ 
malized  to  1.  For  the  Hm  optimal-performance  problem  the  synthesis  goal  is  to  find  a  stabi¬ 
lizing  controller  K  which  minimizes  JFX(P,K)|—  where 

e'-  FX(P,K)  v' 

FX(P,K)-  PX1  +  P12A(I-P22A)'1P21. 

To  illustrate  the  two-Rlccati  equation  state-space  solution  (Ref.,  (1,2J)  to  this  problem, 
consider  the  following  representation  and  matrix  partition  for  the  Interconnection  structure 
F(s) : 

x  -  Ax  +  BjV'  +  B2u 
e-  -  cix  +  D12u 
y  -  C2x  +  D21V 

where  x  is  the  state  vector,  v'  is  the  exogenous  input  vector,  e'  is  the  error  vector,  u  is  the 
control  vector,  and  y  is  the  measurement  vector;  we  then  denote  the  matrix  partition 


P(s) 


I 


\ 

! 
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«*vr« * 


‘"'a 


! 

i 


Jfc 

We  have  assumed  that  Dj^-0  and  Djj'0  In  order  to  simplify  the  equations  shown  here.  The  more  V 

general  case  Is  treated  In  [2],  In  addition  to  the  above  assumptions,  It  Is  required  that 
(A,B2,C2)  be  stablllzable  and  detectable;  rank  lb  2-  number  of  control  inputs;  rank  Djj-  number 
of  measurements;  D^j-(0  1]'  and  Dj^-(0  I],  The  last  two  requirements  may  be  achieved  by  ap¬ 
propriate  scaling  of  u  and  y  and  a  unitary  transformation  of  v'  and  e'. 

In  the  solution  technique  we  will  make  use  of  the  following  notation  for  the  Hamiltonian  matrix 
ana  algebraic  Rlccatl  (ARE)  equation: 


A  R 


where  X  will  be  the  solution  to  the  ARE: 

A*X  +  XA  +  XRX  -  Q  -  0 
and  will  be  denoted  as  X  -  Rlc(H). 


To  proceed,  consider  the  problem  of  finding  a  controller  K(s)  to  satisfy  the  performance  goal 
of  | |F^(P,K) | 7.  We  define  two  Hamiltonian  matrices  : 


H 


1  " 


(A-BjD^jC^) 

C*(-i+d12d*2)Ci 


-r'V*  -  b2b* 
-(a-b^c/ 


H 


2  “ 


<A+BjD21C2)* 

Bl<-I+D2lD2l>B! 


-2„*~  _* 

7  -  ^2^2 

-(A+B^^Cj) 


with  ARE  solutions  denoted  X^-Rlc(H^)  and  YB-Ric(H2).  The  state-space  equations  for  the  con 
troller  K(s)-(u(s)/y(s)  ]  are  given:- 


x  -  Ax+  <7*^YwC*)e'  +  F(y-y) 

*'  "  ci*  +  d12u 

u  -  Gx 


G  -  -<dJ2C1  +  B*XJZ. 

z„  -  (I  -  y'^xj'1 

where  x  denotes  the  state  estimate,  e'  denotes  the  estimate  of  the  worst-case  error  and  y 
denotes  the  measurement  estimate.  This  controller  has  the  observer/full-state  feedback  struc¬ 
ture  familiar  to  LQG  optimal  control.  However,  the  addition  of  the  worst-case  error  to  the 
state  dynamics  represents  a  departure  from  this  familiar  structure. 

The  optimal  H^  controller  Is  found  by  performing  a  minimizing  search  in  7..  The  smallest  value 
of  7  Is  chosen  consistent  with  the  following  requirements:-  X^fcO,  Y^SO  and  p(XfflY<0)<7a . 


i 
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Thus  far,  the  HM  synthesis  framework  described  here  is  only  useful  for  optimization  in  an 
Input/output  setting.  No  mention  of  uncertainty  (internal  to  the  nominal  plant  model)  enters 
the  formulation  of  the  optimal-performance  problem.  In  order  to  address  uncertainties,  the  Ha 
optimal-performance  problem  posed  here  may  be  viewed  aa  an  robust-stabilization  problem  with 
respect  to  the  uncertainty  structure  shown  in  Figure  (2) .  This  transformation  of  the  problem  in 
effect  combines  input/output  performance  objectives  with  stability  to  plant  uncertainty  objec¬ 
tives.  Here  A  is  considered  to  be  a  full-block  of  unstructured  uncertainty  (only  <j(A)sl  is 
known).  That  is,  find  K  to  stabilize  the  system  and  to  minimize: 

lpu(pi(p,K>.A)B-  V  A  I  ®<A>sl- 

Clearly,  this  represents  a  more  conservative  synthesis  problem  than  may  be  intended,  because 
the  true  structure  of  A  may  be  ignored.  In  reality,  A  In  Figure  (2),  has  a  structure  dictated 
by  the  true  uncertainty  (which  we  denote  Au|Au«A)  and  a  full -block  structure  for  the  e/v  trans¬ 
fer  function  (which  we  denote  Ap) .  This  yields  an  actual  structure  for  A,  in  Figure  (2) ,  of  : 


A- 


It  should  be  noted  that  an  Hw  controller  could  be  obtained  without  regard  to  the  presence  of 
internal  modeling  uncertainties  (l.e.,  by  removing  the  exogenous  Inputs  and  errors  associated 
with  the  uncertain  elements) .  This  is  equivalent  to  solving  the  optimal -performance  problem 
posed  above.  However,  this  approach  removes  all  conservatism  by  assuming  that  the  design  model 
is  a  perfect  representation  of  the  plant  response.  The  resulting  design  will  likely  exhibit 
very  poor  robust  performance  and  stability  in  the  presence  of  the  real  plant. 


In  order  to  reduce  conservatism,  without  removing  it  altogether,  we  will  need  to  merge  the  two 
powerful  techniques  of  H^  optimization  and  p-analysis.  Recall  that  an  upper  bound  for  p  may  be 
obtained  by  a  scaling  operation  and  application  of  the  |-|s.  Incorporating  this  p  related 
concept  with  Hm  synthesis,  the  problem  becomes  one  of  finding  a  controller  K  and  a  frequency 
dependent  scaling  matrix  D(s)  such  that  jD(s)  F^(P,K)  D(s)’^[w  is  minimized.  The  approach  taken 
here  is  to  alternate  between  finding  K,  to  minimize  the  above  expression  for  a  fixed  D(s) ,  and 
then  to  find  a  minimizing  D(s)  for  a  fixed  K.  This  latter  step  is  conducted  point-by-polnt  in 
frequency  with  a  different  constant  D  matrix  result  for  each  frequency  point.  The  data  for  the 
elements  of  D  may  be  fit  with  real-rational,  minimum-phase,  stable  and  invertible  SISO  transfer 
functions.  The  frequency  dependent  matrix  D(s)  is  comprised  of  the  SISO  transfer  function  fits. 
This  p-synthesis  technique  (D-K  iteration)  has  been  used  extensively  elsewhere  to  obtain  robust 
control  laws. 


We  will  examine  the  performance  characteristics  of  the  three  design  approaches  discussed  here: 
Hm  optimal-performance,  Hm  robust-stabilization  and  p-synthesls. 

4.0  PROBLEM  DESCRIPTION 


Consider  the  missile-airframe  control  problem  illustrated  in  Figure  (3) .  When  the  vehicle  is 
flying  with  an  angle  of  attack  (a),  lift  is  developed.  This  lift  may  be  represented  as  acting 
at  a  central  location  (center  of  pressure).  The  vehicle  will  be  statically  stable  or  unstable 
(vithaut  corrective  tail  deflections)  depending  on  the  location  of  the  center  of  pressure 
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relative  Co  the  center  of  mass.  The  control  problem  requirea  that  the  autopilot  generate  the 
required  tail-deflection  (S)  to  produce  an  angle  of  attack,  corresponding  to  a  maneuver  called 
for  by  the  guidance  law,  while  atabillzing  the  alrfrane  rotational  motion.  Sensor  measurements 
for  feedback  typically  Include  missile  rotational  rates  (from  rate  gyros)  and  normal  accelera¬ 
tion  (from  accelerometers) .  Reasonably  accurate  mathematical  models  of  the  rigid-body  transfer 
functli-.s  from  tail-deflection  to  the  sensor  outputs  are  generally  available  for  design. 

Typical  uncertainties  to  be  considered  in  this  control  problem  Include:  aerodynamic  charac¬ 
teristics,  mass  and  balance,  wind,  flexible  mode  dynamics,  actuator  nonlinearities  and  sensor 
nonlinearities  and  noise.  The  first  three  uncertainties  generally  are  handled  by  using  suffi¬ 
ciently  wide  bandwidth  feedback  loops,  while  the  last  three  uncertainties  in  the  list  act  to 
restrict  the  amount  of  bandwidth  that  may  be  used  practically. 

For  the  problem  considered  here,  it  is  desired  to  design  one  controller  to  track  commanded 
acceleration  maneuvers  with  a  steady  &"ate  accuracy  of  0.5%  and  a  time  constant  of  less  than 
0.2  seconds..  The  controller  must  provide  robust  performance  over  a  wide  range  of  angles  of 
attack  and  must  avoid  saturating  tail-deflection  actuator  rate  capabilities  as  well  as  avoid 
high-frequency  instabilities  caused  by  unmodelled  flexible-body  modes. 

5.0  MISSILE  MODEL 


The  nonlinear  state  equations  for  this  control  problem  are  given  as:- 


a  -  (cos3(a)/mu)[F  ]  +  q 

q  "  My  /  Iy  z 

where 


F  -  C  (o,«)  QS  (lbs) 

Mv  "  s>  QSd 

O’  -  dynamic  pressure  (lbs/ft3) 

S  -  reference  area  (.44  ft3) 
d  -  diameter  (.75  ft) 
m  -  mass  (13.98  slugs) 

I  -  pitch  moment  of  inertia 
y  (182.5  slug-ft3) 

u  -  velocity  component  along  missile 
center  line  (3109.3  cosa  ft/sec). 

The  aerodynamic  coefficients  Cn  and  Cn  are  given  by  the  following  polynomial  expressions: 

C  —  aas  +  ba3  +  ca  +  dS 
a  -  .000103 

b  -  -.00945 
c  -  -.170 
d  -  -.034 

C  -  an*  +  ba3  +  ca  +  dS 
a  -  .000215 

b  -  -.0195 
c  -  .051 

d  -  -.206 

These  values  given  here  are  purely  hypothetical  and  are  intended  for  tutorial  uses  only.  The 
angle  of  attack  is  assumed  to  range  over  0  to  20  degrees. 


T!m  nonlinear  state  equations  are  linearized  about  trim  operating  points  (H^  -  0)  to  form 
linear  state-space  equations  of  the  form; 
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x-  Ax  +  Bu 
y-  Cx  +  Du 

where  x-[a  q),  u-[i ] ,  end  y-[q  ij2).  Here,  t)z  represents  the  accelerometer  measurement  (assume- 
to  be  at  the  center  of  mass).  For  an  angle  of  attack  of  0  degrees,  the  state-space  matrices 
are: 


A-  j 

-0.6 

1. 

B  - 

-.12 

32.4 

0. 

-130.8 

C- 

0 

1. 

D  - 

0 

-1.02 

0. 

-.203 

For  an  angle  of  attack  of  20  degrees,  the  state -space  matrices  are: 


A- 

-1.18 

1. 

B  - 

-.11 

-300.2 

0. 

-130.8 

C- 


0  1. 

-2.54  0. 


D 


0 

-.203 


As  a  representative  average  model  to  use  In  the  design  process  we  will  select  the  following 
state-space  matrices.  These  do  not  actually  correspond  to  a  given  linearization  about  an 
operating  angle  of  attack,  rather  they  represent  an  average  value  for  each  element  of  the 
matrices  when  examined  over  the  entire  angle  of  attack  range. 


-0.9  1. 
-134.0  0. 


B 


-.117 

-130.8 


C- 


0  1. 

1.78  0. 


D 


0 

-.203 


In  addition  to  these  dynamics,  it  Is  assumed  that  the  missile  tail-deflection  actuator  may  be 
represented  with  a  second  order  linear  transfer  function:- 

S  1 

-  (s)  -  - 

4c  (s/“a)J  +  (1.4s/«a)  +  1 

«  <-  150  rad/sec. 

6.0  UNCERTAINTY  DESCRIPTION 


Three  uncertainty  descriptions  will  be  used  for  this  design  example.  The  first  captures  the 
dominant  effect  of  aerodynamic  deviations  from  the  assumed  design  model.  The  second  represents 
uncertainty  In  the  actuator  gain  and  phase  characteristics.  And  the  last  represents  unmodelled 
dynamics.  Figure  (4)  Illustrate!  ,  location  of  the  uncertain  elements  (4^)  in  the  design 
model.  The  controller  must  handle- the  aerodynamic  variations  that  result  from  operating  over 

the  angle  of  attack  range  from  0  to  20  degre  s.  Examining  the  state-space  matrices  over  this 
range  we  see  that  the  A(2,l)  element  varies  by  as  much  as  140%.  As  expected,  this  term  varies 

the  most  because  It  relates  directly  to  the  rotational  stability  of  the  rigid-body  airframe.  We 
will  need  to  incorporate  a  parametric  uncertain  model  to  capture  the  uncertainty  In  this  term. 
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Variations  in  the  other  terms  are  known  to  be  far  leas  significant,  from  physical  considera¬ 
tions,  and  will  be  Ignored.  The  normalizing  scale  factor  for  A^  (k  in  Figure  (4))  for  this 
example  is  1.25.  The  effect  of  this  uncertainty  will  be  to  make  maximum  use  of  the  rate-gyro 
sensor  for  an  inner-loop  feedback  path  to  desensitize  the  system  from  variations  in  the  rota¬ 
tional  aerodynamics. 

The  second  uncertainty  (A2  in  Figure  (4))  captures  uncertainty  in  the  actuator  gain  and  phase 
characteristics.  With  a  normalizing  scale  factor  of  c-.6,  this  uncertainty  structure  represents 
as  much  as  35  degrees  phase  uncertainty  and  gain  variation  from  approximately  .6  to  2.5).  This 
uncertainty  will  have  the  effect  of  preserving  gain  and  phase  margin  in  the  inner  loop. 

The  third  uncertainty  (Aj  in  Figure  (4))  is  used  to  represent  unmodelled  flexible-mode 
dynamics.  Figure  (5)  illustrates  the  frequency  dependent  weighting  function  Wu(s)  and  a  repre¬ 
sentative  flexible  mode  transfer  function  from  tail-deflection  to  rate-sensor  measurement.  The 
weighting  functions  represents  a  frequency  dependent  magnitude  bound  on  the  unmodelled  transfer 
function.  For  conservativeness  we  elect  to  over-bound  the  high  frequency  characteristics  sub¬ 
stantially.  The  effect  of  this  uncertainty  will  be  to  limit  the  bandwidth  available  to  the 
controller  to  handle  aerodynamic  variations. 

7.0  INTERCONNECTION  STRUCTURE 

Thus  far,  we  have  defined  the  nominal  model  of  the  plant  «..-d  the  uncertainty  structure  for  this 
problem.  The  remaining  portion  of  the  Interconnection  structure  to  be  defined  is  associated 
with  the  performance  goals  (l.e,  exogenous  inputs  and  errors  associated  with  the  tracking 
performance  specifications) .  Figure  (6)  illustrates  the  Input/output  diagram  for  the  intercon¬ 
nection  structure  chosen  here. 

As  stated  earlier,  the  performance  objective  is  to  track  step  commands  (rjr)  with  a  0.5»  track¬ 
ing  accuracy  and  a  maximum  time  constant  of  0.2  seconds.  To  accomplish  this  we  will  define  a 
frequency  dependent  weighting  function  that  will  be  applied  to  the  tracking  error  signal  (i;c  - 
ij)  (i.e.,  a  sensitivity  weighting  function):- 

(14.9451  s  +  200) 

W  (s) - 

s  (42.7003  s  +  1) 

This  weighting  function  has  a  low  frequency  gain  of  200  (for  0.5%  tracking  accuracy)  a  gain 
crossover  frequency  of  5  r/s  (for  0.2  sec  time  constant  or  better)  and  a  high  frequency  gain  of 
0.35  to  limit  overshoot. 

One  additional  exogenous  input  to  be  defined  is  the  rate-gyro  sensor  noise.  Recall  that  this 
input  is  required  in  order  to  satisfy  the  rank  of  requirement.  For  this  problem  it  is 
assumed  that  the  gyro  is  a  nearly  perfect  device.  A  scale  factor  of  .001  is  applied  to  this 
input.  In  practice,  if  realistic  gyro  characteristics  were  available,  a  frequency  dependent 
weighting  would  be  appropriate  to  characterize  the  anticipated  noise  spectrum. 

Lastly,  we  define  an  additional  performance  output  that  will  not  significantly  alter  the 
characteristics  of  the  solution.  However,  it  is  Included  to  satisfy  the  rank  of  D12  requirement 
for  the  Hv  optimal-performance  synthesis  case.  This  output  is  formed  by  placing  a  small  con¬ 
stant  weighting  (.001)  on  the  commanded  tail-fin  deflection. 
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8.0  COMPARISON  OF  H,  and  ^-SYNTHESIS  DESIGNS 

He  will  exaalne  three  controller  designs.  The  first  design  will  be  obtained  by  solving  the  Hn 
optimal-performance  problem.  The  second  and  third  controllers  will  be  obtained  by  solving  first 
for  the  Hs  robuat-atablllzatlon  controller  and  then  the  p- synthesis  controller.  The  software 
provided  in  (Ref.  [8])  was  used  to  perform  the  design  steps. 

Consider  first  the  controller  obtained  by  solving  the  HB  opt  Inal -performance  problea.  Recall 
that  this  approach  ignores  the  uncertainty  description  by  assuming  that  the  given  plant  model 
is  a  perfect  representetion  of  the  real  plant  to  be  controlled.  For  this  case  the  interconnec¬ 
tion  structure  is  obtained  by  removing  the  top  three  exogenous  inputs  and  error  outputs  shown 
In  Figure  (6).  Figure  (7)  shows  three  step  responses  obtained  using  this  controller.  The  three 
responses  correspond  to  the  design  model  response  and  for  models  obtained  by  linearizing  the 
airframe  at  0  and  20  degrees  angle  of  attack.  The  response  for  the  design  model  shows  a  very 
good  response.  However,  when  the  plant  deviates  from  the  design  model  (here  the  deviation  Is 
due  to  a  change  In  angle  of  attack)  very  poor  performance  Is  seen  for  a-20  degrees,  and  an 
unstable  response  is  obtained  for  a-0  degrees.  Upon  close  inspection  of  the  controller 
dynamics,  it  is  seen  that  the  controller  Is  actually  cancelling  the  plant  dynamics  and  sub¬ 
stituting  dynamics  that  satisfy  the  performance  goals.  This  cancellation  of  model  dynamics  Is 
the  source  of  the  poor  performance  observed  here. 

The  lack  of  robustness  observed  with  the  optimal-performance  controller  clearly  motivates 
the  need  to  include  modelling  uncertainty  In  the  problem  formulation.  He  will  proceed  along 
this  direction  by  using  the  full  Interconnection  structure  show  in  Figure  (6) .  The  last  two 
controllers  to  be  examined  here  are  obtained  by  solving  the  Hn  robuat-ctablllzation  problem  and 
by  performing  the  D-K  iteration  to  obtain  the  p-synthesls  controller. 

For  the  first  stop  of  the  D-K  Iteration,  the  frequency  dependent  D-scale  matrices  were  initial¬ 
ized  to  Identities  of  the  appropriate  sizes.  The  resulting  controller  from  this  first  pass  Is 
the  Hn  robuat-atablllzatlon  controller  (i.e.,  the  controller  designed  with  respect  to  the 
conservative  model  of  A  in  Figure  (2)).  For  the  first  pass  the  performance  level  of  5f^(P,K)|0> 
-  2.0  was  attained.  For  the  final  D-K  Iteration  the  robust-performance  level  |D(s)  F, (P,K) 
D(s)  |B  -  1.07  was  jchleved.  For  avaluatlon  purposes  the  controller  was  reduced  from  8th 
order  to  7th  and  the  p  controller  was  reduced  from  20th  order  to  8th,  using  a  balanced  trunca¬ 
tion  model  reduction  procedure  (Ref.  [9]). 


Figure  (8)  Illustrates  the  step  response  performance  characteristics  of  the  Hv  robust- 
stabilization  controller  for  the  design  model,  and  for  the  model  linearized  at  two  angles  of 
attack  (0  and  20  degrees).  Figure  (9)  illustrates  the  p-synthesis  performance  for  the  same 
three  plant  models.  Clearly,  the  p-synthesls  controller  exhibits  superior  tracking  performance. 
Not  shown  here  Is  that  both  designs  satisfy  the  goal  of  gain  stabilizing  the  unmodelled 
flexible-mode  dynamics  and  that  single-loop  stability  margins  are  very  good  (better  than  6db 
and  35  degrees  at  the  actuator  input  and  at  the  sensor  outputs). 

Comparing  the  worst  case  perturbation  matrices  for  the  and  p  designs: 
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show*  how  the  full-block  uncertainty  etructure  asiuaed  in  the  aynthesia  allows  interaction 
between  the  various  uncertainty  structures  and  the  perfomance  Inputs  and  outputs.  Allowing 
this  Interaction  presents  a  much  more  conservative  design  challenge  and  consequently  the 
design  was  unable  to  attain  acceptable  performance.  It  should  be  noted  that  only  the  real  part 
of  the  worst-case  uncertainties  are  shown  above,  however,  in  this  case  the  imaginary  parts  were 
negligible. 


As  a  final  check  on  performance  of  the  p  controller,  a  nonlinear  simulation  response  of  the 
system  is  shown  in  Figure  (10) .  The  autopilot  was  commanded  to  develop  a  25g  acceleration 
response,  and  as  expected  the  controller  performs  very  well. 

9.0  SUMMARY 


Design  for  robust  performance  and  stability  requires,  at  a  minimus,  that  the  designer: 

1.  define  a  nominal  model  of  the  plant  to  be  controlled, 

2.  define  an  uncertainty  structure  to  characterize  a  family  of  plants  in  which  it  is  an¬ 
ticipated  that  the  real  plant  resides,  and 

3.  express  performance  goals  with  normalized  exogenous  inputs  and  frequency  weighted  errors. 

'Jse  of  a  synthesis  procedure,  such  as  p-synthesis,  which  preserves  the  structural  relationship 
between  uncertainties  and  performance  elements,  in  the  interconnection  structure,  is  essential. 
Failure  to  account  for  this  structured  relationship  may  lead  to  overly  conservative  specifica¬ 
tions  and  poor  designs. 
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Figure  3.  Tail-Conirolled  Missile  Problem 


Figure  H.  Structured  Uncertainty  Model 
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Figure  5.  Ijnmodelted  Flexible  Mode 
Dynamics  and  Weighting  Function 


Figure  B.  Interconnection  Structure  Input/Output  Diagram 
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Summary 

Midcourse  Guidance  Techniques  can  significantly  improve  operational  aspects  as  well 
as  overall  performance  of  tactical  missile  systems.  Operational  requirements  such  as 
conformal  carriage  in  case  of  air-to-air-missiles  or  canister  launch  in  case  of 
ship-based  systems  can  only  be  met  by  a  lock-after-laur.ch  capability  of  the  guidance 
system.  On  the  other  hand,  seeker  acquisition  ranges  may  not  be  able  to  match  the  kine¬ 
matic  capabilities  of  the  missile  for  a  variety  of  reasons  which  may  include  adverse 
weather  conditions  and  counter-measures. 

The  paper  addresses  a  number  of  operational  aspects  relevant  to  the  design  of 
midcourse  guidance  systems  and  the  essential  prerequisites  for  their  application.  Basic 
options  of  midcourse  guid  le,  such  as  pure  inertial,  updated  inertial  and  aided  inertial 
as  well  as  the  fundaro<  ••  •!  elements  including  inertial  navigation  and  target  prediction 
are  discussed.  Proper  nlisation  and  alignment  of  the  guidance  and  navigation  system 
are  presented  as  fur*-''--  '/.< }  issues.  The  alignment  problem  is  defined  and  a  number  of 
methods  to  achieve  ad-  alignment  are  described. 

The  paper  conclude-  with  a  review  of  different  techniques  for  the  performance 
assessment  and  the  most  .r jortant  performance  criteria  for  handover  from  midcourse  to 
terminal  guidance. 


1.  INTRODUCTION 
1 . 1  Background 

Most  of  the  missile  systems  which  are  currently  in  service  and  which  became 
operational  in  the  70's  and  early  80' s  rely  on  lock-before  launch  or  require  target  radar 
illumination  during  the  full  flight  time  or  at  least  a  significant  part  of  it.  Among  the 
few  exceptions  are  long-range  missiles  such  as  sea-skimmers  which  make  use  of  inertial 
midcourse  guidance  techniques  during  most  of  the  flight  before  active  radar  homing  takes 
place  in  the  terminal  flight  phase. 

The  operational  requirements  for  advanced  missile  systems  which  are  now  in  various 
development  phases  ranging  between  feasibility  and  full  scale  development  ask  however  for 
features  3uch  as 

-  fire  and  forget  or  launch  and  leave  in  connection  with  long  firing  ranges 

-  the  simultaneous  engagement  of  several  targets 

-  the  capability  to  cope  with  natural  or  man  made  obstacles  temporarily 
obstructing  the  line  of  sight 

-  the  capability  to  acquire  and  track  targets  with  very  small  Radar  or 
IR-signatures  in  connection  with  various  countermeasures. 


Inertial  guidance  techniques  are  very  useful  to  support  technical  solutions  to  meet 
these  requirements.  The  basic  technologies  of  inertial  guidance  are  known  since  World 
war  II  and  have  been  reviewed  in  several  papers  and  publications  (/l/  to  /4/) .  However, 
for  many  years  the  hardware  realization  of  inertial  guidance  was  expensive  and  required 
significant  mass  and  volume,  which  was  prohibitive  for  relatively  small  tactical  mis¬ 
siles.  An  overview  of  the  technology  available  in  the  early  60' s  is  presented  in  /5/. 

This  situation  has  changed  drastically  since  strapdown  inertial  systems  aie  avai¬ 
lable  (/ 6/,  /7/) .  Advanced  sensor  technologies  in  connection  with  highly  integrated 
digital  electronics  allow  the  construction  of  cost-effective  Inertial  Navigation  Units 
(INU)  within  the  mass  and  volume  constraints  of  even  small  tactical  missiles.  The  perfor¬ 
mance  of  these  INU's  is  however  only  partly  determined  by  the  accuracy  cf  the  inertial 
sensors  and  the  associated  signal  processing.  Other  important  design  parameters  are  the 
methods  used  to  align  and  to  aid  the  INU.  There  is  a  variety  of  possibilities  to  aid  the 
INU  which  may  include  the  usage  of  the  radar  of  the  launch  vehicle,  the  determination  of 
position  fixes  using  image  processing  or  satellite  navigation  techniques  (GPS) .  Finally, 
the  design  of  the  INU  is  a  trade-off  between  the  accuracy  of  the  sensors  and  the  signal 
processing,  the  alignment  and  the  aiding  techniques  used.  Fig.  1.1  shows  the  basic  INU 
definition  chosen  for  this  paper. 
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Fig.  1.1  Definition  of  a  Missile  INU 


1.2  Operational  Aspects 

Whilst  the  actual  implementation  of  a  midcourse  guidance  system  is  very  much  depen¬ 
dent  on  the  special  application,  there  are  a  number  of  common  fundamental  operational 
aspects  which  must  be  considered  in  the  early  design  stage  of  every  project. 

-  Successful  use  of  midcourse  guidance  depends  on  the  capability  of  target  detection 
and  identification  typically  over  a  range  which  is  significantly  longer  than  the 
acquisition  range  of  the  missile  seeker.  The  detection  range  itself,  the  angular 
accuracy  of  the  line-of-sight  (LOS)  measurements  and  the  data  which  can  be  provided 
by  the  target  acquisition  system  are  of  crucial  importance  for  the  design. 

In  cases  where  active  Radars  are  used  for  target  detection  (valid  for  roost 
applications)  che  data  in  general  include  range  and  bearing  (azimuth  and  elevation) 
measurements.  Additionally  the  radar  signal  processing  may  provide  estimates  of  the 
LOS-rate,  the  targat  velocity  vector  or  even  estimates  of  target  acceleration. 

however,  r.idcourse  guioance  techniques  may  also  be  of  interest  in  cases  where 
tha  target  can  only  be  detected  by  passive  means,  e.g.  Radar  Warning  Receivers 
(RWR)  or  Forward  Looking  Infra-Red  (FLIR) -Systems.  Measured  range  data  cannot  be 
provided  by  these  sensors,  however  it  may  be  possible  to  generate  range  estimates 
for  certain  engagement  conditions,  if  the  sensor  offers  sufficient  pointing  accu¬ 
racy  and  resolution. 


-  Midcourse  guidance  is  always  based  on  an  INU  on  board  the  missile.  This  leads  to 
the  requirement  to  transfer  target  designation  data  from  the  launch  vehicle  to  the 
missile  and  to  initialize  the  missile  INU  properly.  Therefore  the  angular  orien¬ 
tation  of  the  Inertial  Measurement  Unit  (IMU)  of  the  missile  with  respect  to  the 
reference  system  of  the  launch  vehicle  must  be  known  or  determined  by  a  process 
called  alignment. 

In  case  of  ground  Lased  systems,  where  the  missiles  are  stored  in  fixed  contai¬ 
ners,  it  is  possible  to  complete  this  alig.  ment  process  at  any  time  after  missile 
installation  and  to  store  the  transformation  matrices  within  the  INU.  The  alignment 
process  may  be  more  complicated  in  cases  where  the  missile  is  launched  from  a 
moving  vehicle  like  an  aircraft  or  ship.  Vehicles  are  normally  subjected  to 
structural  deformations  caused  by  maneuver  loads  and  environmental  effects  and 
therefore  it  may  be  necessary  to  execute  a  fast  "dynamic"  alignment  immediately 
before  missile  launch. 

The  accuracy  which  can  be  obtained  as  a  result  of  the  alignment  process  for  a 
given  time  depends  heavily  on  the  motion  of  the  vehicle  -  which  influences  the 
observability  of  the  misalignment  angles  -  ,the  vibration  levels  and  the  quality  of 
the  inertial  sensors.  The  alignment  method  is  therefore  closely  related  to  the 
overall  performance  requirements  (e.g.  missile  reaction  time)  and  to  the  total 
error  budget  of  the  INU. 


-  The  necessity  of  data  links  between  the  target  detection  and  tracking  device  and 
tne  missile  depends  on  one  duration  of  midcourse  guidance  and  the  agility  of  the 
target.  For  short  guidance  times  or  stationary  targets  it  is  possible  to  rely  on 
pure  inertial  guidance  which  is  fully  compatible  with  the  operational  requirement 
for  "fire  and  forget".  In  case  of  stationary  targets  and  longer  midcourse  guidance 
phases  (in  the  order  of  a  minute)  it  can  be  advantageous  and  cost-effective  to  up¬ 
date  the  INU  by  position  data  obtained  by  independent  sensors.  This  may  be  a  GPS 
(Global  Positioning  System)  receiver  which  allows  frequent  and  accurate  position 
fixes  or  an  imaging  sensor,  which  determines  the  deviation  of  landmarks  from  their 
INU  computed  location  by  passive  (preferably)  or  active  means. 
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For  agile  targets  and  longer  midcourse  guidance  phases  it  is  inevitable  to  up¬ 
date  the  target  position  in  order  to  guide  the  missile  into  a  reasonable  acquisi¬ 
tion  basket  for  terminal  homing.  This  requires  a  data  link  between  the  missile  and 
the  target  tracker.  The  moderate  update  rate  requirements  (in  the  order  of  1  Hz  or 
less)  allow  still  the  engagement  of  multiple  targets.  If  a  data  link  exists,  it  can 
also  be  used  to  aid  the  missile  INU  and  to  remove  residual  alignment  errors.  How¬ 
ever,  it  should  be  observed  that  in  this  case  the  guidance  system  is  no  longer  com¬ 
pletely  autonomous. 

The  typical  flight  phases  of  the  missile  are  shown  in  Fig.  1.2.  The  missile  can  be 
launched  after  proper  alignment  and  initialisation.  The  launch  phase  is  finished  when  a 
safe  separation  from  the  launch  vehicle  is  achieved  and  the  guidance  commands  can  be 
applied.  The  major  optimization  criteria  for  the  midcourse  guidance  laws  aim  at  favour¬ 
able  conditions  for  seeker  lock-on  (handover)  and  terminal  guidance  (zero  effort  miss). 
Finally  small  missdistance  and  high  lethality  are  the  performance  criteria  to  be  met  by 
the  terminal  guidance  system. 


Fig.  1.2  Typical  Missile  Flight  Phases  and  Optimization  Criteria 


2.  MIDCOURSE  GUIDANCE  TECHNIQUES 
2 . 1  General  Requirements 

As  indicated  in  Fig.  1.2  the  general  objective  for  the  midcourse  guidance  phase  is 
to  optimize  the  hand-over  conditions  for  the  seeker  guided  terminal  phase.  These  are 
strongly  influenced  by  the  operational  scenario  and  the  seeker  design,  i.e.  as  an  example 
they  will  be  much  different  for  an  anti-radiation  missile,  for  a  radar-guided  anti-sea- 
skimmer  missile  ore  an  IR-guided  short-range  air-to-air-missile.  However,  in  practice  the 
desired  handover  conditions  are  degraded  by  two  error  groups  which  can  be  summarized  as 
follows: 

navigation  dependent  errors, 

In  general,  the  navigation  errors  are  under  the  responsibility  and  the  control  of 
the  missile  guidance  system  design  authority.  They  include  attitude,  velocity  and 
position  errors.  Attitude  and  position  errors  have  an  impact  on  the  seeker 
field-of-view  (FOV)  requirements  during  acquisition.  In  case  of  radar  seekers  velo¬ 
city  errors  contribute  to  errors  of  the  expected  Doppler  frequency  and  may  increase 
acquisition  time  as  the  consequence.  These  errors  should  not  contribute  in  a  signi¬ 
ficant  way  to  the  line-of-sight  error  due  to  the  target  uncertainty  in  position  and 
velocity. 


Scenario  dependent  errors. 

These  errors  are  usually  specified  parameters  for  the  missile  dt  gner.  They  in¬ 
clude  errors  of  the  fire  control  or  target  designation  system  and  the  target  maneu¬ 
ver  uncertainty  They  depend  also  on  the  availability  of  a  data  link  from  the 
launch  vehicle  to  the  missile. 

The  effects  of  these  errors  can  be  judged  by  two  criteria  which  are  of  major  importance 
for  the  design  of  the  guidance  system. 

The  seeker  error  angle  as  shown  in  a  simple  sketch  in  Fig.  2.1  is  a  measure  of  the 
required  seeker  FOV  at  lock-on.  It  depends  obviously  not  only  on  the  missile  atti¬ 
tude  error  but  additionally  on  the  cross-range  position  error  and  the  seeker 
acquisition  range  R  which  is  strongly  influenced  by  the  scenario. 
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Fig.  2.1  Definition  of  seeker  Error  Angle 


zero-effort-miss  is  an  indicator  of  the  overall  performance  of  the  midcourse  gui¬ 
dance  system  and  a  measure  for  the  terminal  maneuver  requirements,  necessary  to 
reduce  miss-distance  down  to  acceptable  levels  for  the  endgame,  zero-effort-miss  is 
defined  as  the  miss-distance  which  must  be  expected  when  target  and  missile 
continue  their  flight  path  after  lock-on  without  any  maneuver.  Following  the  defi¬ 
nitions  of  Fig.  2.2  zero-effort-miss  is  defined  by 


(2.1) 


where  the  relative  velocity  is  given  by 

*r  "  *T  “  ^ 
and  the  LOS-rate  by 

•  ^KT  x  2r 

o  ~ — rr~ 


(2.2) 


(2.3) 


Fig.  2.2  Missile-Target  Relative  Geometry 


2.2  CMldange.-.Qp.tlsng.  and  ?rlngjpi?g 

2.2.1  Basic  Options 

A  number  of  guidance  options  are  available  dependent  on  the  information  supplied 
prelaunch  or  after  launch.  These  options  may  be  categorized  in  the  following  groupings: 

-  Pure  inertial  guidance. 

The  target  information  i3  only  supplied  up  to  the  instant  of  missile  launch  and  no 
data  link  exists  during  the  remainder  of  the  flight.  This  approach  meets  the  "fire 
and  forget"  requirement.  However,  it  is  only  app.1  liable  for  stationary  targets  or 
short  flight  times  in  case  of  maneuvering  targets. 

The  latter  case  puts  also  challenging  requirements  on  the  seeker  design  as  the 
target  uncertainty  can  only  be  overcome  by  large  f ields-of-view  (FOV) ,  long  acqui¬ 
sition  ranges  and  short  acquisition  times.  On  the  other  hand,  if  the  target  uncert¬ 
ainty  becomes  the  dominant  error  it  may  be  possible  to  get  away  with  fairly  simple 
in-flight  alignment  procedures  (see  Section  3)  and  possibly  low  grade  inertial  sen¬ 
sors. 


******  fr ..wag 
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-  Updated  inertial-  guidance. 

The  midcourse  guidance  system  is  updated  in  regular  intervals  with  respect  to  the  i 

target  state,  i.e.  target  position,  velocity  or  even  acceleration.  Therefore  the  ,* 

target  uncertainty  is  limited  to  much  lower  values  which  obviously  depend  on  the  , 

update  rate  and  the  measurement  accuracy  of  the  target  tracking  system.  On  the  i 

other  hand  this  is  no  longer  a  "fire  and  forget"  approach  as  an  ongoing  tracking  of  f 

(multiple)  targets  and  a  data  link  is  necessary.  A  medium  to  high  grade  inertial 
sensor  package  and  proper  in-flight  alignment  is  required  in  order  to  match  the 
reduced  level  of  target  uncertainty. 

-  Aided  inertial  guidance. 

In  addition  to  the  target  state  the  data  link  provides  information  on  the  actual 
missile  position,  i.e.  the  radar  has  to  track  the  target  and  the  own  missile  simul¬ 
taneously  which  leads  to  a  further  increase  of  the  tracking  system  load.  However, 
this  method  offers  a  number  of  advantages  which  may  be  quite  attractive  from  an 
overall  systems  point  of  view. 

Firstly,  the  need  for  an  accurate  preflight  alignment  of  the  missile  INU  can  be 
abandoned.  As  the  target  and  the  missile  are  tracked  by  the  same  system,  it  is  pos¬ 
sible  to  estimate  and  to  remove  the  initial  alignment  error  successfully  as  vill  be 
shown  later  (Section  2.2.5).  This  can  lead  to  significant  reductions  in  reaction 
time. 

Secondly,  a  continuous  update  of  target  position  allows  the  use  of  medium  grade 
inertial  sensors  as  the  guidance  system  relies  on  inertial  guidance  only  during  the 
relatively  short  update  intervals  on  inertial  guidance. 

Thirdly,  as  the  target  and  the  own  missile  position  are  well  known,  it  may  be 
possible  to  reduce  the  seeker  requirements  with  respect  to  FOV  and  acquisition 
range.  This  can  be  crucial  for  an  employment  of  the  system  in  adverse  conditions. 


2.2.2  Elements  of  Midcourse  Guidance 

A  general  block  diagram  of  an  overall  missile  guidance  system  including  midcourse 
guidance  functions  is  shown  in  Fig.  2.3.  The  lower  part  of  the  block  diagram  shows  the 
basic  functions  of  seeker  guided  missiles.  There  is  a  large  variety  of  practical  realiza¬ 
tions  ranging  from  infra-red  missiles  to  radar  missiles  with  passive  and  active  seekers 
which  shall  not  be  addressed  in  this  paper.  As  a  common  aspect  of  all  these  designs,  the 
midcourse  guidance  system  leads  to  a  significant  extension  of  the  operational 
capabilities  of  the  missile  in  situations  where  the  seeker  is  not  able  to  acquire  or  to 
track  a  target.  It  is  therefore  quite  evident,  that  the  INU  has  to  fit  into  the  overall 
guidance  concept  and  to  provide  predicted  guidance  information  when  no  seeker  track  is 
available.  In  this  function  the  INU  provides  the  necessary  inputs  to  guide  the  missile  as 
well  as  the  seeker  control  demands. 


Fig.  2.3  General  Guidance  System  Block  Diagram 
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There  are  three  major  functional  blocks  within  the  missile  INU  (Fig.  2.3)  which  can 
be  characterized  as  the  Target  prediction  Block,  the  Inertial  Navigation  Block  and  the 
Inertial  Measurement  Unit  (IMU). 

The  guidance  laws  used  during  the  midcourse  phase  are  specially  designed  for  each 
application.  For  example  in  one  case  it  may  be  required  to  apply  an  altitude  hold  mode  in 
the  vertical  plane  and  pursuit  guidance  in  the  horizontal  plane.  In  others  it  may  be 
desirable  to  carry  out  a  pop-up  maneuver  in  the  vertical  plane  or  to  use  an  optimal 
guidance  law  in  both  steering  axes. 

In  the  following  sections  the  basic  elements  which  provide  the  necessary  informa¬ 
tion  for  midcourse  guidance  will  be  discussed  and  no  attempt  will  be  made  to  review  the 
broad  variety  of  possible  guidance  laws  (e.g.  /8/).  These  basic  elements  considered  to  be 
essential  for  midcourse  guidance  are  the  information  about 

-  the  own  attitude,  acceleration,  velocity  and  position 

-  the  predicted  target  acceleration,  velocity  and  position. 

Based  on  that  information  it  is  straightforward  to  derive  range,  range-rate 
(closing  velocity),  sightline  spin  and  LOS-direction  with  respect  to  the  missile  (i.e. 
the  seeker  look  angle  demands) . 

In  general  it  shall  be  assumed  that  the  target  tracking  system  is  able  to  provide 
at  least  up  to  the  instant  of  launch  the  following  information  with  respect  to  a  refe¬ 
rence  frame: 

-  LOS  direction  in  space 

-  LOS  rate 

-  Range  and  range  rate 

-  Target  acceleration. 


In  most  airborne,  shipborne  or  ground-based  tactical  air-defense  systems  the 
target  is  detected  and  allocated  with  respect  to  a  tangent  frame,  which  is  defined  as  an 
earth-fixed  frame,  aligned  with  a  geographic  frame  at  a  fixed  location  on  the  earth, 
usually  the  missile  launch  point  (/9/) .  The  geographic  frame  is  aligned  with  the  north, 
east  and  down  directions. 

The  problems  of  target  tracking  which  are  closely  related  to  target  prediction  and 
state  estimation  have  been  discussed  extensively  in  the  literature  (e.g.  /10/  to  /13/) . 
It  should  be  noted  that  it  is  not  always  possible  to  generate  the  complete  set  of  infor¬ 
mation;  e.g.  if  the  target  tracking  system  does  not  provide  range  data,  there  is  no  way 
to  predict  target  range  during  midcourse.  In  cases  where  the  information  provided  by  the 
tracking  system  is  incomplete,  it  is  necessary  to  replace  the  missing  data  by  reasonable 
assumptions.  This,  however,  can  lead  to  a  significant  degradation  of  the  target  predic¬ 
tion  accuracy  after  launch.  The  target  tracking  system  is  therefore  an  important  and 
limiting  factor  of  midcourse  guidance. 


2.2.3  Target  Prediction 

In  general  target  track  data  are  provided  in  spherical  coordinates  (see  Fig.  2.4), 
i.e.  the  LOS-frame  (1) .  These  data  can  be  processed  for  target  prediction  in  two  differ¬ 
ent  ways 

-  The  range  data  and  derivatives  (R,  R,  R)  and  the  sightline  spin  data  and  derivati¬ 
ves  (q  ,  q  ,  r  ,  r  )  can  be  converted  to  equivalent  data  in  the  rectangular 
tangent  frame."  The  flight  path  is  then  predicted  in  the  tangent  frame.  This  may 
offer  the  opportunity  to  make  better  use  of  some  known  a-priori  information  on  the 
target  characteristics.  „  (north; 
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-  Target  prediction  is  continued  in  the  LOS-system,  where  the  motion  of  the  missile 
after  launch  is  taken  into  account. 

The  target  prediction  algorithm  is  highly  nonlinear  in  both  cases  and  must  be  initialized 
before  missile  launch.  It  may  be  updated  via  the  data  link.  The  algorithm  itself  depends 
on  the  type  of  target  (e.g.  aircraft,  missile,  ship,  tank)  and  has  to  be  adapted  in 
accordance  with  the  data  available  from  the  fire  control  system. 

The  problem  is  illustrated  in  Fig.  2.5  where  an  estimated  target  position  at  time 
t  =  t  (launch)  has  to  be  predicted  for  t  -  t  .,  This  can  be  achieved  by  extrapolating  a 
kinema°tic  model  of  the  target.  For  example,  the  kinematic  equations  can  be  formulated 
with  respect  to  a  path-fixed  frame  (superscript  k) 


% +  s4  *  4  -  4 


(2.4) 


where  the  target  acceleration  is  modeled  as  a  first  order  stochastic  process  with  known 
variance  v 

d4  k 

dt  "  ^T  ^T  +  ^T 


(2.5) 


The  target  velocity  vector  is  then  transformed  to  a  reference  frame  t 


-np  i=k 

and  position  is  determined  by  integration 
t„ 


4  =  I  4  dt  +  &r  <V 


(2.6) 


(2.7) 


Fig.  2.5  Uncertainties  of  Target  Prediction 
The  following  definitions  are  used  in  Eqs.  (2.4  to  2.6) 


=  (VT,  0,  0) 


(2.8) 


^ik  -  <-y*  'X' 


£k 


ct  cx;  _sx;  sr  cx 
cr  3x]  cx; 


0  : 


'TJ 


(2.9) 


(2.10) 


with  s^.  =  sin^,  °j-  =  cos  Y-  eto- 

Eqs.  (2.4)  to  (2.7)  can  be  combine^  to  a  nonlinear,  time-variant  9th-order  state 
equation,  which  can  be  used  to  predict  •  target  position.  As  the  missile  position  B  H 
and  velocity  2  is  known  from  the  navigation  calculations,  it  is  possible  to  determine 
the  relative  geometry  and  the  necessary  guidance  and  seeker  pointing  demands. 
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The  LOS  rate  is  given  in  the  tangent  frame  by  -S 

“m-  <4  x  J&>/l4pl‘  {2-n)  ! 

4 

where  the  LOS  and  relative  velocity  are  defined  by  ‘ 

4r  “  4  ‘  Bm  (2-12> 

and 

^MT  =  ~  — M  (2.13) 

The  direction  cosine-matrix  (DCM)  C  *,  computed  by  the  ^ navigation  algorithms  (Section 
2.2.4)  is  then  used  to  transform  the'  LOS-unity  vector  R™,  and  the  LOS-rate  to  missile 
body  axes  (superscript  s)  ni 

-  LS  =  ^t-LS  (2*14) 

^MT  "  -t  ®MT  (2.15) 


where  they  are  required  to  determine  the  guidance  demands.  The  look  angle  demands  of  the 
seeker  can  be  calculated  from  the  LOS  unity  vector 


(2.16) 


where  £*  is  defined  as  the  LOS  to  missile  body  DCM  (see  Eq.  2.27). 
The  cartesian  look  angles  are  obtained  from 


Xy  =  sin  ’  <4(Z) 


(2.17) 


tan 


(2.18) 


Alternatively  it  may  be  appropriate  to  predict  the  relative  geometry  directly,  due 
to  the  fact  that  target  measurements  are  usually  provided  in  relative  LOS-coordinates.  To 
predict  the  lir.e-of-sight  (see  Fig.  2.2)  we  use  the  2nd  derivative  of  the  LOS-vector 


dt'  ®MT|i  =  ®T-^M  =  dt1  ®MT|1  +  ^il  x  ®MT  +  2*-il  x  dt  ^Tll*  +— il  x  *-il  x  ^MT* 


19) 


where  |i  denotes  the  derivative  with  respect  to  the  inertial  frame  and  |1  with  respect  to 
the  LOS-frame,  a  the  missile  acceleration,  and  w  =  (P..<  q,./  r  )  defines  the 
angular  rate  vector  of  the  LOS  with  respect  to  the  LOS-frame.  1 


If  Eq.  (2.19)  ,  is  resolved  into  its  components  with  respect  to  the  pointing  system, 

we  obtain  with  R^  <=  (R^,  0,  0) 


ha  * 


Tx 


4  +  ha  <qii  +  rA> 


qil  “  Rjjj,  (aT2  “  aMz  +  2qil  +  Pil  ril  (2.20) 

ril  =  R^  (aTy  "  aMy  ‘  2ril  4*  ~  pil  qil 

Eq.  (2.20)  and  the  target  model  (2.5)  can  be  combined  to  form  a  nonlinear,  time-variant 
state  equation 


4 

1 

aTy 

a«. 

at 

£ 

<2 

RMT 

= 

0 

0 

0 

0 

1 

0 

0 

K  + 

0 

• 

rmt 

1 

0 

0 

(qil+ril) 

0 

0 

0 

"4 

qil 

0 

0 

“1/rht 

0 

0 

-Vtgo 

Pil 

aMz/RMT 

.  ril  . 

0 

0 

0 

0 

-pil 

-2/tgo 

."aMy/RMT 
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In  the  state  equation  (2.21)  the  following  definition  is  used  for  tho  time-to-go 

and  the  LOS-roll  rate  pil  is  obtained  from 

5S  il  "  4»is  +  *-’sl 
where 

“L  -  <Pis'  qis>  ris> 


(2.22) 


(2.23) 

(2.24) 


is  the  measured  angular  rate  of  the  missile  and  W  ,  is  the  relative  rotation  rate  of  the 
LOS  with  respect  to  the  missile,  given  by  ” 

a  si  “  <-sly  X2,  Xy'  cly  X  z>  (2‘25) 


From  Eqs.  (2.23)  through  (2.25)  we  obtain 


pil  =  Cly  <pis  clz  +  qi 


'  ril  sly> 


with  sly  *  sin  (  \y),  cly  =■  cos  (Xy)  etc. 


The  transformation  matrix 


clz  cly 

cly  slz 

_siy 

s 

'slz 

clz 

0 

.  siy  ciz 

sly  slz 

ciy  . 

which  is  also  required  to  transform  the  measured  missile  acceleration 


(2.26) 


(2.27) 


a1  =  c1  3s 
as  — S 


(2.28) 


must  be  initialized  properly  at  missile  launch,  c*  can  be  updated  by  directly 
integrating  the  look  angle  rates 

Xytf)  -  f (qu  +  Pis  slz  -  qis  clz)  dt  +  Xy  (t=0) 


.(t)  = 


<ril-Pis  clz  slv  ~  qslz  slv  -  rclv>  +  X 


'iy 


dt  +  Az  (t=0' 


(2.29) 


which  can  also  be  considered  as  an  augmentation  of  the  state  vector  of  Eq.  (2.21).  Eqs. 
(2.21),  (2.26),  (2.28),  and  (2.29)  form  a  highly  nonlinear  set  of  9  state  equations 

X(t)  =  &<X(t),t) 

which  can  be  used  to  predict  all  relevant  guidance  parameters. 


2.2.4  Inertial  Navigation 

The  missile  navigates  with  respect  to  a  tangent  frame  which  is  an  earth-fixed  frame 
with  its  origin  typically  at  the  missile  launch  point.  By  definition  it  rotates  with  an 
angular  rate  identical  to  the  earth  rate  with  respect  to  inertial  axes.  In  contrast  to 
the  local  geographic  frame  used  in  many  applications  of  terrestrial  navigation,  the  an¬ 
gular  rate  resulting  from  vehicle  motion  is  not  involved  in  Lise  isaviyatioii  algorithms. 
The  x-axis  of  the  tangent  frame  may  be  north  oriented,  but  other  orientations  given  by 
the  target  system  (e.g.  towards  the  LOS)  may  be  possible  as  well. 

A  block  diagram  of  the  navigation  system  is  s.iown  in  Fig.  2.6.  The  specific  force 
vector  in  coordinates  of  the  tangent  frame  (/9/)  is  given  by 


£**  fii  r1  -  2fc 


(2.30) 


si » v ifort  iti : U' J.  k.  ■  "fib-  ' 
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where  S  iA  the  gravity  acceleration  at  the  missile  position,  resolved  in  tangent  frame 
axes  and  x  1  is  the  missile  position  vector  with  respect  to  an  earth-centered,  inertial 
frime.  The  velocity  with  respect  to  the  tangent  frame  can  be  defined  as 

vfc  i  (2.3i) 


The  specific  force  vector  can  then  be  expressed  as 

t*  -  vfc  +  2flie  X*  -  gC  ,  (2.32) 


where  fl  *  is  the  skew-symmetric  rotation  matrix  (L  =  geographic  latitude  at  origin  of 
tangent  plane, w^e  “  angular  rate  of  the  earth)  0 


0 

:  u> . 

.  ie 

sin 

Lo 

0 

~L0.  sin  L 
le  o 

:  0 

-w.  COS  L 
ie  o 

0 

:  <*> . 
le 

cos 

Lo 

0 

and 


“ie 


2t“£t-£i  Qieflie^ 


(2.33) 


(2.34) 


which  combines  the  effects  of  gravity  and  centrifugal  acceleration.  (Eq.  2.34)  depends 
only  on  the  actual  location  of  the  missile  and  can  be  simplified  for  a  homogenous, 
spherical  earth  and  a  north-oriented  tangent  frame  to 


(r£  +  h)* 


-AL 

— Al  COS  L_ 

o 

1 


(2.35) 


It  should  be  noted  that  the  direction  of  the  gravity  vector  changes  in 
t-coordinates  during  flight  and  A  L,  a  1  are  the  (small)  changes  in  terrestria1  latitude 
and  longitude  respectively. 


Fig.  2.6  Strapdown  Navigation  in  "’..ngent-Frame  Coordinates 

The  most  important  issue  in  strapdown  navigation  is  the  determination  of  the 
transformation  matrix  £  ,  which  converts  the  acceleration  measurements  from  sensor  axes 
(s)  to  the  tangent  frame.*  Different  methods  have  been  investigated  with  respect  to 
numerical  efficiency  and  accuracy  when  strapdown  navigation  became  a  feasible  technology 
(e.g.  /14/ ,  /15/,  /16/,  /17/) .  As  a  standard  method  the  quaternion  updating  algorithm 
shall  be  summarized  briefly. 

A  quaternion  is  defined  as  a  seal,  r  q  and  a  vector  with  orthogonal  components 
Q-q0  +  <J,i+q2j  +  qjIS 


(2.36) 
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The  elements  of  the  quaternion  are  initialized  with  the  Euler  angles  V  ,  e  ,  <p  at  launch 
q_  «  cos  cos  f1-  cos  +  sin  sin  sin 


q  (  »  cos  ;p  cos  I4-  sin  ^  -  sin  sin  cos  &- 


»  cos  sin  f^-  cos  +  sin  cos  sin  $*- 


q  s  »  sin  :j—  cos  cos  -  cos  ^  sin  ^  sin 


and  updated  during  flight  based  on  the  quaternion  differential  equation 


where  to*  •»  (p  ,  q  ,  r  )is  the  body  rate  vector  in  sensor  axes  with  respect  to  the 
tangent  “frame.**  “  “ 

In  cases  where  the  rotation  rate  of  the  tangent  frame  must  be  taken  into  account 
yts^is-^it  - 
Eq.  (2.38)  can  be  modified  to 


q„  -q,  q 


Si.  "f 


q,  q  2  q, 


o  ^3  *2  I  Sl  I  qo  q3  q2 


-q2  *,  q< 


-q3  qo  *1 

q2  -q,  qo 


where  is  a  constant  vector  for  a  riven  launch  latitude  L  ^ 

CO  ^  **  (“ie  cos  Lo'  °'  "uie  sl-‘  Lo)  (2.40) 

As  strapdown  inertial  systems  are  implemented  in  discrete  time,  it  is  necessary  to 
develop  discrete  time  versions  of  Eq.  (2.39).  For  this  purpose,  it  is  a  common  approach 
to  expand  the  quaternions  and  the  measured  angular  increments  into  power  series  (Taylor’s 
series) 

Sm  ”  3k +  T  3k  +  -r  Jk  +f5,3k  +  •••  <2-41> 

♦«.w  “  T  pk  +T  K  +f  Pfc  +  —  <2-42> 

where  T  denotes  the  integration  step  size  between  the  sampling  intervals  k  and  k+1,  and 
the  an9ular  increment  in  roll.  Similar  equations  as  Eq.  (2.42)  hold  for  the  angu¬ 
lar  increments  in  pitch  d  and  yaw  d  ...  «  third  order  discrete  time  algorithm  for 

the  quaternions  can  be  (feVlved  from  E§8.  (2.41)  and  (2.42)  which  is  only  based  on  the 
angular  increments.  The  first  element  of  the  quaternion  can  then  be  expressed  as  (e.g. 
/18/) 
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48 


24 


(2.43) 


with  the  sum  of  the  squared  angular  increments 


<P\ 


»,k»1 


<*» 

^x.k*! 


+  <P\ 


y,k*1 


+ 


Similar  expressions  as  Eq.  (2.43)  are  obtained  for  q  ,  q  and  q  .  It  should  be  noted  that 
the  application  of  Eq.  (2.43)  (which  is  based  on  Eq.  2.42)  as  Well  as  the  direct  trans¬ 
formation  of  the  measured  acceleration  to  the  navigation  frame  is  limited  in  a  strict 
sense  to  situations,  where  both  the  acceleration  vector  and  the  rotation  vector  retain 
their  -irection  in  space  during  an  integration  interval.  Especially  in  the  case  of  non- 
rigid,  vibrating  vehicles  this  will  not  be  really  true.  On  the  other  hand,  the  navigation 
accuracy  requirements  of  tactical  missiles  are  much  less  demanding  than  those  of  high 
precision  navigation  systems  and,  in  addition,  today's  advanced  signal  processor  systems 
allow  high  iteration  rates.  Nevertheless,  the  algorithm  drift  induced  by  computational 
simplifications  must  be  checked  carefully  and  assessed  properly  within  the  overall  error 
budget.  This  may  require  certain  algorithm  refinements. 

The  relationship  between  the  quaternion  elements  and  the  direction  cosine  matrix  is  given 
by 


_  ?  ,  _  2  2  2  | 
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1 

2  (q  2  q  3 

’  q,  ■ 

-  «.<*,> 

„  2  ,  _  2 
q2  +  q3j 

(2.44) 

The  actual  Euler  angles  can  then  be  extracted  form  the  Ct-DCH  as 


=  tan  " 


«.ii 


2(q,q;+qoqs) 

„  2,  „  2  „  2  „  2 
q  „+q  ,-1  j-q  3 


6  »  -sin-’  C  ‘ M  =  2  (qoqrq3q,) 


(2.45) 


<t>  =  tan  ' 


CL  „  2(q;q  ,+q  Bq,) 

C  ‘  q  2-q  2-q  2+q  2 

*,33  4  o  4  i  4  2  4  3 


In  the  practical  application  of  the  quaternion  update  algorithm,  orthogonality  and  norma¬ 
lization  errors  appear  in  the  £  -DCM  and  the  quaternions.  They  are  usually  corrected  in 
regular  intervals  using  the  *  equations 


Sc  -  S  +  f  £  U-£  £) 

which  removes  the  orthonormalization  errors  from  the  DCM,  and 

C  =  C  ~  0  (1-00*' 
xc  x  2  1 

which  removes  the  quaternion  normalization  error  |aQ|  using 


(2.46) 


(2.47) 


and 
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q  ,i  -  q  2j  -  q  J  JS 
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Referring  to  Fig.  2.6  it  can  be  summarized  that  the  navigation  calculations  can  be  per¬ 
formed  through  the  following  steps: 

1.  The  direction  cosine  matrix  from  the  sensor  (s) -frame  to  the  tangent  frame  is 
computed  using  the  body  fixed  angular  rate  measurements  provided  in  the 
(s) -frame.  If  required,  these  may  be  compensated  by  the  earth-rate  components 
(in  some  practical  applications  these  are  not  important) . 

2.  The  specific  force  measurements,  carried  out  in  the  sensor-frame,  are  trans¬ 
formed  to  the  tangent  frame  via  the  £ j-DCM 

3.  The  gravity  contributions  (Eq.  (2.34))  to  the  specific  force  measurements  (Eq. 
2.32)  are  removed. 

4.  The  Coriolis  accelerations  (see  Eq.  2.32))  due  to  the  rotating  t-frame  are  com¬ 
pensated,  if  necessary.  The  typical  contribution  is  about  10  mg. 

5.  Velocity  and  position  are  obtained  by  integration.  For  this  purpose  a  standard 
trapezoidal  integration  technique  can  be  used.  The  "altitude"-channel  may  be 
supported  by  some  independent,  external  altitude  information. 

6.  The  Euler  angles  are  extracted  from  the  £  '-DCM,  if  tney  are  required  for  gui¬ 
dance  purposes.  * 


I 
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2.2.5  Aided  Inertial  Navigation 

This  is  a  technique  widely  used  in  long-range  navigation.  The  inherent  disadvantage 
of  inertial  navigation,  the  continuously  and  accelerated  growth  of  the  navigation  error, 
is  removed  by  independent  position  measurements.  This  requires  of  course  additional  hard¬ 
ware  (e.g.  radar  altimeters,  GPS  receivers)  and  may  lead  to  a  system  which  is  no  longer 
fully  passive  or  autonomous. 

For  tactical  missiles  aided  inertial  navigation  may  be  of  interest  for  mainly  two 
reasons: 

-  To  compensate  initialization  errors 

-  To  improve  the  accuracy  of  the  terminal  flight  phase 

As  the  additional  hardware  expenses  should  be  minimized,  there  are  only  a  limited 
number  of  possibilities  to  obtain  independent  position  information..  These  include  the  use 
of 


-  the  tracking  radar  of  the  launch  vehicle,  which  may  be  able  to  track  the  target 
and  the  own  missile  simultaneously 

-  the  missile  seeker,  which  may  be  able  to  detect  and  to  localize  certain  terrain 
features  or  man  made  objects 

-  GPS  receivers,  which  can  provide  accurate  position  and  altitude  information 
(typically  1 -a  values  of  5  to  7.5  m  for  P-Code  and  10  to  17  m  for  C/A-Code) . 


A  block  diagram  of  the  basic  principle  is  shown  in  Fig.  2.7.  The  position  deter¬ 
mined  by  the  navigation  algorithm  is  compared  with  the  measured  position.  The  position 
error  is  then  used  to  estimate  the  significant  error  sources  and  to  correct  them  in  the 
navigation  algorithm. 
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Fig..  2.7  Block  Diagram  of  Aided  Inertial  Navigation 


As  an  example,  the  initial  misalignment  of  the  navigation  frame  shall  be  estimated 
(see  also  Section  3) .  The  constant  misalignment  angles  lead  to  equivalent  acceleration 
errors  in  the  navigation  frame.  If  we  define  the  erroneous  £  j-DCM  as 
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than  we  obtain  the  following  acceleration  error  in  the  t-frame 

-*£*  4  a8  ■  4£t  -  A*  £ 

where 


(2.49) 


(2.50) 


The  position  error  is  given  by 

•  4-  fc 

A  E  “  ay 

and  for  constant  misalignment  angles  we  can  write 

g-0  (2.51) 

Eqs.  (2.49)  to  (2.51)  can  be  rearranged  and  combined  to  the  navigation  error  state 
equation 


A  X 


(2.52) 


with  x 


AB 


The  measurement  equation  in  case  of  position  measurements  is  defined  by 
ak  -  U  2  2)  X  +  Yk 


(2.53) 


Eqs.  (2.52)  and  (2.53)  can  then  be  converted  to  a  discrete  time  formulation  and 
processed  by  Kalman  filtering  techniques  (see  also  Section  3.3).  The  state  vector  of  the 
navigation  error  can  also  be  augmented  to  include  other  error  sources  such  as  accelero¬ 
meter  scale  factor  and  bias  errors. 

Pig.  2.8.  shows  as  an  example  a  result  which  has  been  obtained  for  three  identical 
alignment  errors  of  t  «  e  -  e  *  20  mrad  and  a  situation  where  the  missile  was  tracked 
by  the  own  radar  of  th^  launch  vehicle  with  an  update  rate  of  2  Hz.  The  accuracy  of  the 
tracking  radar  was  assumed  to  be  1  mrad  (1  a )  in  azimuth  and  elevation  and  10  m  in  range 
(1  a). 

The  upper  curve  shows  the  rapid  growth  of  the  navigation  error  without  aiding.  The 
error  reaches  a  magnitude  of  about  300  m  after  a  flight  time  of  12  sec.  With  aiding 
(lower  curve)  the  position  error  is  drastically  reduced  and  never  exceeds  a  value  of 
about  35  m. 


Fig.  2.8  Position  Aiding  Used  to  Estimate  Initial  Alignment  Errors 
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2.2.6  Inertial  Sensors 

The  requirements  imposed  on  inertial  measurement  units  of  tactical  missiles  are 
characterized  by  very  strong  demands  on  mass,  volume  and  cost  and,  in  general,  by  mode¬ 
rate  demands  with  rospect  to  accuracy. 

Table  2.1  and  Table  2.2  give  an  overview  on  what  may  be  considered  as  typical  accu¬ 
racy  classes  of  angular  rate  sensors  and  accelerometers  for  tactical  missile  applica¬ 
tions. 


Accuracy  Classes 

Error  Source  (1  a) 

Low 

Medium 

High 

Fixed  Bias  (*/h) 

100 

20 

2 

g-dependent  Drift  C/h/q) 

60 

15 

- 

g* -dependent  Drift  ( ‘/h/g1 ) 

2 

0.2 

- 

Scale  factor  (%) 

1 

0.2 

0.01 

Input  Axis  Misalignment  (mrad) 

5 

2 

0.5 

Table  2.1  Accuracy  Classes  of  Angular  Rate  Sensors 


Accuracy  Classes 

Error  Source  (1  a) 

Low 

Medium 

High 

Bias  (mg) 

50 

10 

2 

Scale  factor  (t) 

1 

0.3 

0.1 

Input  Axis  Misalignment  (mrad) 

5 

2 

0.5 

Table  2.2  Accuracy  Classes  of  Accelerometers 


These  accuracy  classes  are  generally  not  related  to  specific  sensor  technologies 
with  the  exception  of  the  "high  accuracy"  angular  rate  sensors.  This  sensor  class  does 
not  show  any  g-dependent  drift  terms  and  is  therefore  related  to  the  laser  gyro  techno¬ 
logy. 


Despite  of  the  general  technical  move  towards  solid-state,  optical  rate  sensors 
(Ring  Laser  Gyros,  Fiber  Optic  Gyros,  Integrated  Optics  Gyros)  there  is  still  a  large 
variety  of  "mechanical",  competitive  sensors  on  the  market,  which  also  took  significant 
advantage  of  the  progress  in  digital  microelectronics. 

As  a  result,  today's  sensor  technologies  offer  highly  integrated  measurement  units 
within  the  mass  and  volume  constraints  of  typically  1  kg  and  l  ltr  including  electronics. 
The  performance  data  of  these  sensor  packages  are  only  partly  determined  by  the  require¬ 
ments  of  midcourse  guidance.  Other  important  requirements  may  result  from  autopilot 
design,  seeker  stabilisation  ("strapdown"-seeker)  and  seeker  signal  processing. 


3.  ALIGNMENT  TECHNIQUES 

3.1  Definition  of  the  Alignment  Problem 

The  target  designation  data  i.e.  LOS,  range  etc.  are  measured  with  respect  to  a 
master  reference  system  (index:  m) ,  wnich  is  located  within  the  launch  vehicle.  Similarly 
the  data  required  to  initialize  the  INU  of  the  missile  are  available  with  respect  to  the 
same  reference  system.  It  is  therefore  necessary  to  transfer  these  data  from  the  launch 
vehicle  to  the  missile  INU  via  a  transformation  matrix  £*,  where  s  designates  the 
sensor  frame  of  the  missile.  The  transformation  matrix  £*  ’  can  be  split  up  into  a 

nominal,  predetermined  (fixed)  part  £r  and  an  unknown  *  (time-varying)  part  C *,  which 
leads  to  *  r 


C-fi?  ■  <£  (3.1) 


The  transformation  matrix  £*  is  determined  by  the  misalignment  angles  c  ,  £  ,  £  which 
are  usually  small  (see  Table  3.1).  Based  on  this  assumption,  the  transformation  ‘matrix 
can  be  defined  as 
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£t(t) 
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- 

“r 
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1 
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£y(t) 

-£x<t> 

i 

where  £  ^ 

(t)  -  £i0 

+  £iv(t)  , 

i  « 

The  static  or  quasi-static  misalignment  angles  e.  are  typically  caused  by  structural  and 
mounting  tolerances.  However  long-term-  and  environmental  effects  such  as  structural 
aging  and  tamp'erature  differences,  especially  for  large  structures,  e.g.  ships,  may 
result  in  additional  errors. 

on  top  of  the  static  misalignment  angles  we  find  structural  distortions  and 
oscillations  caused  by  maneuver  loads  and  loads  created  by  gusts  or  waves.  A  summary  of 
typical  values  for  the  misalignmet  angles  of  missile  stations  (including  g-loaas)  is 
shown  in  Table  3.1. 


Vehicle 

MSI,  Station 

Azimuth 

Elevation 

Roll 

Aircraft 

Fuselage 

Wing 

5  mrad 

10  mrad 

5  mrad 

20  mrad 

3  mrad 

50  mrad 

Ship 

— 

10  mrad 

10  mrad 

5  mrad 

Table  3.1  Typical  Values  (1  a)  for  the  Misalignment  Angles 
at  Different  Missile  Stations 


The  structural  oscillations  £  (t)  are  ranging  from  fairly  low  frequencies  of 
0.1  ...  0.3  Hz  and  amplitudes  of  10  mracl  for  ships  up  to  B  . ..-  10  Hz  and  amplitudes  of 
5/10  mrad  (azimuth/elevation)  for  the  wing  stations  of  aircraft.  These  structural  oscil¬ 
lations  show  usually  small  damping  ratios  of  about  0.03  ...  0.08.  The  mean  values  of 
£  (t)  are  assumed  to  be  zero.  If  the  fundamental  flexure  modes  of  the  vehicle  are  known, 
they  can  be  modelled  as  a  periodic  random  variable  (/19/) . 

The  misalignment  angles  can  have  significant  effect  on  the  performance  and  the  de¬ 
sign  of  the  midcourse  guidance  system.  The  guidance  system  of  the  missile  may  be  able  to 
tolerate  the  misalignment  angles  in  some  cases,  however,  in  other  cases  it  may  be  nece¬ 
ssary  to  spend  considerable  effort  to  obtain  best  estimates  of  the  error  angles  by 
dynamic  alignment  techniques. 

It  should  be  noted  that  on  top  of  the  misalignment  angles  quoted  for  each  missile 
station  there  are  additional  misalignment  angles  of  each  instrument  (gyro  or  accelero¬ 
meter)  with  respect  to  the  nominal  sensor  frame.  However,  these  misalignment  angles  are 
normally  compensated  as  a  part  of  the  IMU  calibration  process  down  to  values  which  are 
significantly  smaller  than  the  error  angles  of  missile  stations.  They  are  therefore 
ignored  in  the  remainder  of  this  paper. 


3.2  '.'.One  shotVr&llgnBent 

This  is  the  simplest  method  which  can  only  be  used,  if  the  missile  guidance  system 
is  fairly  tolerant  with  respect  to  alignment  errors  or  if  aiding  techniques  similar  to 
those  described  in  Section  2.2.5  are  used.  In  thiB  case  the  misalignment  angles  are 
usually  determined  by  ground  measurements  and  flight  tests  on  a  test  aircraft.  The  flight 
tests  give  the  opportunity  to  measure  the  misalignment  angles  as  a  function  of  the  flight 
conditions,  such  as  the  instantaneous  aircraft  maneuver  factor  or  the  actual  loading 
situation. 

The  transformation  matrix  £  *  is  then  stored  in  the  fire  control  system  for  each 
missile  station  as  a  function  of  tife  flight  condition  and  is  used  at  launch  without  any 
further  correction.  It  is  therefore  obvious  that  this  method  is  only  able  to  compensate 
the  most  significant  and  stable  errors.  Alternative  methods  use  inertial  measurement 
matching  between  the  airborne  or  shipbome  master  reference  and  the  missile  INU  and  are 
far  more  accurate  than  the  "one  shot"  method.  They  will  briefly  be  discussed  in  the 
following  sections. 
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3.3  pynaaic  AlignaanS  an  a  Moving  Base 

The  alignment  between  the  master  1KU  onboard  the  launch  vehicle  and  the  missile  IHU 
can  be  achieved  by  comparing  directly  the  measurements  of  the  inertial  sensors  (i.e. 
angular  rates  and/or  linear  accelerations)  or  by  comparing  the  computed  estimates  of 
attitude,  velocity  and  position.  The  comparison  of  the  data  derived  at  each  location 
leads  to  the  possibility  to  deduce  the  relative  orientation  of  the  two  reference  frames 
(/20/,  /21/) • 

This  method  of  alignment  is  generally  able  to  provide  accurate  results,  however,  a 
couple  of  important  points  must  be  observed: 

-  Dynamic  alignment  depends  on  the  existence  and  the  type  of  motion  of  the  launch 

vehicle.  In  special  cases  the  misalignment  angles  may  be  not  or  only  poorly  ob¬ 

servable.  A  low  level  of  motion  generally  increases  the  time  required  to  estimate 
the  misalignment  angles  with  reasonable  accuracy.  To  enhance  the  observability  it 
may  be  useful  to  carry  out  special  maneuvers  (/22/) . 

-  The  comparison  of  noisy  measi  eraents  needs  time  to  allow  for  some  kind  of  fil¬ 
tering.  It  is  therefore  obvious  that  the  alignment  process  cannot  be  initiated  when 
the  fire  command  is  applied.  This  would  lead  to  unacceptable  launch  delays. 

-  The  separation  of  the  master  and  the  missile  IMU  requires  kinematic  corrections, 
the  so-called  "lever-arm-corrections".  It  is  therefore  necessary  to  know  the  rela¬ 
tive  positions  of  the  IMU's  exactly.  The  general  equation  of  the  lever  arm  cor¬ 
rection  is 

»ms  “  *■  +  ^im  x  *ms  +  ^im  x  <%m  *  W  <3-4> 


where  a  is  the  computed  acceleration  at  the  location  of  the  slave  system  based  on 
the  raea^Ored  acceleration  fl  of  the  master  IMU,  £  is  the  position  vector  of  the 
missile  IMU  with  respect  to  "the  master  IMU  and  u  ¥s  the  measured  angular  rate  of 
the  master  IMU  (see  Fig.  3.1).  * 

-  The  accuracy  of  the  alignment  process  will  not  only  be  limited  by  the  noise  and 
vibration  levels  but  additionally  by  instrument  errors.  Especially  bias,  scale 
factor  and  cross-coupling  errors  can  play  an  important  role.  If  the  instrument 
errors  of  the  missile  IMU  are  significantly  larger  than  those  of  the  reference 
system,  which  is  usually  the  case,  it  i3  possible  to  include  the  error  models  of 
the  instruments  in  the  estimation  process.  In  this  case  the  filter  formulation  not 
only  provides  estimates  of  the  misalignment  angles,  but  additionally  estimates  of 
the  errors  of  the  missile  IMU.  These  can  then  be  used  for  a  re-calibration  of  these 
instruments  (/20/) . 

-  Timing  differences  between  the  data  delivered  by  the  master  and  the  missile  IMU  can 
lead  to  significant  errors  (/23/) .  To  allow  a  proper  comparison  of  the  measurements 
generard  by  the  two  IMU's  they  must  be  taken  at  the  same  instant.  This  is  not 
trivial  as  both  IMU's  are  normally  not  designed  to  operate  together  and  work  with 
independent  clocks.  In  order  to  get  a  proper  synchronization  of  the  measurements  it 
may  be  necessary  to  apply  interpolation  schemes. 

In  practice  dynamic  alignment  may  use  quite  different  algorithms  with  respect  to  type  and 
complexity.  The  basic  methods  which  can  be  found  in  many  applications  are  Least-Squares 
(LS) -Estimation  and  Kalman-Filter  (KF) -Estimation  techniques.  The  following  sections  are 
intended  to  give  a  quick  overview. 


3.3.1  State  Vector  Representations  of  the  Alignment  Process 

The  data  basically  available  for  the  alignment  process  are  angular  rate  a ri  acceler^  :ion 
measured  with  respect  to  the  master  and  the  slave  or  missile  sensor  axis  systum.  The 
differences  between  both  measurements  are  compared  in  the  common  reference  -.ystem. 


It  can  be  shown  after  dlfferentiatic  1  of  Eg.  (3.1)  that 


r 


Expansion 


of  Eq.  (3.15)  in  connection  with  Eq.  (3.6)  yields 
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(3.16)  j 


Eq.  (3.16)  can  be  resolved  with  respect  to  the  individual  matrix  elements,  and  after  a 
re-arranqement  with  respect  to  the  alignment  error  we  obtain 

£--fl  l,S  +*»sm  (3,17) 

The  alignment  error  £  can  be  observed  via  the  acceleration  error  (Eq.,  3.10). 


Time-varying  misalignment.. anal.es_.ln  connection  with  scale  factor  errors  and  bias  (/20/i 

In  general  the  quality  of  the  master  XMU  will  be  significantly  superior  to  the  mis¬ 
sile  IMU.  Therefore  the  accuracy  of  the  alignment  may  be  degraded  due  to  bias  and  scale 
factor  of  the  missile  IMU  errors.  The  alignment  process  can  be  improved  by  taking  these 
errors  into  account.  On  the  other  hand  the  scale  factor  and  bias  error  estimates  can  be 
used  to  calibrate  the  missile  IMU  immediately  before  launch,  which  in  turn  leads  to 
improved  navigation  accuracy  during  midcourse  guidance. 

The  "true"  angular  roll  rate  of  the  missile  IMU  may  be  defined  as 

Pis  =  Pis  -  4Sp  Pis  -  Bp  (3-18> 


where  p  is  the  measured  roll  rate  and  AS  ,  B  are.  the  relevant  scale  factor  and  bias 
errors.-  Tfte  errors  are  assumed  to  be  constant,  i.pe.  AS  =  0  and  B  =0.  Similar  equations 
can  be  defined  for  the  pitch  and  yaw  rates.  These  epilations  carP  be  used  to  augment  the 
state  vector  which  leads  to  the  following  matrix  differential 
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with 


B  = 


and 


6i*>sm  =  ut  -  y  . 
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The  method  can  also  be  extended  to  deal  with  acceleration  dependent  drift  paraneters  as  a 
separate  error  source. 


yelPSity/Eogitj,<?n  Matching 

Instead  of  using  the  data  provided  directly  b)  the  master  and  the  missile  IMU, 
namely  the  angular  rates  and  linear  accelerations,  it  is  possible  to  compare  the  velocity 
or  the  position  estimates  of  both  systems.  The  velocity  or  position  errors  will  also  pro¬ 
pagate  as  a  function  of  the  misalignment  angles.  It  is  therefore  necessary  to  augment  the 
state/vectors  of  Eq.  (3.17)  or  Eq.  (3.19)  further  by  the  velocity  and  the  position  error 
(see  also  Section  2.2.5). 

This  approach  has  the  potential  for  increased  accuracy  because  it  relies  on  the 
"long  term"  effects  of  misalignment,  it  has  also  definite  advantages  under  calm  environ¬ 
mental  conditions.  However,  it  also  increases  the  computational  burden  of  the  alignment 
processor  and  it  takes  more  time  based  on  the  fact  that  the  velocity  and  position  errors 
need  naturally  some  time  to  propagate. 


'•Mityw' 
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3.3.2  Alignment  Processing  Algorithms 

The  algorithms  used  for  the  alignment  process  can  be  -  broadly  speaking  -  separated  into 

-  Least  Squares  Estimation  (LS) 

and 

-  Kalman  Filtering  (KF) . 

In  case  of  static  or  quasi-static  misalignment  angles  as  described  by  Eq.  (3.12) 
the  estimation  process  is  based  on  linear  measurements  which  are  corrupted  by  zero-mean 
noise.  No  further  assumptions  are  made  with  respect  to  the  statistical  properties  of  the 
estimation  problem. 

To  solve  this  estimation  problem  we  can  use  a  sequential  least-squares  estimation 
algorithm  (e.g.-  /24/) ,  which  is  summarized  briefly.  We  assume  a  time  sequence  of  linear 
measurements  (e.g.  corresponding  to  Eq..  (3.12)) 

Zi  =  +  Xi  ,  i  »  1....JC  (3.20) 

corrupted  by  zero-mean  noise.  These  measurements  are  then  processed  in  such  a  way  that 
the  quadratic  measure  of  the  estimated  parameter  vector  jj 

J(£k)  -  \  (ik  -  Hk  Xk)T  Bk’  (Ak  -  Hk  2fk)  (3.21) 


is  minimized,  where  the  matrices  a  ,  H  are  defined  by  the  composite  matrix  of  all 
observations  k  k 


Ad) 

Hd) 

*k " 

A(2) 

and  Hk  “ 

H(2) 

Z(k) 

H00 

and  E^is  an  appropriate,  symmetric  and  positive  definite  weighting  matrix.  This  leads  to 
the  well  known  "batch"  version  of  least-squares  estimation 

Sk^”  «£  OV  ”  ^Bk'Sk  (3-22) 


In  practice  it  is  very  desirable  to  work  with  a  sequential  form  of  Eq.  (3.22),  which  is 


given  by  the  following  equations 

*LS(k)  “  *LS  (k_1)  +  £«i<k>  -  H<k)  «LS  (k))  (3’23  a) 

K(k)  -  E<* 0  HT(k)  B‘'(k)  (3.23  b) 

E(k)  »  (I  -  E(k-l)  HT(k)  (B(k)  +  H(k)  E(k-l)  HT(k))  ’’  H(k) )  E(k-l)  (3.23  c) 

Eq.  (3.23  b)  can  be  interpreted  as  a  time-varying  gain  matrix,  where 

E(l)  -  [HT(D  B*’(D  IHDJ  ■’  (3.24) 


is  used  as  a  starting  matrix.  The  sequential  least-squares  estimator  can  be  modified  to 
cope  with  slowly  varying  estimation  parameters  by  a  "fading  memory "-technique  (/25/, 
/26/) . 


This  method  ensures  by  (exponential)  weighting  factors  that  recent  measurement  data 
have  a  stronger  influence  on  the  parameter  estimates  than  old  data. 

Kalman  filtering  techniques  are  used  to  estimate  dynamic  error  parameters.  Theory 
and  application  of  Kalman  filtering  have  been  discussed  extensively  in  the  literature 
(e.g.  /19/ .  / 2 7/  to  /29/) ,  however,  the  basic  equations  of  the  well  known  discrete  Kalman 
filter  are  repeated  here  for  the  sake  of  completeness. 

The  state  estimate  update  across  each  measurement  is  given  by 

jjKF  (k|k)  -  (k|k-l)  +  B(k)  U(k)  -  H(K)  sKF  (k|k-l)j  (3.25  a) 


where  kjk  and  k|  k-3  denote  quantities  at  time  t  ,  however,  based  on  measurements  taken  up 
to  time  t  or  t  respectively. 


The  Kalman  gain  matrix  Is  given  by 
K(k)  -  £  (k|k)  H(k)T  B  ’*  <k) 


2-2) 


(3.25  b) 


with  B(k)  denoting  the  measurement  noise  covariance  matrix.  The  error  covariance  update 
is  defined  by 

£<k|k)  =  (I  -  £(k)  U(k)J  £(k|k-l)  (3.25  c) 

The  state  vector  estimate  x  ,(k)  and  the  error  covariance  matrix  £(k)  are  extrapolated 
between  measurements  by 

XKp(k|k-l)  -  £(k,k-l)  iKp  (k— 1 | k— 1)  +  £(k,k-l)  a  (k-1)  (3.26) 

E(k| k-X)  -  £(k,k-l)  £(k-l|k-l)  £T(k,k-l)  +  fi(k-l)  (3.27) 

where  £  and  £  are  the  state  transition  matrix  and  the  input  matrix  from  time  t  to  „  . 
The  input  vector  u(k)  is  given  by  the  angular  rate  error  (Eq.  3.17)  and  £(k)  deVsoces  the 
process  noise  covariance  matrix. 

The  comparison  of  Eqs.  (3.23)  and  Eqs.  (3.25)  shows  some  similarities.  However,  it 
should  be  noted  firstly  that  the  least-squares  estimator  treats  the  estimation  problem 
solely  as  a  deterministic  optimization  problem,  whereas  the  Kalman  filter  is  a  minimum 
variance  estimator.  Secondly,  the  Kalman  filter  is  able  to  take  the  dynamics  of  the  esti¬ 
mation  problem  into  account. 

A  typical  simulation  result  for  the  least-squares  alignment  is  shown  in  Fig.  3.2 
for  a  level  flight  condition  followed  by  a  steady  turn  with  a  roll  angle  of  80  deg. 
Simultaneous  acceleration  and  angular  rate  matching  is  used  with  a  measurement  noise  of 
50  mg  and  500"/h  respectively.  It  can  be  seen  that  the  azimuth  alignment  error  is  not 
observable  until  the  turn  is  initiated.  After  that  all  alignment  angles  are  reduced  down 
to  a  fraction  of  10  %  within  about  2.5  sec. 


Fig.  3.2  Least-Squares  Alignment  Applied  in  Acceleration/Angular-Rate  Matching 


4.  PERFORMANCE  ASSESSMENT 

4.1  coropUatipa  of  Error  Sources 

The  midcourse  guidance  criteria  have  been  reviewed  in  Section  2.1.  The  actual 
system  design  requires  a  detailed  summary  of  all  individual  error  sources  and  an  assess¬ 
ment  of  their  effects  on  the  performance  data  of  interest. 

An  example  is  shown  in  Fig.  4.1,  where  the  influence  of  various  error  sources  on 
the  expected  seeker  1/33  extol'  during  missile  flight  is  illustrated.  The  cocker  LOS  error 
is  an  important  seeker  and  missile  design  parameter  in  many  applications,  it  may  be  a 
design  driver  for  the  seeker  acquisition  range  and  field-of-view  and  an  important  factor 
for  the  missile  maneuverability  requirement.  As  far  as  the  navigation  system  is  con¬ 
cerned,  the  seeker  LOS  error  is  caused  by  two  different  effects,  the  attitude  error  and 
the  position  error.  The  attitude  or  direction  error  is  basically  influenced  by  misalign¬ 
ment  errors  and  gyro  errors.  The  position  error  or  LOS  displacement  is  dominated  by 
accelerometer  and  initialization  errors.  In  addition  both  errors  are  influenced  by  the 
algorithm  design  and  computational/quantization  effects. 


2-22 


ACCELERATION  VELOCITY  POSITION 

I - ^ - L 

I  TARGET  STATE 

. . .  I  1 


RANGE 
RANGE  RATE 


AZIMUTH 

ELEVATION 


i 


i 


] - H  TARGET  TRACKING  1 - >t  UP-LINK  j 


1 


SEEKER  LINE-QP-SIGHT  ERROR 

a — 


ATTITUDE  ERRORS 


INITIALI¬ 

ZATION 


}— c 


POSITION  ERRORS 


ANGULAR 

RATE 

SENSORS 

7  f 


SIGNAL 

PROCESSING 


VEHICLE  STATIC  DYNAMIC 
DYNAMICS  ERRORS 


T 

JRITI 


UCCELERO- 

METERS 


>- 


INITIALI¬ 

ZATION 


ALGORITHM  STATIC  DYNAMIC  VELOOTY  POSITION 
ERRORS  ERRORS  ERRORS 


locity  pJs 


POSITION 

AIDING 


misalign¬ 

ment 


OUANTIZATION, 
WORD  LENGTH 


Fig.  4.1  Summary  of  Error  Effects  on  Seeker  LOS 


The  navigation  errors  may  possibly  be  reduced  by  aiding  techniques  as  discussed  in 
Section  2.2.5.  The  other  -  in  many  cases  dominant  -  error  source  is  target  uncertainty. 
The  target  state  is  provided  by  the  target  tracking  system  at  least  up  to  the  instant  of 
missile  launch.  Thereafter  the  target  uncertainty  may  grow  rapidly  due  to  unknown  target 
maneuvers  if  no  further  updates  can  be  provided  by  the  target  tracker  and  an  appropriate 
up-link. 

An  indication  of  typical  errors  and  factors  influencing  the  seeker  LOS  error  is 
given  in  Table  4.1  for  the  navigation  effects  and  in  Table  4.2  for  the  target  uncertain¬ 
ty.  A  similar  compilation,  which  includes  the  relevant  numerical  values,  has  to  be 
established  for  every  special  application. 


Angular  Rate  Sensors 

Accelerometers 

Initialization 

Day-to-Day  Bias  stability 
In-Run  Bias  stability 
g-dependent  Drift 
g'  -dependent  Drift 

Scale  Factor  Error 
Non-Linearity 

Sensor  Misalignment 

Dynamic  Cross  Coupling 
Temperature  Sensitivities 

Day-to-Day  Bias  stability 
In-Run  Bias  Stability 

Scale  Factor  Error 
Non-Linearity 

Sensor  Misalignment 
cross  Coupling 

Temperature  Sensitivities 

Misalignment  Angles 
Vehicle  Dynamics 
Velocity  Error 
Position  Error 

Table  4.1  Summary  of  Sensor  and  Initialization  Errors 


Target  state 

Target  Tracking 

Target  Update 

Jerk 

Acceleration 

Velocity 

Position 

Range/Range  Rate 
Azimuth/Elevation 
Sightline  rate 

Sightline  acceleration 
Data  Staleness 

Data  rate 

Launch  vehicle  position 
Launch  vehicle  attitude 

Table  4.2  Parameters  Affecting  Target  Uncertainty 
4.2  Assessment  of  Error  Budgets 

Performance  assessment  is  the  step  to  follow  after  the  compilation  of  the  system 
error  sources  has  been  completed.  The  aim  of  this  step  is  not  only  to  prove  that  the  per¬ 
formance  requirements  can  be  met,  which  is  no  doubt  the  primary  purpose.  Another  very 
important  aspect  of  this  assessment  is  the  establishment  of  a  source-by-source  break-down 
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of  the  individual  error  contributions  to  the  resulting  performance  figures,  which  is 
often  understood  as  an  error  budget.  The  error  budget  gives  an  opportunity  to  come  up 
with  a  well  balanced  system  design,  which  reveals  on  the  one  hand  the  specifications  of 
the  critical,  most  dominant  components  and  avoids  on  the  other  hand  the  over-specifica¬ 
tion  of  devices  with  only  minor  contributions  to  the  overall  error.  For  example,  if  the 
target  LOS  uncertainty  is  in  the  order  of  some  degrees,  it  makes  little  sense  to  design 
an  inertial  guidance  system  with  an  accuracy  of  0.1  degree  equivalent  LOS  error. 


The  methods  used  to  assess  the  error  budget  are  chosen  in  accordance  with  the 
actual  design  progress.  In  the  early  design  stage  it  may  be  sufficient  to  use  simple  or- 
der-of-raagnitude  or  covariance  analysis  methods.  In  the  final  stages  it  will  be  necessary 
to  use  detailed  mathematical  models  of  the  overall  system  to  prove  and  to  verify  the 
design  by  simulation  techniques. 


An  example  for  a  simplified  order-of-magnitude  assessment  is  shown  in  Table  4.3  as 
a  function  of  the  flight  time  t.  The  definitions  are  chosen  in  accordance  with  Fig.  4.1. 
Due  to  the  simplifications  the  method  is  limited  to  first-order  effects.  Some  of  the 
error  sources  shown  in  Table  4.3  can  be  interpreted  as  1,root-sum-squareM-values  (e.g. 
drift  D) ,  i.  e.  they  can  include  different  effects  like  g-dependent  and  g‘  -dependent 
drift.  It  should  be  noted  that  the  simplified  analysis  is  based  on  average  values  of  the 
flight  parameters  of  interest  (e.g.  average  acceleration,  velocity  etc.).  After  evalu¬ 
ating  Table  4.3  the  resultant  seeker  LOS  error  is  given  by  the  root-sum-square  error 

*¥=  Av  ’A  +i>F^  +  AVi  . 
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Table  4.3  Simplified  Midcourse  Guidance  Error  Budget 


Fig.  4.1  Definitions  for  Simplified  Error  Analysis 


The  time-varying,  linear  covariance  analysis  represents  a  more  sophisticated  tool. 
The  method  (e.g.  /20/)  is  based  on  a  discrete  time  formulation  of  the  error  equation 

2£jj  =  &k-l  +  — k-1  ^k-1  (4*1) 

(See  Eq.  2.52  as  an  example.)  It  can  be  shown  that  the  covariance  matrix  of  the  error 
vector 

”  E  [J£k  *kJ 

propagates  according  to 

£k  ”  ^k-1  £k-l  £k-l  +  2k-l 


(4.2) 
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where 


flk  “  E  ((fik  Hk)  (Gk  Hk)T) 


defines  the  input  noise  covariance  matrix  (e.g.  acceleration  "noise",  angular  rate 
"noise") .  After  having  established  the  basic  error  state  equations,  the  covariance  matrix 
is  obtained  by  simple  matrix  algebra. 

The  covariance  analysis  tool  can  also  be  extended  to  include  measurements  (i.e. 
target  and  missile  updates) .  in  this  case  the  method  follows  closely  the  standard  Kalman 
filter  equations  as  shown  in  Section  3.3.2.  As  the  method  is  based  on  a  linear  (small 
perturbation)  error  model,  the  error  propagation  can  be  computed  reasonably  fast  and  the 
effects  of  the  different  error  groups  can  be  investigated. 

In  the  final  design  stage,  the  error  budget  is  determined  and  proven  by  a  detailed 
simulation  model  which  describes  all  non-linear  and  time-varying  features  of  the  system. 
As  this  step  is  the  most  expensive  one,  it  is  highly  desirable  to  optimize  the  system  as 
far  as  possible  by  simpler  methods. 

The  basic  scheme  of  such  a  simulation  model  is  shown  in  Fig.  4.2.  It  includes  a 
full  representation  of  the  missile  and  the  missile/target  kinematics.  The  modelling  of 
"high  frequency"  effects  such  as  body-bending  and  vibration  typically  requires  inte¬ 
gration  step  sizes  in  the  order  1  msec  or  less.  The  most  important  submodules  with 
respect  to  midcourse  guidance  are  related  to  the  inertial  sensors  and  the  strapdown- 
navigation  algorithm.  The  inertial  sensor  models  may  represent  the  full  sensor  dynamics, 
such  as  the  caging  loop  dynamics  in  case  of  dynamically  tuned  gyros  or  the  dither  motion 
in  case  of  ring  laser  gyros,  noise  and  additionally  the  error  sources  listed  in  Table 
4.1.  The  strapdown  algorithms  illustrated  in  Fig.  2.6  should  also  represent  computational 
errors  caused  by  quantization  and  finite  word  length  if  applicable.  The  computed  missile 
attitude  and  position  is  then  compared  against  the  true  values  and  further  assessment 
criteria  such  as  the  seeker  error  angle  at  handover  and  zero  effort  miss. 


Fig.  4.2  Midcourse  Guidance  Performance  Evaluation  Scheme 


The  "Monte-Carlo"-technique  is  an  approach  frequently  used  for  this  type  of  in¬ 
vestigations.  The  method  requires  a  definition  of  the  random  parameters  of  the  system  and 
an  appropriate  description  of  the  random  process  (e.g.  uniform  or  gaussian  distribution). 
The  simulation  is  then  repeated  several  times  where  the  random  parameters  (e.g.  gyro 
drift,  accelerometer  bias  etc.)  are  automatically  selected  by  appropriate  random  number 
generators  at  the  beginning  of  each  run.  The  results  of  a  suffiently  large  number  of 
simulation  runs  are  then  statistically  evaluated  and  can  be  visualized  by  histograms  or 
bar  charts.  This  is  shown  in  Fig.  4.3.  as  an  example  for  zero-effort-miss  (ZEM)  and  the 
seeker  error  angle  at  handover.  The  mean  value 


■ 


<•1 


and  the  standard  or  root-mean-square  (RMS)  deviation 


are  calculated  from  the  simulation  results.  If  missdistance  d  =  Jk y* +azj  can  be  inter¬ 
preted  as  a  Rayleigh  process,  it  is  possible  to  derive  analytic  density  and  distribution 
functions 
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f(d)  =  §T  e 


F (d)  =  1  -  e 


-d1 /2a' 


as  indicated  in  Fig.  4.3  a,  where  the  variance  5  2  must  be  fitted  to  the  simulation 
results 
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The  error  budget  of  a  specified  performance  variable  can  be  derived,  if  the  com¬ 
plete  process  is  repeated  several  times  by  successively  increasing  the  number  of  error 
groups  (the  consideration  of  individual  errors  may  be  very  costly) .  Such  error  budgets 
can  be  represented  as  bar  charts,  illustrating  the  impact  of  individual  error  groups,  as 
shown  in  Fig.  4.3  b. 
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Fig.  4.3  statistical  Evaluation  of  Monte-Carlo-Simulation  Runs 


S.  CONCLUDING  REMARKS 

Midcourse  guidance  techniques  are  very  useful  to  extend  the  operational  capabili¬ 
ties  of  tactical  missiles  and  to  meet  a  number  of  top-priority  requirements.  The  impact 
on  missile  cost  and  weight  are  moderate  as  the  IMU  as  the  "heart"  of  the  midcourse 
guidance  system  takes  advantage  of  modern  sensor  technologies  and  digital  microelectro¬ 
nics.  Moreover,  the  IMU  is  also  an  integral  part  of  the  overall  guidance  system  and  pro¬ 
vides  the  inertial  data  for  the  autopilot  and  the  seeker  stabilization  and  tracking  algo¬ 
rithms  . 

The  actual  design  of  the  midcourse  guidance  system  depends  strongly  on  the  means  to 
initialize  the  guidance  system  before  launch,  the  availability  and  update  rate  of  a  data 
link  and  the  acquisition  performance  of  the  seeker  in  a  given  target/background 
situation.  Proper  prelaunch  initialization  requires  accurate  target  information  and  small 
misalignment  errors.  Any  degradation  of  target  information,  especially  if  no  data  link 
exists,  leads  to  an  increase  of  the  target  error  at  handover  and  consequently  to  more 
difficult  requirements  with  respect  to  seeker  acquisition  range,  field-of-view  and  mis¬ 
sile  maneuverability.  It  is  therefore  a  major  design  aim  of  the  midcourse  guidance  system 
to  keep  the  handover  errors  at  levels  which  do  not  significantly  degrade  the  unavoidable 
target  uncertainty. 
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SUMMARY 

This  paper  discusses  design  issues  encountered  in  the  systhesis  of  bank-to-turn  auto¬ 
pilots  for  several  proposed  air-launched  tactical  guided  missile  configurations.  Some 
approaches  to  dealing  with  these  issues  are  also  discussed.  Much  of  the  material  was 
developed  from  experience  gained  in  the  design  of  an  autopilot  for  a  medium  range  air-to- 
air  missile  configuration  incorporating  an  Integral  rocket-ramjet  propulsion  system. 
Therefore,  emphasis  is  placed  on  that  type  of  system.  None  of  the  bank-to-turn  autopilots 
have  been  flight  tested,  so  only  simulation  results  can  be  presented. 

The  first  Issued  discussed  is  why  a  designer  would  consider  bank-to-turn  control  in¬ 
stead  of  the  conventional  skid-to-turn  control  used  by  most  tactical  missiles.  The  advan¬ 
tages  and  disadvantages  of  each  approach  are  related  to  the  performance  of  the  airframe, 
propulsion,  guidance  and  autopilot  subsystems. 

Several  bank-to-turn  control  laws  are  presented.  The  relative  merits  of  each  are  dis¬ 
cussed  with  respect  to  the  type  of  airframe,  propulsion  and  guidance  required  for  the  mis¬ 
sile  mission  under  consideration.  Performance  penalties  are  presented  along  with  the  advan¬ 
tages  of  including  a  skid-to-turn  capability. 

Coupling  between  the  roll  control  and  the  guidance  for  terminal  homing  missiles  is 
reviewed.  Some  methods  of  decoupling  are  presented.  The  Impact  of  signal  noise  and 
radome  error  for  missiles  with  radar  seekers  is  discussed. 

Simulation  studies  have  shown  that  some  performance  penalties  may  be  Incurred  using 
bank-to-turn  control  for  some  types  of  missions,  particularly  for  anti-air  engagements, 
but  these  penalties  are  frequently  small  compared  to  other  performance  benefits  derived 
from  its  utilization.  These  simulation  studies  and  their  results  are  discussed  in  appro¬ 
priately  general  terms. 

INTRODUCTION 

In  recent  years  there  has  been  much  interest  in  bank-to-turn  (BTT)  control  for  guided 
missiles.  The  desire  to  extend  range  or  to  shorten  the  time  to  the  target  has  led  missile 
designers  to  consider  Incorporating  airbreathing  engines  in  place  of  boost-glide  rocket 
motor  propulsion.  This  is  an  especially  attractive  alternative  with  the  development  of 
the  Integral  rocket  ramjet,  which  Incorporates  the  booster  rocket  into  the  combustion  cham¬ 
ber  of  the  ramjet  engine  for  a  relatively  small  propulsion  section  suitable  for  air  launched 
missiles . 

Most  of  the  work  on  which  this  paper  is  based  was  accomplished  during  the  development 
of  a  BTT  guidance  system  for  "a  ramjet-powered  radar  guided  medium  range  air-to-air  missile 
configuration.  Though  the  guidance  and  control  algorithms  developed  under  this  effort 
have  been  verified  with  simulations,  no  flight  tests  have  been  conducted  to  show  that 
these  algorithms  will  actually  provide  good  miss  performance. 

During  the  next  few  years  a  ramjet  missile  configuration  utilizing  BTT  control  algo¬ 
rithms  similar  to  those  presented  in  this  paper  will  probably  be  flight  tested.  However, 
this  will  most  likely  be  a  Control  Test  Vehicle  to  validate  engine  and  airframe  performance. 
In  parallel,  a  terminally  guided  boost-glide  missile  with  these  BTT  algorithms  is  needed 
to  validate  the  guidance  and  control  system  performance  against  real  targets.  This  should 
ultimately  lead  to  a  guided  flight  test  of  a  ramjet  powered  homing  missile,  validating  the 
performance  of  the  integrated  airframe,  propulsion,  guidance  and  control. 

DESIGN  CONSIDERATIONS 


The  question  is  often  asked  "Why  do  we  need  a  bank-to-turn  control?"  The  answer  to 
that  question  for  a  guided  missile  depends  on  the  nature  of  the  missile.  For  a  missile 
incorporating  a  ramjet  propulsion  system,  good  engine  performance  with  a  simple  inlet 
design  requires  some  form  of  BTT  control  to  provide  the  inlet  with  an  efficient  angle  of 
attack.  A  long  range  glide  weapon  could  be  made  lighter  and  more  aerodynamically  efficient 
by  using  BTT  control.  With  recent  interest  in  conformal  carriage  for  weapons  to  reduce 
launch  aircraft  radar  cross-section,  a  flat  pancake-like  configuration  is  desirable.  All 
of  these  configurations  would  maneuver  more  efficiently  with  RTT  control. 

Why  don't  we  have  more  miosiies  with  BTT  control?  The  guidance  problems  for  homing 
missiles' are  compounded  with  BTT  control.  Generally,  response  time  is  slower  with  BTT 
control'.  "-It  is  more  difficult  to  maintain  tracking  of  the  target  using  a  simple 
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two-gimbal  seeker  with  BTT  control.  Body-rate  coupling  between  the  autopilot  and  guidance 
is  increased  with  BTT  control.  For  these  reasons  and  others,  very  few  missiles  have  been 
designed  for  use  with  BTT  control.  Until  recently,  the  guidance  and  control  disadvantages 
have  outweighed  the  airframe  and  propulsion  advantages.  This  tradeoff  conclusion  is  no 
longer  valid.  Some  solutions  to  the  guidance  and  control  problems  are  presented  in  this 
paper. 

Providing  control  logic  to  accommodate  an  airbreathing  engine  for  a  homing  missile  is 
a  guidance  and  control  challenge.  In  order  to  satisfy  carry  constraints,  minimise  weight, 
and  optimize  engine  performance,  airbreathing  airframes  are  generally  designed  asymmet- 
cally  and  have  a  preferred  maneuver  plane.  This  asymmetric  vehicle  tends  to  benefit  from 
a  BTT  autopilot.  The  conventional  skid-to-turn  (STT)  autopilot,  if  used  with  the  asymmet¬ 
ric  vehicle,  would  not  only  require  complicated  engine  and  inlet  designs  in  order  to  accom¬ 
modate  sideslip  but  the  air  inlets  would  Induce  significant  pltch-yaw-roll  aerodynamic 
coupling  moments.  Thus  the  asymmetric  rolling  airframe  has  new  and  different  control 
problems  that  must  be  solved  by  the  guidance  and  autopilot  design.  These  include  •-.-'■ponse 
time  penalties  and  coupling  through  the  guidance  sensor.  The  last  is  the  most  serlou*3  be¬ 
cause  the  bank  angle  steering  commands,  responding  to  target  motion,  come  from  the  guidance 
sensor  that  has  the  coupling  paths  in  roll  through  gimbal  dynamics,  boresight  errors, 
tracking  dynamics,  steering  laws,  filtering  and  for  radar  seekers,  radome  errors  and 
polarization  attenuation  (for  passive  or  semiactive  systems). 

BANK-TO-TURN  CONTROL 

The  goal  of  the  pure  BTT  control  law  is  to  roll  the  the  missile  so  that  it  always 
maneuvers  in  its  preferred  maneuver  plane.  A  maneuver  in  this  plane  will  be  called  a  pitch 
maneuver  with  a  pitch  load  factor.  A  BTT  control  must  be  such  that  the  load  factor  in 
the  orthogonal  yaw  plane,  is  driven  toward  zero. 

If  the  load  factor  commands  (fig)  and  (fiv>  are  referenced  to  horizontal  and  vertical 
planes,  then  the  achieved  horizontal  and  vertical  plane  load  factors  will  be  defined  as  a 
function  of  pitch  and  yaw  load  factors  and  the  inertial  roll  angle,  ♦ ., 


ay  =  ap  cos  $  -  ay  sin  $ 
an  =  ap  sin  ♦  +  ay  cos  ^ 

If  ay  is  to  he  equal  to  zero,  then  the  load  factor  commands  ay  and  fig  must  be  res 
ponded  to  by  an  autopilot  structure  that  commands  the  pitch  load  factor  fip  and  the  ap¬ 
propriate  roll  angle  as  a  function  of  fiv  and  fig.  The  Pitch  and  yaw  commands  can  be 
obtained  from  the  inverse  of  Equations  1. 


(1) 


fip  -  fiy  cos  ♦  +  fig  sin  ♦ 
fiy  =  -fiy  sin ♦  +  fig  cos  + 


(2) 


Since  the  goal  of  BTT  is  to  drive  ay  to  zero,  the  command  fiy  from  the  guidance  system 
should  also  be  zero.  To  satisfy  this  requirement,  the  roll  angle  command  can  be  obtained 
from  the  second  of  Equations  2. 


$  =  tan  _fH_ 

fiv 


(3) 


A  bank-to-turn  control  system  could  then  be  postulated  which  would  use  Equation  3 
for  the  roll  channel  command  and  the  first  of  Equations  2  for  the  pitch  channel  command. 
The  yaw  channel  command  would  be  set  equal  to  zero. 

Another  BTT  control  law  can  be  formulated  based  on  the  roll  error,  if  the  yaw  load 
factor  is  to  be  driven  to  zero.  The  error  in  the  roll  angle,  ,  can  be  determined 
directly  from  the  measured  load  factors  in  body  coordinates. 


$£  =  tan  -1  a¥ 
ap 


w 


Using  the  control  law  of  Equation  4  causes  the  yaw  control  channel  dynamics  to  appear 
within  the  roll  attitude  control  loop.  Earlier  studies  showed  that  the  phase  lag,  pro¬ 
duced  by  the  yaw  dynamics,  limits  the  gain  and  results  in  a  significant  response  time 
penalty.  This  penalty  might  be  acceptable  for  some  combined  BTT  and  STT  systems,  but 
there  does  not  appear  to  be  any  advantage  to  this  implementation.  A  better  approach  uses 
the  command  values  of  ap  and  ay  in  Equation  i)  to  obtain: 


♦e  =  tan  -1 


fip 


(5) 


This  control  law  is  especially  convenient  when  the  body  referenced  load  factor 
commands  can  be  generated  directly  from  a  two-glmbal  seeker  and  guidance  law  with  pitch 
and  yaw  channel  outputs.  A  good  approximation  to  the  arctangent  function  is  the  argument 
Itself i  To  avoid  dividirigby  zero  in  the  algorithm,  So  can  be  limited  to  some  small 
positive  value,"  or  a  constant  (i.e.,  unity  load  factor)  can  be  added  to  fip  in  the  divisor 
of  the  argument;  The  latter  approach  for  developing  the  roll  channel  command  is  parti¬ 
cularly  useful  for  certain  BTT  configurations. 
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If  the  guidance  commands  are  roll  stabilized,  the  roll  angle  command  of  Equation  3 
can  be  used.  Functionally,  roll  angle  control  with  Equation  5  is  equivalent  to  that  using 
Equation  3  except  for  the  impact  of  filtering  in  the  guidance  lor  e  This  will  be 
discussed  later  in  this  [>aper. 


CONTROL  LAW  ALTERNATIVES 

Because  a  monowlng  or  planar  airframe  autopilot  should  be  designed  to  take  maximum 
advantage  of  aerodynamic  maneuverability,  it  will  require  BTT  control;  however,  a  cruci¬ 
form  airframe  may  use  some  form  of  STT  or  even  a  combination  of  STT  and  BTT.  The  funda¬ 
mental  difference  between  BTT  and  STT  is  that  with  STT  control,  the  roll  control  channel 
receives,  no  commands  from  the  guidance  system,  while  with  the  BTT  control  some  form  of 
command  comes  from  the  guidance  system  to  the  roll  channel.  Figure  1  shows  a  typical  STT 
control  with  the  yaw  channel  of  a  two-gimbal  seeker  providing  an  acceleration  command  to 
a  load  factor  autopilot  in  response  to  a  yaw  (azimuth)  line-of-sight  rate.  Only  aero¬ 
dynamic  coupling  exists  between  the  yaw  and  roll  channels.  A  typical  BTT  control  shows 
the  yaw  acceleration  command  going  to  the  roll  control  channel  with  an  optional  input  to 
the  yaw  autopilot  channel. 

The  several  types  of  BTT  con.rol  laws  include  those  that  1)  require  the  missile  to 
roll  as  much  as  180  degrees  to  produce  a  maneuver  in  the  desired  direction,  or  2)  limit 
the  bank  angle  to  something  less  than  180  degrees.  A  cruciform  aerodynamic  configuration 
might  use  a  ±45°  BTT  control.  The  i^-degree  BTT  could  minimize  induced  rolling  moments. 
The  improvement  in  performance  over  a  STT  control  might  not  Justify  the  additional  com¬ 
plexity.-  However,  a  ±90-degree  BTT  control  is  worthy  of  consideration  for  a  missile  with 
one  plane  of  symmetry. 

The  different  BTT  control  laws  differ  largely  in  how  they  perform  a  downward  maneuver, 
i.e.  to  go  straight  down,  the  ±l80-degree  BTT  control  shown  in  Figure  2  requires  a 
180-degree  roll.  This  allows  the  vehicle  to  be  designed  with  a  preferred  maneuver  plane 
and  a  positive  angle  of  attack  for  maximum  propulsion  efficiency..  While  this  BTT  control 
law  has  the  poorest  response  time  for  a  downward  maneuver,  it  Is  suitable  for  midcourse 
flight  where  efficient  engine  operation  is  important.- 

In  Figure  2  and  in  the  following  figures,  the  roll  angle  control  or  BTT  gain  is 
labeled  KR.  It  is  assumed  that  it  will  drive  a  roll  rate  control  channel  in  the  autopilot. 
The  control  deflection  commands  for  the  pitch,  yaw  and  roll  channels  are  labeled  6pc  4yc 
and  6ac,  respectively.  The  gravity  bias  (g  bias),  is  assumed  to  be  a  function  of  the  ’ 
measured  roll  angle,*. 

Some  work  has  been  done  to  show  that  response  time  ,-ith  a  180-degree  BTT  control  can 
be  faster  than  that  of  a  90-degree  BTT  control.  This  wo. Id  require  an  accurate  cross  feed 
between  the  yaw  and  roll  control  channels  to  make  the  yaw  rate  equal  to  the  roll  rate 
times  the  pitch  angle  of  attack.  This  cross  feed  is  difficult  to  mechanize,  and  it  appears 
questionable  whether  the  response  time  advantage  can  be  realized.  The  real  advantage  ol 
this  approach  Is  the  elimination  of  transient  side  slip.  This  may  be  desirable  if  pro¬ 
pulsion  system  operation  is  very  sensitive  to  sideslip  angle.  Past  work  has  revealed  great 
difficulty  in  eliminating  transient  sideslip  with  cross  feed  without  some  penalty  in 
response  time. 

The  ±90-degree  BTT  control  laws  can  be  made  self-righting  or  not  and,  because  negative 
as  well  as  positive  load  factors  and  angles  of  attack  occur,  they  provide  faster  response 
time  for  downward  maneuvers  than  the  ±180-degree  BTT.  Negative  angle  of  attack  operation 
is  generally  unsuitable  during  midcourse  because  it  compromises  engine  performance. 

Figure  3  illustrates  a  ±90-degree  BTT  implementation  wnich,  because  of  a  sign  change  with 
negative  pitch  load  factor  commands  (§p  )t  may  be  flying  upside  down  with  negative  angles 
of  attack  at  impact.-  Figure  k  shows  an  approach  that  will  always  be  selfrighting,  but  may 
require  a  snap-roll  as  the  vertical  plane  command  (§y  )  goes  from  negative  to  positive. 

These  ±90-degree  BTT  control  laws  have  reduced  sensitivity  to  i.olse  and  boreslght  error. 

The  pitch  and  yaw  channels  for  the  autopilot  are  assumed  to  be  load  factor  control 
(see  Figure  5).-  An  Integrator  is  included  in  the  acceleration  control  loop  of  both 
channels  to  reduce  the  sensitivity  of  the  closed-loop  steady-state  gain  to  flight  con¬ 
dition.  The  integrator  may  not  be  needed  for  the  yaw  channel  with  BTT  control,  but  the 
integrator  provides  a  path  for  static  stability  augmentation  of  the  airframe  (Kg  in 
Figure  5).  This  path  may  be  necessary  because  of  unstable  varues  of  Cng  especially 
during  the  boost  flight  phase.  Removing  the  integrator  in  the  yaw  channel  is  desirable 
during  a  rapi^banS* maneuver?  resp0n8e  theret,y  reducing  the  transient  sideslip  generated 

Some  compensation  is  shown  in  the  rate  damping  path  of  Figure  5.  This  is  assumed  to 
be  a  simple  filter  to  attenuate  noise  and  to  control  the  high  frequency  gain  margins  of  the 
control  channel.  Gain  s  heduling  is  assumed  to  be  provided  by  an  inertial  reference  system 
as  a  function  of  altitude  and  Mach  number.  The  gain  Kss  is  provided  to  keep  the  steady- 

"vuvC  SSj-Ti  C  x  vuc  j-Oau  AttCvC>“  COi'itiOx  c^uai  tO  uiixty . 

To  maintain  satisfactory  engine  performance  and  to  provide  stable  autopilot  conditions, 
some  angle  of  attack  control  must  be  exercised.  This  can  be  accomplished  by  Programming 
the  load  factor  control  limits  on  dp  and  £y  ,  and  the  control  deflection  command  limits 
(4LIM  In  Figure  5)  as  a  function  of  Mach  number,  altitude,  and  tire.- 
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Figure  1  -  Guidance  and  Control  Configurations 


Figure  2  -  180  Degree  Bank-to-Turn  Control 


Figure  3-90  Degree  Bank-to-Turn  (Non-Righting) 


r"~  ~ 


YAW 

CHANNEL 


Figure  It  -  90  Degree  Bank-to-Turn  (Self-Righting) 
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Figure  5  -  Pitch  (Yaw)  Control 
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RESPONSE  TIME  CONSIDERATIONS 

Much  discussion  has  been  devoted  to  the  so-called  response  time  penalty  paid  for  BTT 
control  because  missile  response  time  has  been  a  traditional  criterion  for  evaluating 
autopilot  performance.  However,  establishing  the  minimum  range  capability  by  using  six 
to  ten  time  constants  may "not  be  appropriate  for  BTT  control.  This  is  because  the  BTT 
time  constant  is  nonlinear  or.  at  least  time-varying;  e.g.,  to  pitch  down  with  ±l80-degree 
BTT,  the  initial  response  may’be  slow,  but  the  response  to  subsequent  commands  may  be 
faster  if  smaller  roll  maneuvers  are  required.  Although  there  is  some  amount  of  response 
time  penalty,  the  use  of  the  initial  response  time  as  the  sole  c  iterion  for  performance 
evaluation  unduly  penalizes  the  BTT  control  law.  The  traditional  response  time  relation¬ 
ships  are  still  applicable  to-BTT  against  targets  that  maneuver  Just  prior  to  intercept 
because  it  is' the  Initial  response  that  is  important  for  this  type  of  engagement. 

Measured  response  times  on  a  simulation  show  a  BTT  penalty  that  is  large  if  a  180- 
degree  roll  is  required,  especially  at  low  altitudes  where  the  response  of  the  roll 
channel  is  significant  compared  to  the  pitch  response.  Figure  6  shows  that  high  maximum 
roll  rates  help,  but  the  penalty  appears  large  enough  to  make  a  180  degree  BTT  con¬ 
figuration  an  unlikely  candidate  for  terminal  control.  This  response  time  is  defined  as 
the  time  required  to  reach  63  percent  of  the  commanded  maneuver  in  the  desired  plane. 

The  maneuver  response  is  affected  by  the  response  time  of  the  roll  channel  as  well  as  the 
limit  on  roll  rates. 

From  Figure  6  it  can  be  noted  that  the  response  time  penalty  for  a  90  degree  bank 
maneuver  is  modest  and  is  not  a  strong  function  of  roll  rate,  especially  at  higher 

altitude  where  the  response  time  is  largely  a  function  of  the  pitch  channel  response. 

By  combining  BTT  control  with  STT  control  as  shewn  in  Figure  7  an  improvement  in  re¬ 
sponse  time  can  be  achieved.  This  is  especially  useful  against  maneuvering  targets  as 

shewn  in  Figure  8.  Figure  8  illustrates  the  normalized  miss  performance  of  a  typical  air- 

to-air  missile  against  a  typical  target  as  a  function  of  the  ratio  of  the  yaw  load  factor 
limit  to  the  pitch  load  factor  limit.  Note  that  pure  +90-degree  BTT  control  appears  ade¬ 
quate  against  a  non-maneuvering  target,  but  some  small  yaw  load  factor  capability  provides 
substantial  reduction  of  miss  against  a  maneuvering  target. 

AIRFRAME  CONSIDERATIONS 


Autopilot  design  for  BTT  homing  missiles  is  more  complex  than  for  STT  missiles,  largely 
because  of  the  coupling  of  the  guidance  system  into  the  high  gain  roll  control  channel. 
However,  it  is  also  important  to  note  that  a  BTT  missile  will  maneuver  in  primarily  one 
plane.  It  is  therefore  desirable  to  provide  an  aerodynamic  configuration  which  is  easily 
controllable  in  that  maneuver  plane. 

An  airframe  with  stable  Induced  aerodynamic  rolling  moment  is  especially  desirable  if 
the  missile  is  expected  to  generate  high  angle  of  attack  maneuvers.  Figure  9  shows  a 
front  view  of  three  typical  air-breathing  missile  configurations.  Figure  9a  shows  a  con¬ 
figuration  with  a  single  underslung  air  inlet  and  a  "plus"  tall  (and  possibly  wing)  orien¬ 
tation.  This  configuration  will  likely  have  an  unstable  C^g  (rolling  moment  coefficient, 
Cj,  variation  with  sideslip, 0)  at  supersonic  Mach  numbers  for  both  positive  and  negative 
angles-of-attack.  The  configuration  of  figure  9b  with  the  tails  rotated  to  an  "X"  orien¬ 
tation  has  better  roll  stability  characteristics,  though  the  Inlet  may  still  produce  an 
unstable  Cjg  for  positive  angles  of  attack. 

The  best  aerodynamic  roll  stability  is  likely  to  be  produced  by  a  dual  "cheek"  inlet 
configuration  with  an  "X"  tall  arrangement  (See  Figure  9c).  A  shoulder  or  side  mounted 
inlet  will  also  provide  good  aerodynamic  roll  stability  with  an  "X"  tail  orientation  and 
will  also  support  a  wing,  if  needed  and  if  launcher  fitment  allows.  This  latter  configura¬ 
tion  is  usually  more  difficult  to  fit  onto  present  aircraft  launch  stations. 

The  autopilot  designer  should  attempt  to  influence  the  missile  aerodynamic  design  early 
in  the  configuration  study  phase  to  provide  favorable  aerodynamic  Induced  roll  charac¬ 
teristics.  This  should  make  design  of  a  BTT  control,  with  Its  Inherent  guidance  coupling 
paths,  easier  than  if  the  autopilot  must  Just  be  designed  to  accomodate  the  unstable  Cjg  . 
Other  factors,  such  as  missile  weight,  engine  performance  and  fitment,  may  be  overldlng 
considerations,  but  aerodynamic  roll  stability  should  be  weighed  into  the  missile  con¬ 
figuration  tradeoffs. 

GUIDANCE  SYSTEM  CONSIDERATIONS 


Homing  missiles,  especially  anti-air  missiles,  generally  use  some  form  of  proportional 
navlgatio  guidance  law  to  develop  an  efficient  trajectory  to  the  target  with  a  high  pro¬ 
bability  of  kill.  This  form  of  guidance  law  requires  measurement  of  the  line-of-sight 
(LOS)  rate  to  the  target.  The  target  is  tracked  by  a  sensor  which  is  assumed  to  be 
mounted  on  a  stabilized  two  gimbal  platform  located  in  the  nose  of  the  missile.  This 
platform  will  generally  roll  with  the  missile.  This  rolling  of  the  guidance  sensor  it 
the  maJor  source  of  coupling  between  the  autopilot  ana  the  guidance  system. 


MAXIMUM  ROLL 
RATE  DEG/SEC 


0  90  180 

(UP)  (DOWN) 

REQUIRED  MANEUVER  PLANE  (DEO) 


Figure  6  -  Response  Time  Sensitivity  to  BTT  Control 


Figure  7-90  Degree  Bank-to-Turn  Combined  with  Skid-to-Turn 
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Figure  8  -  Effect  of  Combined  BTT  and  STT 


(a)  Poor 


(b)  Better 


(c),  Best 


Figure  9  -  Airbreather  Inlet-Tall  Configuration/Roll  Controllability  Considerations 
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The  dynamics  of  the  tracking  errors  (e)  and  LOS  rates  (d)  in  the  pitch  and  yaw  coor¬ 
dinates  of  the  sensor  platform  are  glvan  by  the-  following  equations. 

£y  =  &y  ‘®sz  '  ®sx  £p 

=  R  (aty '  arny)  -  °y  -  “sx  °P  (6) 


6p  =  Op  "CD$y  +  ( 0$x  6y, 

Op  =  R.(*tz '  smz)  '  r^P  +  wsx  ®y> 
where  ey  (£p)  is  the  tracking  error  in  yaw  (pitch), 

Oy  (®p)  is  the  LOS  rate  in  yaw  (pitch), 

cosx  is  the  sensor  roll  rate, 

cosz  (cosy)  is  the  sensor  yaw  (pitch)  rate, 

aty  (atz)  is  the  target  acceleration  in  yaw(pitch), 

amy  (amz)  is  the  missile  acceleration  in  yaw  (pitch), 

R  is  the  range  to  the  target,  and 
ft  is  the  missile  to  target  range  rate. 


The  pitch  channel  is  the  primary  steering  channel  for  a  BTT  missile.  Neglecting  gimbal 
angles  and  tracking  dynamics,  a  simple  block  diagram  of  the  pitch  plane  guidance  (Figure 
10)  shows  that  the  rolling  of  the  missile  creates  a  disturbance  to  the  guidance  loop,  but 
does  not  affect  stability.  The  guidance  loop  is  closed  primarily  through  the  pitch  auto¬ 
pilot  as  with  a  STT  missile. 

For  the  yaw  channel,  however,  the  yaw  autopilot  command  is  primarily  used  to  control 
the  roll  of  the  missile  and  a  feedback  loop  is  created  through  the  autopilot  roll  control. 
The  simple  block  diagram  of  Figure  11  shows  that  the  yaw  guidance  channel  is  closed 
through  the  roll  autopilot.  The  loop  gain,  as  seen  in  figure  11,  is  the  product  of  pitch 
LOS  rate  dp,  the  guidance  gain  for  proportional  navigation  XR  and  the  gain  Kr,  divided 
(approximately)  by  the  pitch  channel  lead  factor  command  app,  An  integration  is  included 
between  the  roll  rate  ux  and  the  roll  rate  command  wXc .  Since  the  pitch  command  is  equal 
toXR  dp  the  loop  is  basically  a  roll  attitude  feedback  through  a  gain  Kr.  The  addition 
of  other  dynamics  and  feedback  paths  creates  stabilization  problems  for  this  simple  roll 
attitude  feedback  control.  These  problems  are  discussed  in  the  following  paragraphs. 

If  a  simple  angle  tracking  loop  is  added  to  the  guidance  loop  and  the  seeker  pointing 
command  is  used  as  a  LOS  rate  estimate,  the  pitch  tracking  error  also  becomes  a  feedback 
parameter  for  the  roll  control  channel  as  shown  in  figure  12.  The  pitch  tracking  error 
can  be  reduced  by  adding  an  integral  control  to  the  angle  tracker.  However,  due  to  bore- 
sight  errors,  „he  true  pitch  pointing  error  will  rarely  be  driven  to  zero.  Therefore, 
considerable  effort  must  be  directed  toward  minimizing  boresight  error  for  seekers  when 
using  BTT  guidance. 

Before  proceeding  further,  some  discussion  must  be  directed  toward  seeker  stabil¬ 
ization.  For  a  responsive  roll  control,  the  seeker  stabilization  must  be  a  high  bandwidth 
configuration  .to  maintain  small  tracking  errors  and  to  avoid  loss  of  lock  on  the  target. 
For  imaging  seekers,  or  low  data  rat^  seekers,  the  roll  rate  may  have  to  be  limited  to 
avoid  image  smear  or  loss  of  target  data.  Also,  to  minimize  the  size  of  the  outer  gimbal 
torquers,  the  angular  acceleration  may  have  to  be  limited. 

Conerally,  for  a  BTT  guided  missile,  the  preferred  gimbal  orientation  is  to  have  the 
outer  gimbal  be  the  pitch  gimbal  and  the  inner  gimbal  be  the  yaw  gimbal.  If  the  gimbals 
are  oriented  so  that  the  outer  gimbal  is  the  yaw  gimbal,  there  is  a  coupling  path  from 
roll  angular  acceleration  which  can  be  destabilizing  to  the  BTT  control.  This  is  illus¬ 
trated  in  figure  13.  A  comparable  coupling  path  from  roll  into  the  inner  gimbal  does  not 
exist.  Note  also,  that  by  designing  the  on-glmbal  mass  to  have  a  small  moment  of  inertia 
in  roll,  the  coupling  from  roll  into  the  outer  gimbal  stabilization  loop  can  be  reduced. 

Assuming  the  outer  gimbal  is  the  pitch  gimbal,  some  techniques  for  compensating  for 
the  dynamic  lag  of  the  angle  tracking  loop  in  the  BTT  feedback  path  can  now  be  discussed. 
Figure  12  shows  a  simple  angle  tracking  loop.  If  an  integrator  is  added  to  the  loop  in 
both  the  pitch  .and  yaw  channels,  the  tracking  errors  will  be  maintained  small.  This  will 
reduce  the  gain  through  the  pitch  tracking  error  in  the  BTT  control  and  provide  a  path  for 
coupling  the  pitch  and  yaw  channels  with  the  seeker  roll  rate  as  shown  in  figure  l>t. 

This  coupling  will  provide  some  lead  compensation  for  the  measure  of  the  yaw  LOS  rate 
variation  as  the  missile  rolls.  Thus  if  the  estimated  pitch  LOS  rate  is  equal  to  the 
actual  LOS  rate,  the  dynamic  lag  of  the  angle  tracking  loop  is  removed  from  the  BTT  feed¬ 
back  path  through  the  yaw  channel  of  the  guidance  system.  This  is  shown  in  figure  15. 


Figure  15  -  Yaw  Guidance  with  Roll  Decoupling 
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The  above  approach  does  not  remove  the  pitch  tracking  error  as  a  feedback  path. 
However,  the  Integral  control  for  the  pitch  angle  tracker  will  keep  the  ti  acklng  error 
small  (except  for  noise  and  boresight  error).  Another  approach  is  to  implement  a  more 
complicated  angle  tracker  mechanization,  i.e.  a  multi-state  coupled  Kalman  filter. 

EFFECT  OP  BORESIOHT  ERROR 

The  pitch  tracking  error  due  to  boresight  error  is  difficult  to  compensate  for.  This 
error  can  be  attributed  to  misalignment  between  the  guidance  sensor  axes  and  the  reference 
axes  of  the  inertial  instruments  used  for  stabilization,  the  electromagnetic  window 
through  which  the  guidance  sensor  must  "look"  at  the  target,  or  the  reflections  of  the 
sensed'  electromagnetic  radiation  within  the  compartment  on  the  missile  which  houses  the 
guidance  sensori 

The  misalignment  can  be  made  small  by  specifying  tight  alignment  accuracies,  but  this 
could  be  costly  in  manufacturing,  and  the  residual  error  may  still  be  significant. 
Accuracies  of  0.1  degree  or  less  are  desirable.  An  alternative  approach  is  adjustment 
after  assembly.  If  compensation  for  the  error  due  to  the  electromagnetic  window,  such  as 
a  radome,  is  made  after  assembly,  all  three  effects  can  be  compensated  for  at  the  same 
time.  This  would  require  each  guidance  section  to  have  a  unique  compensation  which  would 
vary  with  gimbal  angle  and,  probably,  frequency.  A  total  residual  error  of  about  0.1 
degrees  or  less  is  required  for  a  high  performance  BTT  control. 

A  simple  block  diagram  of  the  boresight  error  feedback  path  is  shown  in  figure  16. 

Note  that  the  gain  through  this  path  is  very  high  if  the  pitch  acceleration  command  apc 
is  small.  The  90°  BTT  algorithm  with  the  one  g  bias  added  to  the  apc  before  divlding^into 
aye  reduces  the  sensitivity  to  the  boresight  error.  However,  the  residual  boresight  error 
for  radar  seekers  will  generally  limit  the  gain  Kr,  even  after  compensation. 

Radome  boresight  error  'slope'  compensation  is  used  on  some  modern  radar-guided 
missiles.  This  compensation  is  required  to  reduce  in-channel  body  rate  coupling  for  these 
skid-to-turn  missiles.  For  BTT  missiles,  boresight  error  compensation  can  be  used  for  in 
channel  body  rate  coupling  compensation  as  well  as  the  BTT  roll  feedback  compensation.- 
The  ideal  approach  to  compensation  is  to  add  it  directly  to  the  measured  pitch  and  yaw 
tracking  errors.  The  compensation  values  are  taken  from  tables  which  are  functions  of  the 
measured  gimbal  angles  and  the  frequency  of  the  radar  transmissions. 

EFFECT  OF  QUIDANCE  SENSOR  NOISE 


Noise  on  the  tracking  error  signals  from  the  guidance  sensors  and  signal  processing 
can  be  a  problem  for  BTT  control.  Even  after  filtering  acceptable  for  steering  commands, 
the  residual  noise  can  cause  significant  roll  rate  transients  because  of  the  relatively 
responsive  roll  rate  control.  This  is  especially  true  for  radar  3eekers.-  Figure  17  3hows 
the  roll  rate  time  history  from  a  simulation  of  a  radar  guided  BTT  missile.  The  early 
portion  of  the  flight  used  command-inertial  midcourse  guidance  with  a  180°  degree  BTT 
control  similar  to  that  of  figure  2.:  The  latter  portion,  where  the  noise  is  significant, 
is  an  active  radar  terminal  homing  mode  with  a  ±90  BTT  combined  with  STT  control. 

Additional  filtering  was  added  to  the  acceleration  commands  used  for  the  BTT  control 
algorithm  as  shown  in  figure  18.  This  simple  lag  filter  for  both  the  pitch  and  yaw 
acceleration  commands  had  to  be  roll  rate-coupled  as  illustrated  in  figure  19.  The  resul¬ 
tant  roll  rate  time  history  was  considerably  more  active  than  that  for  a  typical  STT  missile.- 
The  filter  time  constant  was  selected  empirically  to  reduce  the  roll  rates  due  to  noise- 
without  affecting  miss  distance  performance.- 

SUMMARY  OF  SIMULATION  STUDIES 


Six  degree-of-freedom  (6  DOF),  simulation  with  relatively  detailed  models  has  shown  that 
performance  with  BTT  control  for  a  ramjet-powered,  radar  guided,  medium  range  air-to-air 
missile  was  excellent.  Much  of  the  performance  advantage  over  a  similar  size  boost-glide 
missile  was  due  to  the  higher  terminal  velocities  of  the  ramjet-powered  configuration. 

But  miss  performance  achieved  with  the  90°  BTT  control  combined  with  STT  control  (see 
figure  18.)  was  comparable  to  that  of  the  pure  STT  missile  at  comparable  terminal  velocities. 
The  slightly  increased  response  time  of  the  BTT  control  produced  a  3mall  increase  in  the 
inner  launch  zone  and  a  modest  increase  in  maneuvering  target  miss  for  maneuvers  at  short 
tlme-to-go. 

The  6  DOF  simulation  was  used  to  validate  the  BTT  control  algorithms  discussed  in  the 
previous  paragraphs.  Included  in  the  simulation  were  the  guidance  roll  coupling  algorithms, 
radome  error  compensation  and  the  antenna  stabilization  control  loops.  The  Impact  of  not 
including  the  roll  coupling  in  the  angle  tracking  loop  and  other  guidance  filtering  was  in¬ 
creased  miss  and  frequent  loss  of  roll  control.  This  was  also  true  for  operation  without 
radome  boresight  error  compensation. 

Further  verification  of  the  algorithms  was  achieved  with  implementation  in  a  hardware- 
in-the-loop  (HIL)  simulation  using  an  actual  radar  seeker  and  a  guidance  and  control  pro¬ 
cessor.  Though  the  amount  of  testing  was  limited  due  to  budget  and  time  constraints, 
stability  and  controllability  were  demonstrated  for  several  engagement  conditions. 


Figure  17  -  Effect  of  Radar  Noise  on  BTT  Roll  Rate 


The  HIL  simulation  was  especially  effective  in  evaluating  the  radome  boresight  error 
compensation.  Simulation  runs  were  made  with  and  without  the  compensation  and  with  and 
without  the  radome.  Though  RMS  miss  for  runs  made  with  the  radome  and  compensation  was 
increased  by  50  percent  over  the  miss  for  runs  made  without  radome  or  compensation,  good 
controllability  was  exhibited,  and  the  results  from  the  digital  6  DOF  simulation  produced 
a  similar  increase  in  miss.  When  radome  error  compensation  was  removed,  the  controllability 
was  poor  and  the  miss  was  increased  by  100  percent  over  the  miss  with  compensation,  or 
300  percent  greater  that  the  miss  without  radome  or  compensation.  This  evaluation  was 
only  made  for  one  engagement  condition,  but  it  appears  to  validate  the  feasibility  of 
maintaining  a  stable  BTT  control  with  radome  error  compensation  tables. 

The  slmulatio  •  studies  conducted  on  this  missile  configuration  demonstrated  the 
feasibility  of  using  BTT  guidance  and  control  for  terminal  homing  missiles.  The  results 
further  illustrate  that  the  autopilot  designer  must  work  closely  with  the  guidance  de¬ 
signer  to  assure  that  body  rate  coupling  through  the  guidance  system  can  be  controlled  in 
an  integrated  high  performance  guidance  and  control  system. 


Reference:  Proceedings  of  the  Workshop  on  Bank-to-Turn  Controlled  Terminal  Homing 
Missiles,  19-20  September  1989,  QACXAC  PR-85-01 
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UTILIZATION  FOR  WEAPON  SYSTEM  DEFINITION 


by  G.  VALLAS  -  "DASSAULT  ELECTRONIQUE  “  - 
55,  quai  Marcel  Dassault  -  92214  SAINT-CLOUD  -  FRANCE 


and  F.  BUREL-  "AEROSPATIALE  DIVISION  ENGINSTACTIQUF.S" 
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ABSTRACT: 

This  article  summarizes  the  way  of  quantifying  the  main  parameters  which  size  an  antisea- 
skimmer  missile  by  using  numerical  simulations. 

The  ammunition-sizing  can  only  be  correctly  defined  when  a  sufficient  number  of  iterations  is 
achieved  with  the  modelization  tools,  taking  Into  account  the  specification  of  the  threat  and  cost 
constraints. 

This  text  describes  a  method  of  evaluation  of  the  main  parameters  and  specifies  the  primary 
function  of  the  simulation  during  the  various  phases  ofthe  project. 


The  design  of  the  anti-missile  system,  and  in  particular,  of  the  antisea-skimmer  missile  is  broadly 
based  on  requirements  specified  by  the  Defence  Ministry  Officials. 

The  description  below  covers  a  method  for  defining  an  antisea-skimmer  based  on  the  following 
main  threat  characteristics: 

highly  maneuvering  target, 

-  hi"h  constraint  environment  (jamming)  requiring  all-weather  defence  capabilities, 
saturating  and  multidirectional  attack  scenarios. 

Based  on  these  characteristics,  a  vertically-fired  missile  is  required  with: 

]k. 

•  a  mid-course  guidance  system  operating  on  information  from  the  IMU  and  fire 
control  system  periodically  refreshing  data  concerning  the  target, 

-  an  independent  terminal  guidance  system  using  an  active  electromagnetic  seeker,, 

-  a  ''lethality”  function  ensured  through  an  electromagnetic  proximity  fuze  and  a 
warhead,  detonated  by  the  on-boara  computer  of  the  missile  to  obtain  optimum 
results. 


♦  IMU  =  Inertial  Measurement  Unit 


2-  MAIN  INTERACTIONS  BETWEEN  SYSTEM  COMPONENTS 

An  accurate  description  of  the  threat  Is  fundamental  to  system  definition,  in  particular  that  of 
the  missile. 

CHART  1  shows  the  main  characteristics  of  the  threat: 

electromagnetic  representations  of  the  target  are  required  in  order  to  design  the 
radar,  the  seeker  and  the  proximity  fuze, 

-  all  of  the  average  trajectory  types  and  penetration  maneuvers  are  incorporated  to 
define  guidance/control  requirements,  to  characterize  (in  part)  the  radar,  the  fire 
control  and  seeker  systems, 

-  data  relative  to  target  vulnerability  are  taken  into  account  to  design  the  warhead, 

-  the  environment,  whether  natural  or  not,  is  an  essential  aspect  which  intervenes  in: 

■  the  design  and  sizing  of  the  radar,  the  seeker  and  its  antenna,  and  the 
proximity  fuze, 

-  generation  of  guidance  methods  and  seeker  software. 

The  multi-target  nature  of  the  threat  (not  shown  in  chart  1)  which  can  be  apprehended  through 
the  scenario  definition  (number  of  targets,  directions  and  rates  of  attack,  spacing  between 
targets,  target  objectives,  etc.)  should  not  be  neglected  as  these  can  have  multiple  repercussions 
on  the  definition  of  the  radar,  the  fire  control  system,  the  missile  and  its  seeker,  and  the 
launcher.  These  various  aspects  are  not  covered  in  this  document  but  should  however  be  taken 
into  account  from  the  beginning  of  the  project  due  to  the  technical  and  financial  implications. 

It  is  therefore  necessary  to  define  the  main  requirements  relative  to  performance  of  the  missile 
and  its  equipment. 

CHART  2  provides  an  overall  block  diagram  of  the  procedure  adopted: 

-  the  characteristics  of  the  threat,  shown  in  chart  1,  lead  to  definition  of  the 
guidance/control  requirements: 

-  requirements  related  to  trajectory  shaping  following  vertical  firing  for 
interception  at  the  specified  short  range.  These  requirements  will  bear  on  the 
aerodynamic  profile  and  propulsion  profile  during  the  boost  phase  at  least. 
These  will  have  repercussions  on  the  sizing  of  the  structure  and  can  be  viewed 
in  terms  of  performances  required  of  the  steering  control  components, 

•  requirements  related  to  autoguidance:  load  factor,  static  margin, 
autoguidance  time  constant,  i.e.  time  constant  of  autopilot  and  time  constant 
for  generation  of  guidance  signal.  These  parameters  in  turn  condition  the 
dynamic  performances  of  the  IMU  and  the  steering  control  components,  and 
limit  the  angular  error  measurement  extraction  time  of  the  seeker. 

-  in  view  of  the  specified  domain,  and  more  particularly,  the  maximum  intercept 
range,  and  taking  account  of  the  radar’s  detection  capacities  and  the  minimum 
duration  of  the  firing  sequence,  the  average  missile  speed  requirement  is  defined. 

-  similarly,  carrying  constraints  relative  to  the  launcher  also  contribute  in  defining  the 
the  airframe. 

The  choice  of  aerodynamic  definition,  the  propulsion  project  and  missile  architecture  must 
satisfy  the  first  two  requirements  mentioned  above  while  observing  geometry  constraints  and 
characteristics  (weights  in  particular)  of  the  missile  equipment. 
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CHART  3  shows  the  main  interdependent  links  between  the  various  system  parameters.  This 
chart  shows  certain  key  aspects  in  the  antisea-skimmer  missile  design: 

-  as  concerns  the  equipment: 

the  lock-on  range  of  the  seeker  depends  on  the  seeker  itself,  the  target  s  radar  cross 
section  and  the  environment  (jamming),  but  also  on  the  trajectory  shaping  process 
used  to  minimize  the  influence  of  jamming  and  target  designation  errors  which  will 
be  covered  in  paragraph  4.  These  can  be  due  to  a  certain  number  of  items,  including 
the  static  accuracy  of  the  IMU  for  which  the  static  performance  requirements  must 
be  defined. 

-  as  concerns  the  missile  software: 

the  trajectory  shaping,  seeker  logics  and  processing  circuits  for  signals  received  by 
the  homing  head  and  autoguidance  functSions  are  highly  conditioned  by  the 
"countermeasures"  component  of  the  threat. 
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When  satisfying  the  requirements  relative  to  the  autoguidance  function  mentioned  above,  when 
obtaining  a  seeker  lock-on  range  providing  a  sufficient  autoguidance' duration  with  respect  to 
aim-offs  to  be  corrected  and  ensuring  the  quality  of  the  guidance  signal  generated  by  the  logics 
and  seeker  signal  processing  circuits,  then  the  intercept  miss-distances  will  be  reduced  as  far  as 
possible. 

As  a  function  of  these  parameters,  the  proximity  fuze/warhead  pair  must  be  optimized  to  ensure 
maximum  terminal  efficiency.  Electromagnetic  characteristics  of  the  target  for  the  proximity 
fuze,  environmental  conditions,  geometry  and  kinematics  of  interception  at  the  end  of  the 
autoguidance  phase,  as  well  as  the  target's  vulnerability,  form  the  context  in  which  this 
optimization  process  must  be  carried  out . 

Chart  3  shows  the  complexity  of  the  system  to  be  designed:  the  arithmetic  simulations  at  this 
level  are  an  indispensable  design  aid. 

3.-  ANALYSIS  OF  CONSTRAINTS  RELATIVE  TO  AUTOGUIDANCE  DESIGN 
3.1  Threat 

3.1.1  Manauars  „  . 

3-1.1. 1  Effect  of  maneuvers  on  intercept  miss-distance:  mflgencg_pf 

interceptor  time  constant 

The  sea-skimmer  maneuvers  performed  to  penetrate  the  ship(s)  defences  are  defined  by: 

-  their  type  (acceleration  by  levels,  for  example), 

-  load  factor,  which  may  be  very  high  (+  or  -  15G), 

•  maneuver  period. 

These  maneuvers,  associated  to  the  sea-skimmer's  autopilot  with  a  low  time  constant  are  sizing 
factors  in  the  interceptor’s  autoguidance  function:  required  maneuverability,  guidance  time 
constant  and  therefore  time  constant  relative  to  the  autopilot  can  be  observed,  and  seeker  time 
constant. 

With  respect  to  such  maneuvers,  the  influence  of  the  antisea-skimmer's  autopilot  time  constant 
on  the  miss  distance  can  be  quickly  evaluated  through  a  simplified  numerical  simulation  for 
which  a  block  diagram  is  given  in  CHART  4. 

This  type  of  simulation  is  easy  to  produce  and  quickly  executed.  It  is  therefore  moderate  in  cost. 
Another  advantage  is  that  it  can  be  used  to  define  guidance/control  requirements  in 
autcgi-idance  phase  in  the  presence  of  certain  non-linearities  (saturations),  and  supply,  in 
particular,  the  miss-distance  distribution. 

CHARTS  5  and  6  show  the  results  obtained  for  a  target  maneuvering  in  steps  with  amplitudes  of 
10  or  15  »,  filtered  by  a  second  order  with  100  ms  time  constant  and  damping  ratio  of  0.7 
representing  the  target  pilot.  The  maneuver  period  and  time  constant  of  the  antisea-skimmer 
(2nd  order;  4  “  0.7)  vary. 


Note:  The  representation  of  the  autopilot  transfer  in  the  form  of  a  second  order  is  considered 
here  as  an  example.  It  is  clear  that  the  user  must  ensure  that  the  transfer  is  sufficiently 
representative  (order,  damping)  of  the  "actual"  loop. 

These  charts  show  that,  for  example,  with  respect  to  a  threat  operating  with  load  factor  steps  of 
10  G  and  a  period  of  1.5  s,  the  miss  distances  less  than  n  meters  in  70%  of  the  cases  require  a  fast 
antisea-skimmer  autopilot:  pilot  <  1.5t(ms). 

3. 1.1.2  Weight  of  warhead  required  according  to  intercept  miss-distance 

inorder  to  obtain  structural  kill  of  the  target 

For  a  short  ranee  interception,  structural  kill,  rather  than  functional  kill(system  kill),  of  the 
target  is  required  (i.e.  target  broken  into  two  sections)  to  minimize  the  risk  of  the  target  hitting 
the  ship.  Furthe.more,  it  is  unlikely  that  a  sufTicient  system  kill  probability  be  obtained  with 
respect  to  the  diversity  of  the  geometrical  characteristics  arid  the  vulnerability  of  the  targets. 

Structural  kill  can  be  obtained  using  a  fragmentation  charge  whose  efficiency  is  assessed 
according  to  the  number  ^r(E  =  total  energy  of  fragment  hitting  target  and  S  =  area  covered  by 
impacts  on  target),  corresponding  to  a  classical  criterion. 

As  with  all  anti-aircraft  warheads,  the  weight  of  the  metal  is  approximately  equal  to  the  weight  of 
the  explosive  to  maximize  the  kinetic  energy  of  the  fragments  per  kilo  of  total  weight  of  warhead 
and  obtain  fragments  of  sufficient  weight.  The  energy  E  is  thus  optimized  and  thus  the  number 

E/V*. 
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This  criterion  also  shows  the  interest  inmintateingtiie  impacted  area  (S).  Therefore,  the  design 


Furthermore,  the  aspect  ratio,  of  the  warh'eadmust  be  sufficient  to  minimize  the  effect  of  leaks  at 
the  ends  thus  optimizing  the  ejection  speed  of  the  fragments.  This  provides  two  advantages: 

-  for  head-on  interceptions,  fragment  impact  incidence  on  target  sharply  lower  than 
ricochet  incidence, 

•  highest  possible  time  range  between  target  detection  by  the  proximity  fuze  and 
detonation  of  the  warhead,  thus  maximizing  the  explosion  delay  adjustment  margin. 

The  total  weight  of  the  warhead  required  as  a  function  of  the  intercept  miss-distance  to  obtain 
structural  kill  of  the  target  can  be  determined  through  a  conventional  numerical  simulation  tool 
structured  as  follows: 


STRUCTURAL  KILL 
yes  or  no 


CHART  7  shows  the  results  obtained  by  using  a  model  of  this  type  for  focused-burst  warheads 
with  various  weights,  but  all  comprising  50%  fragments  and  50%  explosive  and  ail  with  the  same 
aspect  ratio.  By  maintaining  a  constant  aspect  ratio,  when  the  weight  increases,  the  increase  in 
diameter  and  length  of  the  warhead  is  limited  to  the  minimum. 

This  chart  shows,  as  a  function  of  intercept  miss-distance,  the  warhead  weight  required  to  obtain 
structural  kill  of  the  target,  i.e.  so  that  the  number  E/  i/T reaches  either  the  threshold 
corresponding  to  a  conventional  target,  or  a  double  threshold  corresponding  to  a  hardened 
target.  The  considered  interception  is  head-on  interception  and  takes  place  it  800  m/s  (speed  of 
sea-skimmer  and  interceptor) . 

It  appears  that  structural  kill  of  the  hardened  target: 

-  is  obtained,  even  with  a  low  weight  and  diameter  warhead  (>  1.5  u  kilograms,  >  180 
mm)  when  the  intercept  miss-distance  is  within  a  meters, 

-  is  only  obtained  with  larger  weight  and  diameter  warheads  (>  9  u  kilograms,  >  330 
mm)  when  the  intercept  miss-distance  is  high  (3.5  a  meters). 

3.1. 1.3  Autopilot  constraints 

As  discussed  in  paragraph  3. 1.1.1,  the  autopilot  time  constant  must  be  low,  i  e.  the  flight 
control  syster,  bandwidth  must  be  high  (a  few  Hertz).  As  a  result,  the  equipment  bandwidths 
are  high  and  can  be,  for  some  equipment,  higher  than  the  natural  frequencies  of  the  structural 
modes. 

Let  us  consider  the  conventional  autopilot  structure  shown  in  CHART  8. 

At  high  frequency: 

-  only  the  internal  loop  with  gain  K3  subsists, 

-  the  rigid  missile  behaves  as  a  pure  inertia,  i.e.  -fi-  »  M/Is. 

The  loop  ,  opened  before  the  actuator,  is  therefore: 

K3  M/Is  x  Structure  filter  x  exp  (-  tc  s)  x  Actuator  x  IMU 

The  structural  filter,  tuned  to  the  natural  frequency  of  the  bending  modes,  is  intended  to 
attenuate  the  peak  resonance  created  by  these  modes  and  capable  of  destabilizing  the  closed 
loop. 

The  presence  of  this  filter,  which  is  necessary  with  respect  to  stability,  does  however  introduce  a 
phase  lag  which  requires  to  increase  the  response  time  of  the  autopilot,  and  therefore  of  the 
guidance  loop. 

The  higher  the  frequency  of  these  modes,  the  more  the  peak  resonance  will  be  located  in  an 
area  where  high  attenuation  is  produced  by  the  equipment,  and  therefore  the  less  this  peak  will 
interfere  :the  need  for  filtering  will  therefore  decrease.  Moreover,  the  lag  at  low  frequency 
introduced  by  the  filter,  for  a  given  attenuation,  decreases  when  the  filter  is  tuned  to  higher 
frequency.  So,  with  higher  frequency  mode,  the  autopilot  time  constant  can  be  made  lower  with 
prescribed  stability  margin.  This  means  that  the  desired  guidance  time  constant  feasibility  will 
be  facilitated. 

It  is  therefore  preferable  to  design  an  antisea-skimmer  with  low  weight  and  aspect  ratio  for  which 
the  natural  frequency  of  the  structural  modes  will  be  effectively  high. 

In  sum,  the  target’s  maneuver  leads  to  considering  the  following  loop: 
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One  of  the  key  points  in  the  antisea-skimmer  design  consists  in  identifying  the  solution  which  will 
integrate  the  parameters  in.  this  loop  through  a  solution  expressed  in  terms  of  weight  of  warhead/weight 
of  missile/guidance  time  constant/intercept  miss-distance. 

3.13  Definition  of  seeker  antenna  satisfying  previously  established  requirements 

To  obtain  command  extraction  with  the  lowest  possible  time  constant,  the  antenna  must  oc  a  two-axis 
monopulse  type  antenna. 

Furthermore,  to  obtain  the  lowest  possible  command  noise,  all  things  equal,  the  antenna  must  have  the 
highest  possible  efficiency. 

This  leads  to  a  slotted  flat  antennu. 


The  antenna  will  therefore  be  formed  by  four  basic  arrays  providing,  by  association,  the  sum  (£)  and 
difference  (AE,  AQchannels. 

The  model  will  incorporate  the  basic  pattern  of  each  slot,  and  mutual  couplings. 

The  quality  of  the  model  is  shown  by  comparing  the  computed  model  (CHART  9)  with  measurements 
performed  on  the  antenna  developed  (CHART  10)  for  a  52-slot  antenna  with  a  uniform  illumination  law. 

3.13  Electromagnetic  model  of  target:  glint  representation 

The  seeker  and  radar  use  the  energy  reflected  by  the  target  to  locate  and  track  it. 

This  localization  function  has  random  interference  called  glint  which  must  be  incorporated  in  the  model 
when  assessing  performance  with  respect  to  intercept  miss-distance. 

The  angular  glint  is  defined  as  the  difference  between  the  angular  location  measured  and  the  actual 
angular  position  of  the  target. 

The  geometrical  theory  of  diffraction  shows  that  the  set  of  uifferent  geometrical  surfaces  forming  an 
aircraft  radiates,  in  the  incident  direction,  a  portion  of  the  energy  received  on  a  point  located  on  the 
surface.  The  position  and  brightness  of  each  of  these  points  will  vary  as  a  function  of  the  target's 
presentation  and  small  movements  of  the  target  around  the  center  of  gravity. 

The  method  used  to  model  the  glint  consists  in  breaking  down  the  target  into  elementary  facets  which 
are  subjected  to  small  relative  movements. 

An  example  of  glint  modelization,  confirmed  by  experience,  was  performed  on  an  aircraft  broken  down 
into  18  facets  as  shown  in  CHART  11; 

The  quality  of  this  model  is  assessed  by  comparing  the  theoretical  model  (CHART  12)  with  the 
measurements  performed  in  carried  flight  (CHART  13)  under  the  same  conditions. 

An  electromagnetic  model  of  the  sea-skimmer  can  be  constructed  using  the  same  method. 

3.1.4  Electromagnetic  modelization  of  environment 

3.1.4.1  SiamL-flffjanimci 

The  stand-off  jammer  decreases  the  range  (R)  of  the  seeker  according  to  the  following  relation: 


f  Rn-t 4  KTF  4  Pj 
lRrJ  "  KTF 


Where 


Pj 


(RPKjA*Lr 
(4x)*  D* 


Rtf  range  in  clear  mode 

Rj:  range  in  jammed  mode 

K:  Boltzman  constant 

T:  absolute  temperature 

F:  receiver  noise  factor 

PJ:  density  of  jamming  (by  Hz)  received  in  line  with  mixers 

G:  gain  of  antenna  in  direction  of  jammer 

h  length  of  reception  wave 

Ln  reception  losses 

D:  distance 

(RP):  density  of  jamming  output  (by  Hz) 


The  stand-off  jammer  also  increases  the  noise  level  affecting  the  angular  error  measurements.  However, 
these  effects  can  be  reduced  by  appropriate  trajectory  shaping  (see  paragraph  5)  or  through  suitable 
processing. 


3.1.43  Attenuation  due  to  rain 
This  is  introduced  through  tables  in  the  modelization  process. 


3.1.43  Image  effect 

The  image  effect  is  due  to  multiple  reflections  on  the  sea  of  incident  and  reflected  rays. 

At  low  incidence  angles,  this  phenomenon  results  in  a  symmetrical  image,  and  is  similar  to  glint  at  higher 
incidence  angles. 

The  modelization  is  achieved  by  dividing  the  reflecting  surface  into  elementary  facets  which  re-radiate 
with  a  retro-scatter  coefficient  adapted  to  the  incidence  angles. 

The  quality  of  this  model  can  be  seen  by  comparing  the  computed  spectrums  (skin  echo  +  image)  with 
the  measurements  taken  during  carried  flight:  an  example  of  comparison  is  given  in  CHART  14. 

The  scale  of  abscissas  on  this  figure  is  given  in  Doppler  frequency  (lOOHz/ms-1)  around  an  aibitrarv 
reference. 

The  spectrum  observed  at  frequencies  higher  than  that  of  the  skin  echo  is  due  to  noise  produced  by  the 
sources,  and  not  incorporated  in  the  model. 

The  image  results  in  a  spectrum  increasing  the  angular  error  measurement  noise  at  the  end  of  the 
trajectory  and  which,  subsequently,  can  increase  the  intercept  miss-distance. 

3.1.4.4  Clutter 

Clutter  is  due  to  the  retro-scatter  of  the  sea  (CHART  IS).  This  occurs  when  sea  returns  have  the  same 
Doppler  frequency  as  the  target  and  have  a  distance  related  to  the  missile  which  is  equal  to  the  missile- 
target  distance  within  a  whole  number  of  ambiguity  ranking.  This  type  of  situation  can  occur,  for 
example,  for  a  sea-skimmer  intercepted  from  behind  in  a  zone  defence  configuration. 

This  phenomenon  reduces  the  range  of  the  seeker  and  increases  angular  error  measurement  noise. 

The  clutter  computation  principle  is  as  follows. 

The  reflecting  surface  is  divided  into  elementary  facets. 

P  is  the  center  of  a  facet. 

dP  is  the  clutter  power  received  by  one  facet 


OF-  (4,)*# 

d:  MP  distance 

G:  gain  of  antenna  in  direction  of  MP  (function  of  Y) 

Pe:  peak  transmission  power 

Se :  transmission  shape  factor 

o0:  sea  retro-scatter  coefficient,  as  a  function  of  sea  state,  length  of  wave  X  and  incidence  p 

The  overall  scatter  power  is  written: 


P-I(C)dP 

where  C  is  all  of  the  basic  surfaces  resulting  from  the  intersection  of  the  iso  distances  and  iso  speeds. 
This  results  in  a  range  reduction  i 


r  K.TBF  y  1/4 
r“  '■K.TBF  +  P' 


In  practice,for  each  point  of  ground  is  performed  the  computation  of  both  pandYas  well  as  the  clutter  dopplcr 
frequency  using  the  expression: 

2,yM.cps.g 

X 

This  provides  the  scatter  spectrum;  the  value  of  the  target  iso  frequency  clutter  ir  used  to  compute  the  r. 

The  quality  of  the  model  can  be  seen  by  comparing  the  theoretical  and  experimental  results  recorded 
under  the  same  conditions  (CHARTS  16  and  17). 

3.2  S.s£_kcm.quiremcms 

3.2.1  Thermal  noise 

The  signal-to-noise  ratio  is  defined  by  the  well-known  relation: 


S  PeG1  X’g  L 
N"(4*)JR'KTBF 


where  Pe:  average  transmission  power 
G:  antenna  gain 
C-.  targets  radar  cross  section 
L:  losses 

R:  target-missile  distance 
K:  Boltzman  constant 

T:  absolute  temperature  KTBF  represents  the  thermal  noise  power 

B:  reception  band 

F:  noise  factor 


A  noise  variance  is  used  (mh)z. 

The  signal  value  is  then  standardized  by  S/N  (oth)2 

The  thermal  noise  modelization  is  achieved  by  adding  a  Gaussian  random  variable  of  variance 
■(oth)  v20,B  for  each  of  the  two  channels  (real  and  imaginary)  forming  the  signal, 

where  A  is  the  sampling  step 
B  is  the  reception  band 

With  P  and  Q  representing  the  power  levels  in  phase  and  quadrature  of  the  signal  alone,  we  have: 

♦  Q*  -fj  (<’th)1 


The  real  and  imaginary  values  overall  (signal  +  noise)  are  then: 


Real  S 


V2A.B 

Imaginary  S  -  Q  +  oth 


/2A.B 


where  g  is  the  Gaussian  random  variable  with  variance  1. 


The  radome  aberrations  are  numerically  compensated  by  means  of  a  table  and  only  a  residue 
remains.  For  each  simulation  case,  the  model  creates  a  residual  aberration  table  for  the  antenna 
rotation  angles  which  vary  between  -  55°  and  +  55°  in  elevation  and  circular. 

The  tesidual  aberration  is  modelled  for  the  seeker  through  spatial  filtering  of  a  Gaussian  white 
noise. 

The  residues  obtained  are  representative  (CHART  18)  of  those  obtained  on  a  seeker  (CHART 

4.-  DESIGN  OFTHE  SYSTEM  FOR  SEEKER  LOCK-ON 
4.  l  description  of  problem 

In  view  of  best  limiting  the  seeker  lock-on  duration  to  provide  a  maximum  autoguidance 
duration,  in  order  to  avoid  possible  lock-on  on  an  attacker  other  than  the  target  tracked  by  the 
fire  control  system  in  a  multi-target  environment  and  to  maintain  the  anti-stand-off  jammer 
capability  (see  paragraph  5. 1 . 1),  the  lock-on  process  uses  no  scan  function.  In  search  phase,  the 
antisea-skimmer  computer  generates  the  target  designation  to  the  seeker  made  of  the  distance, 
relative  speed  and  missile-target  angular  direction. 

This  target  designation  based  on  range,  Doppler  frequency  and  angle  uses  the  position  and 
velocity  of  the  target  supplied  by  the  fire  control  system  through  the  up-link,  as  well  as  the 
position,  velocity  and  attitude  of  the  missile  generated  by  the  interceptor’s  navigation  computer. 

The  target  designation  is  then  tainted  by  errors  induced: 

-  by  navigation  errors  and  their  evolution  (*)  during  flight,  mainly  due: 

-  to  static  errors  induced  in  the  IMU, 

-  to  alignment  errors  between  the  IMU  trihedron  and  the  reference  trihedron, 

-  by  target  tracking  errors  produced  by  the  fire  control  system  which  depend,  in 
addition  to  the  target  itself  (altitude,  maneuvers,  speed,  radar  cross  section): 

-  on  the  quality  of  the  radar  measurements,  i.e.  the  design  of  the  radar  itself, 

-  the  prediction/estimation  algorithms  of  the  fire  control  system, 

-  the  data  refresh  rate  of  the  up-link, 

-  the  alignment  errors  between  the  radar  trihedron  and  the  reference  trihedron. 
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These  errors  which  affect  the  target  designation  must  remain  compatible  with  the  seeker’s 
"capabilities"  to  allow  it  to  effectively  lock  on  to  the  target.  Lock-on  should  take  place  at  a  range 
providing  a  sufficient  autoguidance  time  to  compensate  for  errors  with  respect  to  collision  at  the 
start  of  the  autoguidance  phase. 

Sizing  of  the  system  with  respect  to  seeker  lock  on  is  therefore  essentially  aimed  at  defining 
requirements  in  terms  of  static  accuracy  of  the  IMU.  alignment  precision,  data  refresh  rate  and 
target  tracking  accuracy. 

This  also  leads  to  sizing  certain  parameters  of  the  seeke;  and  its  antenna  through  specification  of 
the  lock-on  range  ana  the  error  domain  relative  to  distance,  Doppler  frequency  and  angle  in 
which  lock-on  should  take  place. 

*  this  evolution  will  depend  on  static  errors  from  the  IMU  and  is  conditioned  during  the  flight  by 
accelerations  and  angular  rates  created  by  mid-course  guidance  and  autopilot. 

4.2  Methodology  using  numerical  simulation 

The  numerical  simulation  can  be  used  effectively  during  the  sizing  process.  In  view  of  its 
objective,  this  simulation: 

a)  should  show  the  target's  kinematics  (speed,  attitude,  maneuvers)  and  its 
radioelectric  representations  for  the  seeker  and  the  radar, 

b)  should  integrate  a  model  representative  of  radar  measurements  and  tracking 
algorithms,  taking  account  of,  in  particular,  jamming,  rain,  and  image  effect  (i.e. 
allthe  associated  interference), 

c)  should  integrate  a  six-degrees  of  freedom  model  of  the  missile  flight  including  a 
representation  of  the  IMU  measurements  tainted  by  static  errors,  navigation 
computations  initialized  with  alignment  errors,  mid-course  guidance  algorithms,  a 
representation  of  autopilot  algorithms,  aerodynamics,  propulsion,  in-flight 
mechanical  data,  and  target  designation  computations  for  the  seeker, 

d)  should  include  a  seeker  model  for  which  the  lock-on  range  takes  account  of 
jamming,  rain  and  clutter, 

e)  should  include  a  model  of  the  radar-missile  link  determining  whether  the  missile 
receives  (or  not)  the  link  message  on  each  transmission.  Non-reception  of  the 
message  will  have  an  effect  on  quality  of  target  designation  to  the  seeker  and 
therefore  on  the  lock-on  probability.  Such  a  model  will  involve  models  of  the 
receiver,  the  reception  antenna,  attenuation  of  the  radioelectric  signal  through  the 
propulsion  unit  flame,  the  transmission  antenna,  and  the  transmitter  and  should 
also  take  account  of  the  environment  (rain,  image  effect,  jamming).  In  addition, 
errors  in  the  direction  of  up-link  transmission  should  be  taken  into  account,  errors 
depending  on  tracking  (or  not)  of  the  missile  by  the  radar  and  presence  (or  not)  of  a 
down-link. 

Using  a  numerical  simulation  of  this  type  and  for  each  specified  threat,  it  is  possible  to  analyze 
the  contribution  to  target  designation  errors  on  one  hand,  by  each  of  the  error  items  taken 
separately,  and  on  the  other  hand ,  by  all  of  the  error  items  together. 

In  parallel,  the  extrapolated  intercept  miss-distances  at  switch  homing  time,  supplied  by  the 
same  simulation  tool,  are  examined  to  ensure  that  these  can  be  corrected  according  to  available 
maneuverability  and  autoguidance  duration. 

CHARTS  20,  21  and  22  show  the  evolution,  during  the  interception,  of  the  errors  in  target 
designation  to  the  seeker  in  range,  Doppler  frequency  and  angle.  The  interception  concerns  a 
supersonic  sea-skimmer  (800  m/s)  maneuvering  with  penetration  +  dog-leg  maneuvers  ;  there  is 
no  scatter  on  the  moment  the  track  is  initialized  by  the  fire  control  system  and  the  up-link 
operates  at  a  rate  of  1  s. 

These  charts  show  the  error  assessment  as  a  function  of  missile-target  range  incorporating  all  the 
error  items  mentioned  above. 

Chart  22  shows  in  particular  that  for  a  seeker  with  range  on  axis  equal  to  6S00m  for  the 
considered  target  and  a  total  beamwidth  of  -  3  dB  equal  to  26o,  the  lock-on/autoguidance  range 
will  be  5  to  6  km  (provided  also  that  the  Doppler  search  takes  place  on  about  ±  4tr m/s  at  least: 
see  chart  21).  As  a  result,  if  the  corresponding  autoguidance  duration  is  sufficient,  taking 
account  of  the  relative  speed,  the  chart  shows  the  suitability  between  the  seeker  characteristics 
mentioned  above  and  tne  performance  levels  considered  for  the  IMU,  the  alignment  and  the 
tracking  accuracy. 

This  type  of  study  therefore  prr  .siderable  aid  in  designing  the  vauous  components  in 

the  lock-on  chain  and  those  of  th„  -n-.Lsile  link  chain,  ana  in  defining  the  specifications  to 

the  seeker  designer  relative  to  distance,  sp  ee d  and  angle  errors  at  lock-on. 


4.3  Design  of  the  seeker  with  respect  to  lock-on 

The  angular  acquisition  domain  (or  basket)  as  a  function  of  range  is  the  result  of  the  type  of  study 
carried  out  in  paragraph  4.2. 

This  domain  is  approached  by  a  cone  trunk  defined  by  the  main  lobe  of  the  antenna  at  3  dB  and 
by  the  range  on  a  target  of  0. 1  m2. 

Electromagneticaliy,  this  basket  depends  on: 

-  the  diameter  of  the  antenna  (and  therefore  the  diameter  of  the  missile), 

-  the  weight  of  the  seeker  (and  therefore  the  transmission  power  for  a  given  diameter), 

•  the  wavelength. 

CHART  23  shows  the  general  aspect  of  the  variations  of  this  basket  as  a  function  of  the  different 
parameters. 

In  view  of  the  required  capabilities  (see  paragraph  4.2)  and  the  technological  constraints,  this 
leads  to  the  compromise  betwe'en  band/beamwidth  (26b)/  range  /diameter  (0). 

5.  ANALYSIS  OP  MAIN  REQUIREMENTS  FOR  MID-COURSE  GUIDANCE 

The  mid-course  guidance  objectives  for  the  antisea-skimmer  can  be  divided  into  two  categories: 

-  those  relative  to  trajectory  shaping  in  the  vertical  plane  following  vertical  firing, 

•  those  relative  to  trajectory  shaping  in  the  horizontal  plane  following  firing  in  a  launch  direction 
to  be  defined. 

Another  objective  must  be  added  which  is  common  to  both  planes:  placing  the  missile  at  the  end 
of  the  mid-course  guidance  phase  in  a  collision  trajectory  with  the  target  to  best  initialize  the 
auto-guidance  phase. 

The  definition  of  the  mid-course  guidance  law  and  associated  logics  depends  on  the  analysis  of 
these  objectives  where  the  contribution  of  numerical  simulations  is  of  major  significance. 

5-1  Vertical  and/or  Horizontal  shaping:Rejection  of  stand-off  iammprc 


One  of  the  basic  goals  of  pre-guidance  is  to  contribute  to  rejecting  the  stand-off 
jammers  in  order  to  provide  a  sufficient  angle  with  the  seeker  antenna  axis  at  the  end  of  the  mid¬ 
course  guidance  phase.  This  is  used  to: 

-  minimize  the  power  of  the  noise  received  by  the  seeker  and  therefore,  on  a  target  with  a  low 
radar  cross  section  such  as  a  sea-skimmer  and  despite  the  presence  of  a  stand-off  jammer,  to 
obtain  lock-on  distances  which  are  sufficient  for  autoguidance, 

-  minimize  angular  error  measurement  noise  due  to  jammers  and  their  influence  on  intercept 
miss-distances. 

Aiming  at  a  sea-skimmer  protected  by  stand-off  jammers,  rejection  of  these  jammers  is  obtained 
by  providing  the  right  angle  of  the  interceptor’s  trajectory, as  shown  in  the  diagram  below:. 


Where  c<  is  the  desired  angle  of  rejection. 

The  collision  relation  is  written:  VE  sin  cf  e  =  VB  sin  o( 

For  VE  *1000  m/s,  VB  =  800  m/s  and  0(  >  12°  for  example,  ?  E  >  9°5  is  required,  therefore 
5  >2!°5  ^ 


5.2.  Vertical  shaping: 
5.2. 1,  Turn-over: 


This  brings  us  to  the  analysis  of  the  turn-over  following  vertical  launch  for  a  short-range 
interception.  As  a  component  of  the  pre-guidance  law,  the  turn-over  law  provides  a 
compromise: 

-  turn-over  from  the  vertical  to  the  horizontal  plane  can  be  achieved  rapidly  following  exit  from 
the  launcher  since  the  missile  speed  is  slow.  However,  this  is  limited  to  allow  the  missile  to 
climb  to  a  sufficient  altitude  and  attain  the  desired  trajectory  with  respect  to  the 
rejection  with  a  reasonable  load  factor  at  the  end  of  flight: 


-  this  turn-over  is  however  not  limited  or  delayed  too  far  so  that  the  required  load  factor  not  be 
excessive: 


(3)  Trajectory  with  excessively  delayed  turn-over:  r3  »  r2 

CHART  24  shows  an  example  of  trajectory  shaping  in  the  vertical  plane  for  an  interception  at 
2800  m. 

5.2.2.  Optimization  of  antisea-skimmer  kinematic  performances 

The  mid-course  guidance  law  is  also  aimed  at  defining  the  best  compromise  between  minimizing 
the  flight  duration  and  maximizing  the  speed  of  the  missile  at  interception.  This  definition  is 
achieved  through  research  on  the  optimum  altitude  profile.  The  greater  the  altitude,  the  lower 
the  aerodynamic  drag,  which  is  favorable  to  the  final  speed  and  the  flight  duration.  However, 
this  produces  a  longer  trajectory  which  is  unfavorable  with  respect  io  the  same  parameters.  This 
Question  only  arises  with  respect  to  "long"  ranges  for  which  the  altitude  profiles  can  substantially 
differ  according  to  the  slope  at  start  and  end  of  the  mid-course  guidance  phase  and  which 
remain  compatible  with  the  maneuverability  of  the  interceptor. 

S.SHgrizontaLshapipg 

53.1  Predicted  point  of  interception 

The  predicted  point  of  interception  is  the  point  in  space  where  interception  is  expected  to  take  place 
The  interceptor  trajectory  is  directed  to  this  point  at  least  at  the  end  of  the  mid-course  guidance  phase  so 
that  the  autoguidance  phase  begins  with  a  collision  situation. 

The  prediction  of  its  position  is  based  on  an  extrapolation  of  the  target  trajectory. 

It  is  clear  that  the  closer  the  predicted  point  of  interception  is  to  the  actual  future  trajectory  of  the  target, 
the  lower  wiii  be  the  errors  with  respect  to  collision  at  the  start  of  the  autoguidance  phase  and  the  better 
wilt  be  the  kinematic  performances  ■  of  the  antisea-skimmer  on  interception  (speed  and  available 
maneuverability,  duration  of  flight  achieved).  It  is  therefore  important  to  optimize  the  point  of 
interception  prediction  method  in  this  respect,  taking  account  of  tne  entire  diversity  of  the  specified 
target  trajectories  (in  particular,  dog-leg  trajectories)  and  all  the  possible  positions  of  the  ships  to  be 
protected  (self-defence  and  zone  defence). 


5.32  Trajectory  shaping_with  respect  to  presentation  of  interception  and  direction  of 
launch  in  horizontal  plane 

In  a  zone  defence  situation,  full  broadside  interception  can  occur  when  firing  does  not  occur  sufficiently 
soon  to  provide  a  head-on  interception  (whether  aue  to  a  “late"  detection  or  a  saturating  threat  requiting 
a  "late"  interception)  and  when  the  engagement  takes  place  as  shown  in  the  drawing  below: 


Ship  to  be 
protected 


•~tr 


y 

Interception 
jy  point 


-< —  Sea-skimmer  target 


/p  Antisea-skimmer 


Ship  with 
launchers 


-** 


a)For  interception  of  this  type  with  a  broadside  presentation,  the  angle  4  between  the  missile  axis  and 
the  seeker  antenna  axis  (aimed  at  target)  is  wide,  and  becomes  increasingly  wider  as  the  speed  of  the 
antisea-skunmer  decreases  and  the  speed  of  the  sea-skimmer  increases 


The  maximum  intercept  range  is  then  limited  to  the  range  where  the  speed  of  the  missile  leads 
to  an  angle  ^  exceeding  the  maximum  angular  limits  of  the  antenna. 

b) With  respect  to  head-on  interceptions  at  the  same  range  against  the  same  sea-skimmer,  the 
Doppler  frequency  of  the  target  is  lower  and  that  of  the  clutter  higher.  This  is  unfavorable  to 
the  lock-on  range  and  the  angular  error  measurement  noise. 

c) With  respect  to  head-on  interceptions,  the  broadside  interceptions  are  less  favorable  in  the 
terminal  phase  since: 

-  it  raises  the  problem  of  determining  the  part  of  the  target  which  the  proximity  fuze 
has  detected, 

-  it  does  not  systematically  lead  to  an  intercept  geometry  ensuring  structural  kill  of  the 
target. 

In  view  of  points  a),  b)  a.id  c),  it  is  therefore  useful  to  implement  a  mid-course  guidance  which 
limits  the  interception  presentation  angle  and  leads  to  a  head-on  interception  whenever 
possible: 


launchers 

This  can  be  obtained  through  a  horizontal  shaping  of  the  trajectory,  being  understood  that  this 
type  of  shaping  is  not  possible  for  short-range  interception  (due  to  the  required  load  factor). 

Once  this  law  is  implemented,  the  horizontal  direction  of  launch  of  the  antisea-skimmer  can  be 
optimized,  observing  that,  at  a  given  angle  P,  the  greater  the  angle  p  : 

-  the  lower  the  load  factor  at  the  end  of  flight  and  the  greater  at  the  start  of  flight, 

-  the  longer  the  trajectory,  and  therefore  the  duration  of  flight,  the  slower  the  final 
speed. 


All  of  these  aspects  relative  to  vertical  and  horizontal  trajectory  shaping  can  be  processed 
through  a  numerical  simulation  integrating  the  models  relative  to  the  target,  the  fire  control 
system,  the  missile  flight  and  the  seeker  corresp'  "ng  to  paragraphs  a),  b),  c)  and  d)  in 
paragraph  4.2: 


'  i  c  performances  of  the  antisea- 
limit:  the  presentation  angle  and  the 

„  '  '  .i.)  is  related  to  knowledge  of  the  load 
.ion-linear  environment  forme  .  by  the 


4-13 


-  optimization  of  turn-over  (paragraph  5.1.2 
skimmer  (paragraph  5.1.3),  horizontal  sb 
associated  horizontal  direction  of  launch  (pama 
factor  and  speed  profiles  during  the  flight  In 
atmosphere. 

-  the  study  of  the  influence  of  the  stand-off  jammer  rejection  function  (paragraph  5.1.1)  and  the 
horizontal  trajectory  shaping  in  zone  defence  with  respect  to  clutter  (paragraph  5.2.2)  requires 
the  use  of  a  seeker  model  within  the  guidance/control  loop  and  with  the  representation  of  the 
geometry  and  flight  kinematics  which  the  considered  simulation  provides. 

6- TYPES  OF  NUMERICAL  SIMULATIONS  AND  THEIR  USES 

Several  types  of  models  or  numerical  simulations  can  be  distinguished: 

-  specific  and  detailed  models  of  missile  and  airframe  equipment:  this  concerns  the  seeker, 
IMU,  proximity  fuze,  warhead,  steering  control  components,  missile  computer,  structure 
modes  and  those  relative  to  aerodynamics  and  propulsion. 

At  first  these  are  schematic  models,  then  models  of  developed  equipment,  obtained  when 
necessary  through  identification,  used  for  fine  behaviour  study  and  logic  development  (seeker 
and  autoguidance).  Detailed  comprehension  of  their  operation  often  proves  to  be  of  major 
importance  as  part  of  their  specification. 

•  models  of  more  or  less  simplified  equipment  depending  on  the  case,  and  simplified 
simulations  for  which  the  number  of  degrees  of  freedom  may  be  limited  and  may  only 
represent  certain  phases  of  the  interception.  These  simulations  are  used  to  analyze  certain 
requirements  (such  as  those  relative  to  autoguidance,  for  example)  and  are  useful  in 
generating  specifications. 

-  missile  flight  simulations  (6-degrees  of  freedom  models)  in  all  phases,  associated  to  an  overall 
fire  control  model,  the  seeker  and  the  environment  models.  These  are  "one-on-one”  or  "one- 
on-many”  models. 

The  missile  model  integrates  all  of  the  equipment  models  which  may  be  more  or  less  simplified 
depending  on  use. 

This  type  of  simulation  is  useful  to  define  certain  requirements  (relative  to  propulsion,  drag, 
weight,  etc.)  to  draw  up  specifications  (for  example,  those  subsequent  to  studies  on  seeker 
lock-on)  for  the  purpose  of  precise  studies  (for  example,  study  of  mid-course  guidance). 

These  form  the  references  for  hardware  on-the-loop  simulations,  for  preparation  of  in-flight 
trials  (nominal  trajectory,  scattered  trajectories),  and  for  interpretation  of  these  trials.  The 
models  built  into  the  simulations  are  therefore  updated  throughout  all  these  development 
phases. 

Finally,  these  simulations  are  used  to  assess  the  performances  of  the  anti-missile  system: 

-  performances  relative  to  intercept  miss-distances  and  kill  probabilities, 

-  performances  relative  to  firing  and  interception  envelopes, 

-  performances  relative  to  scenarios  which  are  extremely  difficult  or  even  impossible 
to  process  under  in-flight  trials,  whether  for  technical  or  financial  reasons. 

-  the  technical-operational  simulation  (many-on-many)  which,  fed  by  the  kill  probabilities 
generated  by  the  one-on-one  or  one-on-many  models,  contributes  to  definition  of  the  firing 
policy  algorithms  and  is  used  to  assess  the  defence  capabilities  of  the  system  under  saturation 
attack  conditions. 

These  simulations,  developed  methodically  and  thoroughly,  are  used  to  precisely  predict  an  in¬ 
flight  trial.  In  this  way,  they  achieve  a  reliability  standing  which  is  indispensable  when,  in  view  of 
the  complexity  of  a  given  scenario,  the  system  is  not  tested  through  an  in-flight  trial,  but  assessed 
through  simulation  only. 

The  search  for  this  level  of  reliability  motivates  the  engineer  to  obtain  the  most  refined  models, 
building  a  more  and  more  complex  simulation  throughout  the  development  process. 

This  is  inevitable.  However,  this  should  go  hand  in  hand  with  control  of  computation  durations 
and  costs  which,  for  an  anti-missile  system  as  complex  as  this  one,  could  qu  iCiC«y  become 
incompatible. 
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ECARTOMETRY 


M  VM 


*  Target  isovelocity  results  of  the  intersection  with  ground  of  two  cones  definit  by : 

Vr  =  V,.cosa  + 

M  2  2 

Vr  =  V..  cosc  -  -x- 
M  2  2 

where  :  Vr  :  Target  missile  radial  velocity 
VM  :  Missile  velocity 
B  :  reception  band  width 

■  Target  isorange  results  of  the  intersection  with  ground  of  two  spheres  centred  on  M  with  a  radius 
of  MB  ±  kXr  ±  Sr 

C 

where  :  nr  ^  *7 
fr 

fr  repetition  frequency 
C  :  light  velocity 

Sr ;  duration  of  the  range  5  .Meet  window 
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Calculated  clutter  spectrum 
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Measurement  of  clutter  spectrum 
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SUMMARY 

The  paper  discusses  the  problem  of  bringing  a  missile  into  collision  with  a  moving 
target. 

The  zero-control  miss  (ZCM)  guidance  concept  is  introduced.  It  is  shown  how  errors 
in  the  estimates  of  the  current  system  state  and  the  future  zero-control  response  of  the 
system  lead  to  errors  in  estimating  the  ZCM,  and  consequently  how  the  missile  suffers  an 
aiming  error.  The  missile  generally  suffers  a  miss,  because  of  its  limited  ability  to 
follow  the  changing  error,  due  to  restricted  bandwidth  and  control  saturation. 

Optimal  control  laws  based  on  the  ZCM  are  derived,  and  expressions  for  the  ideal¬ 
ised  terminal  miss  obtained.  The  equations  suggest  how  the  target  might  choose  an  optimal 
evasion  strategy  to  maximise  the  miss.  This  leads  to  some  discussion  of  game  theory,  and 
the  basis  for  multiple  hypothesis  guidance. 

1 .  INTRODUCTION 

The  primary  function  of  a  missile  guidance  system  is  to  bring  the  missile  into  col¬ 
lision  with  the  target. 

A  'common  sense'  method  of  achieving  this  is  to  configure  the  guidance  so  that  it 
brings  the  missile  onto  a  heading  which  results  in  a  collision  with  the  target.  This  is 
equivalent  to  bringing  the  missile  into  a  state  which  will  evolve  into  a  collision  state, 
given  no  further  missile  control  input. 

By  implication,  the  expected  zero-control  mica  on  the  collision  trajectory  is  zero. 

One  control  strategy  therefore  is  to  bring  the  missile  into  a  state  for  which  the 
expected  control-free  miss  is  zero. 

This  approach  involves  an  element  of  prediction.  It  is  necessary  to  estimate  the 
cjrrent  missile-target  relative  state,  and  to  predict  from  it  the  future  missile-target 
relative  trajectory,  given  zero  missile  control.  From  this,  the  closest  pass  can  be  pre¬ 
dicted,  and  used  to  construct  a  control  for  the  missile. 

The  zero-control  miss  concept  was,  to  the  Author's  knowledge,  first  mentioned 
.ho  UK  in  connection  with  joint  missile  guidance  research  between  MOD  and  BAC 
ter  BAe) .  Nesline  and  Zarchanl  developed  the  'zero-effort  miss'  concept  in  the  US 
connection  with  modern  guidance.  The  full  background  work  upon  which  this  paper 
fc*  n  des'  ribed  by  Lawrence  in  Ref  2. 

LL  GAZING 

n  xxl  see  later,  the  ’common  sense1  zero-control  miss  idea  is  confirmed  by 

optimal  cui.zccjl  theory.  It  the  system  is  linear,  or  can  be  linearised,  the  control-free 
final  state  at  time  tf  (the  time  of  closest  pass)  can  be  written 

xf(t)  _Q  =  «(tf,t)x(t)  ,  (1) 

uc 

where  x(t)  is  the  missile-target  relative  state  vector  at  time  t  ,  and  $(tf,t)  is  the 
state  transition  matrix  for  the  interval  t  to  t^  .  1 

Optimal  control  theory  suggests  that  the  best  control  for  the  missile  is  some  lin¬ 
ear  combination  of  the  state  variables  in  x«(t)  .  The  linear  combining  matrix,  which  is 
generally  a  function  of  t  ,  emerges  from  the  theory. 

We  cannot  know  the  system  state  x(t)  precisely.  However,  measurements  on  x  will 
be  made  by  some  guidance  sensor,  such  as  a  seeker.  Using  these  measurements,  we  must  con¬ 
struct  an  estimate  of  x(t) ,  x(t)  .  An  estimate  of  the  final  system  state  in  the  absence 
of  missile  control  is  then 

xc(t)„  =0  =  *(tf  ,t)x(t)  .  (2) 

"c 

The  control-free  state  transition  matrix  4  contains  a  priori  information  about  the 
behaviour  of  the  target  and  missile  in  the  interval  t  to  tf  .  Our  knowledge  about  the 
target  behaviour  will  generally  be  very  limited.  Unless  we  know  the  target  etrateg-j,  we 
can  only  guess  at  the  target  components  of  $  . 

Ideally,  our  knowledge  about  the  future  control-free  mioeile  behaviour  should  be 
perfectly  complete,  because  we  designed  the  missile!  However,  in  practice,  because  of 
uncertainty  about  the  aerodynamics,  we  cannot  know  even  the  missile  components  of  t 
precisely. 
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Since  both  x(t)  and  4(t»,t)  are  uncertain,  our  estimate  of  the  control-free 
end  state,  computed  at  time  t  ,  must  be 


Xf(t)u  =0  =  *(fcf,t)x(t)  .  (3) 

uc 

By  our  assumptions  of  linearity,  $  is  not  a  function  of  x  ,  and  so  $  and  x  are 
uncorrelated,  and  hence 

*£<t)u  _0  =  ;<tf,t)x<t)  .  (4) 

Writing 

x(t)  =  x(t)  +  x(t)  ,  (5) 

where  x  is  the  error  in  the  estimate  x  ,  and  similarly  for  the  other  variables,  we 
find  that 

j£f  (t)u  =0  -  4{tf,t)x(t)  +  5(tf,t)x(t)  .  (6) 


Since  the  estimate  x„(t)„  is  used  to  construct  the  missile  control,  the  error  will 

r  uc=o 

cause  the  guidance  to  'aim'  the  missile  incorrectly.  It  will,  therefore,  be  guided  to¬ 
wards  the  wrong  point  in  space.  The  prediction  error  xf(t)  is  the  primary  cause  of 

miss  in  all  guided  weapon  systems.  1  uc=0 

The  prediction  error  tends  to  get  smaller  as  the  missile-target  range  falls,  parti¬ 
cularly  in  a  homing  missile  system,  because 

(i)  the  guidance  sensor  is  closing  with  the  target, 
and  (ii)  the  prediction  interval  is  getting  shorter. 

Usually  x^(t)  tends  to  be  oscillatory,  so  that  the  aim  point  oscillates  around 
the  collision  point.  However,  it  can  also  be  biassed. 

The  final  miss  is  determined  by  two  primary  factors  - 

(i)  the  magnitude  of  the  prediction  error  throughout  the  flight,  and  particularly 
in  the  final  stage; 

(ii)  the  ability  of  the  missile  to  follow  the  changing  aim  point. 

(i)  is  associated  with  an  estimation  problem,  and  is  information  limited; 

(ii)  is  associated  with  a  control  problem,  and  is  missile  agility  limited. 

The  prediction  error  xf(t)  may  fall  to  zero  as  t  approaches  tf  ,  but  this  does 

not  necessarily  mean  that  the  missile  will  hit  the  target.  It  will  only  do  so  if  it  is 
agile  enough  to  follow  the  demanded  aim  point  motion  throughout  the  terminal  phase. 

If  the  missile  is  sluggish  the  control-free  state  transition  matrix  4(tf,t)  will 
be  a  complicated  function  of  the  missile  response  parameters.  Hence  4(t,,t)  rwill  be 
heavily  influenced  by  any  uncertainty  in  the  missile  response.  The  prediction  error  will 
in  turn  be  dependent  on  this  uncertainty. 

The  more  agile  the  missile,  the  smaller  the  terms  in  4(t,,t)  ,  and  the  smaller  are 
those  in  $(t£,t)  ,  1 

Missile  control  response  limiting  can  have  a  serious  effect  on  the  miss.  Many  non¬ 
linear  elements  can  be  approximated  by  an  equivalent  gain,  or  describing  function,  G0  . 
This  turns  out  to  be  a  function  of  the  variance  of  the  missile  control  input,  uc  .  As 
var(uc)  Increases,  Ge  reduces.  The  result  tends  to  be  a  rapid  fall  in  the  effective 
guidance  loop  gain  in  the  very  last  stages  of  interception.  A  significant  increase  in 
miss  distance  results. 

2.1  The  optimal  state  estimate 

The  predicted  terminal  state  x«(t)  is  used  to  generate  the  missile  control.  Since 
we  require  the  variance  of  the  control  to  be  minimal,  we  desire  xf(t)  to  be  a  minimum 
variance  prediction.  Hence  x(t)  should  be  a  minimum  variance  estimate. 

2.2  Information  limited  performance 

The  fundamental  cause  of  the  miss  is  uncertainty,  about  the  current  state  x(t)  , 
and  about  the  future  behaviour  of  the  system  4(tf,t)  .  The  prediction  error  due  to  this 
uncertainty  induces  an  aiming  error,  and  the  actual  miss  is  determined  by  the  ability  of 
the  missile  to  track  the  reducing  aiming  error  as  the  uncertainty  falls. 

For  a  given  missile  agility,  the  missile  performance  is  information  limited. 
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3.  THE  ZERO-CONTROL  MISS 

For  a  linear  system,  the  zero-control  miss,  a  scalar  quantity,  can  be  written  as 


z(t)  =  g'(t£,t)x<t)  , 


(7) 


where  g  is  called  an  adjoint,  or  co-state  vector.  If  only  the  miss  distance  is  of  pri¬ 
mary  concern,  z(t)  is  used  to  construct  the  missile  control. 

3.1  Lag-free  missile,  non-manoeuvring  target 

We  find  the  zero-control  miss,  as  a  function  of  missile-target  range  r  ,  to  be 
given  by 


z (r)  =  «s (r) r  /V  , 

where  ug  is  the  inertial  sightline  spin  and  V  is  the  missile-target  closing  speed. 
3.2  Simple  lag  missile,  non-manoeuvring  target 
We  find 


(8) 


z(r)  =  “s  (r)  r  /V  -  a[nsy(r) 


,  (r,-r)/d  \/2 

:r)d(r  -  d  -  e  1  (rj  -  d )j/vi  , 

is  the  missile  acceleration  normal  to  the  sightline,  and 


where  a_ 


msy 


(9) 


d  =  VT 


is  a  'characteristic  distance'  for  the  system,  T  being  the  missile  lag  time-constant. 
The  distance  r^  is  some  small  range  below  which  the  miss  distance  is  effectively  unal¬ 
terable  by  system  inputs. 


3.3  Quadratic-lag  missile,  non-manoeuvring  target 
We  find 

z(r)  =  “S(r)r2/V  +  g2amsy(r)  +  g3amsy 


(r) 


(10) 


where  g,  and  g,  are  complicated 
in  particular  theJcharacteristic  di: 


functions  of  the  missile  quadratic  response  parameters, 


distance 


d  =  ^ 


where  oQ  is  the  missile  natural  frequency. 

3.4  Lag-free  missile,  weaving  target 

z(r)  =  ws(r)r2/V  +  )  jl  -  cos (— g-^)  +  ^  sin(-^-|at 

-{f-sin(l^)-^cos(l^)J 


tsy 


(ID 


where  d  =  V/o. 


W  ' 


being  the  target  weave  frequency,  and  a  ,  a.  are  the  components  of  the  weave 
acceleration  in  sightline  axes.  ts:<  esi 

4  OPTIMAL  CONTROL 

Consider  a  system  whoso  linearised  dynamics  is 


x(t)  =  A(t)x(t)  +  E  (t)  u  (t)  , 


(12) 


where  u(t)  is  the  total  control  input  due  to  missile  control,  target  control,  and  system 
disturbances,  ie 


u  =  uc  +  ut  +  ud 


(13) 


At  some  end  time  tj  ,  the  system  state  is 


x(tj)  =  «(t1,t)x(t)  +  j  <t,T)B(T)Uc(T 


)dT  +  W, 


n 


(14) 
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where  W  is  a  perturbation  due  to  the  target  and  disturbance  parts  of  the  control. 
Generally  we  want  to  choose  uc  so  that  x(tj)  is  close  to  some  desired  end  state. 

A  frequently  used,  mathematically  convenient  performance  index  (PI) ,  which 
measures  the  missile  effectiveness  for  a  given  control  energy,  is 


(tjJPlt^Xftj) 


U^(T)R2(T)Uc(T>dT> 


(15) 


J(t0,t.)  measures  the  weighted  sum  of  the  mean-square  end-state  and  the  weighted  control 
energy 1used  in  the  interval  tQ  to  tj  . 

We  seek  the  sequence  of  control  vectors,  or  control  functional,  which  minimises  J  . 
This  is  the  so-called  optimal  control. 


The  solution  of  this  problem  yields  the  optimal  control 


uQ(t)  =  -  R21(t)BT(t)P(t)x(t) 

where  the  weighting  matrix  P  obeys  the  Ricatti  equation 


(16) 


dP  (t) 
dt 


-  P(t)A(t)  -  AT(t)P(t)  +  PftjBftjR"1  (t)BT(t)P(t) 


(17) 


The  end-condition  P(tj)  defines  the  weighting  on  the  terminal  state  x(tj)  . 

4 . 1  Optimal  control  in  terms  of  the  ZCM 

It  is  possible  to  transform  the  optimal  control  equations  for  the  full  state  x 
into  equivalent  ones  for  the  expected  zero-control  miss  (EZJM),z  . 

For  a  linear  system  the  EZCM  is  given  by 


z(t)  =  gT(t1,t)x(t)  . 

The  dynamical  equation  for  the  EZCM  is 

z(t)  =  gT(t1,t)B(t)u(t)  . 
The  optimal  control  turns  out  to  be 

uQ(t)  =  -  R21(gTB)TPzz  . 

Pz  is  related  to  the  full  state  weighting  P  by 

T 

P  =  gPzg 


(18) 


(19) 

(20) 


(21) 


If  the  EZCM  is  scalar,  then  so  is  Pz  . 

To  compute  the  optimal  control  for  the  z  system,  wo  must  know  the  vector 
g(t1,t)  which  links  z  to  the  system  state  x  . 

Examples  of  g  have  been  inferred  earlier  for  various  missile  and  target 
hypotheses . 

The  weighting  Pz  ,  which  is  scalar,  obeys  the  equation 

Pz(t)  =  R21(t)[gT(t1,t)B(t)Pz(t)]2  . 

The  end  condition  for  Pz  can  be  chosen  as 


(22) 


w 

= 

i  . 

(?3) 

dx  _ 
dt 

dx 

dr 

dr 

'  at  ' 

(24) 

Using 

the  time-dependent  dynamics  can  be  transformed  into  a  range-dependent  dynamics,  to  obtain 


|f  =  <gTB)  2Pj[z/VR2 

and 

dP_  m  O') 

Tl  -  -  <9TB>Z^/VR2 


(.’5) 


(26) 
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where  V  is  the  missile-target  closing  speed. 

The  optimal  (scalar)  control  is 

ufl(r)  =  -  ^BPgR^ztr) 

The  solution  of  the  scalar  Ricatti  equation  for  Pz  is 


W 


1  + 


r  2 

0  (gT(r1(r)B(r))  dr 


/ 


VR, 


(27) 


(28) 


which  can  be  solved  analytically  if  we  make  some  approximation  for  V  . 

These  various  equations  can  be  used  to  design  an  optimal  control  law  for  any  speci¬ 
fied  system,  simply  by  making  the  relevant  substitutions  for  the  particular  g  and  B 
vectors. 

Of  course,  it  may  not  be  a  trivial  matter  to  obtain  an  algebraic  expression  for  g! 

It  is  worth  remarking  that  the  miss  due  to  initial  heading  error  under  optimal  con¬ 
trol  can  be  obtained  by  noting  that 


dz  z 

dpz  "  'pz  ' 

The  solution  of  this  DE  at  r  =  r^  is  the  expected  miss 


(29) 


m  -  z(rj) 


*<r0>W 

EXAMPLE  CONTROL  LAWS  GENERATED  BY  THE  THEORY 


(30) 


Applying  the  theory  to  the  missile-target  system,  for  which  the  sightline  spin 
evolves  according  to  the  DE 

“s  “  '  2  r  “s  +  »  (31) 

we  obtain  the  following  results  for  three  simple  cases. 

5.1  Lag-free  missile,  constant  velocity  target 
We  find  that  the  optimal  control  is 


uQ(r)  = 


3VrV 


3  3  3 

3R2Vj  +  r  -  rd 


3Vo_ 


(32) 


This  is  proportional  navigation  (PN)  with  a  navigation  constant  of  3. 

5.2  Simple-lag  missile,  constant  velocity  target 
The  optimal  control  is 

v«  ■  , 

3R2(£)  +  f2(r,d) 

where  fj(r,d)  =  1  -  |  +  |  e-a/d  , 

f2(r,d)  =  ^~7~)  +  (|)  "  “3  |e“a/d(2bdr  +  ^  e_a/d)  +  2bdrj  +  , 


(33) 


a  =  r  -  r. 


d  -  r. 


and 


f  M  U  1.^ 

d  =  VT  . 

The  parameter  d  is  a  'distance  constant'  associated  with  the  missile  lag  T  . 

At  long  range,  the  terms  involving  d  are  insignificant,  and  the  optimal  control 
converges  on  PN  .  The  effect  of  these  terms  becomes  important  as  the  range  r  becomes 
comparable  with  d  . 

5.3  Lag-free  missile,  target  weaving  at  frequency  ow 
The  optimal  control  is 

u0(r)  =  uQ1  +  Uq2  +  uQ3  , 


(34) 


where 


3R2V  +  r 


3R2V3  +  r3 


3R2V>  +  rJ  -  rj 


or,  approximately 


3V(j  +  3 
s 


(l)2{( 1  -  cos(l))  atsx  -  (l  -  Sin(f))atsy] 


This  is  PN  with  additional  terms  due  to  the  target  weave.  The  extra  terms  are  signifi¬ 
cant  only  when  r  becomes  comparable  with  d  . 

6  COMMENT  ON  PN  GUIDANCE 

As  we  have  seen  in  section  5,  proportional  navigation  guidance  emerges  as  a  solu¬ 
tion  to  the  optimal  control  problem  when  it  is  hypothesised  that  the  missile  is  lag-free 
and  the  target  non-manoeuvring.  It  is  based  on  a  hypothesis  of  the  zero-control  miss 
(from  section  3.1) 

z(r)  =  os(r)r2/V  ,  (36) 

and  yields  a  demand  for  missile  acceleration,  normal  to  the  sightline,  of 


where  Kn  is  the  navigation  factor,  recommended  by  optimal  control  theory  to  be  3. 

As  we  have  seen,  if  the  hypothesis  is  Incorrect,  ie  the  missile  is  not  lag-free  and 
the  target  manoeuvring,  PN  guidance  is  non-optimal.  There  are  extra  terms  in  z(r)  which 
are  Ignored  by  PN  .  This  is  why  PN  fails  to  achieve  a  small  miss  distance  in  the 
general  -ase. 

6.1  Higher  order  guidance  laws 

Generally  speaking,  PN  guidance  yields  a  stable  trajectory,  with  a  steadily 
decreasing  zero-control  miss,  until  the  range  r  becomes  comparable  with  the  character¬ 
istic  distance  d  .  After  this,  the  additional  terms  in  the  EZCM,  due  to  missile  lag  and 
target  manoeuvre,  become  significant.  PN  ignores  these  terms,  and  the  terminal  relative 
trajectory  becomes  oscillatory,  wi*-h  a  resultant  miss. 

As  we  have  seen,  the  use  of  linear  optimal  control  theory  suggests  higher  order  laws 
which  are  effectively  linear  modifications  of  PN.  Over  the  years,  many  workers  have 
suggested  specific  modifications  of  PN  which  are  often  referred  to  as  'augmented  PN'  (APN) 
control  laws.  They  correspond  to  specific  hypotheses  of  target  manoeuvre  and  missile 
response  in  the  optimal  theory. 

7  THE  TERMINAL  HISS 

The  dynamics  of  the  missile-target  state,  and  that  of  the  state  estimator  employed 
to  generate  an  estimate  of  the  state,  can  be  summarised  (in  the  linearised  case)  by 

||  =  Fx  +  Gu  ,  (38) 

where  x  is  the  joint  state  vector  (obtained  by  adjoining  the  true  and  estimated  state 
vectors),  r  is  the  missile-target  range,  F  is  the  closed-loop  dynamics,  u  is  an 
input  due  to  target  manoeuvre,  seeker  noise  etc,  and  G  is  an  input  distribution  matrix. 

When  u  is  zero,  the  joint  state  at  some  small  range  ^  is 

£(rj)  =  $(r1,r0)x(r0)  , 

where  ft  is  the  closed-loop  state  transition  matrix  and  rQ  is  the  initial  range. 


(39) 
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When  the  input  u  is  non-zero,  xfr^)  is  given  by 

r. 


x(r.)  =  4(r.  ,rn)x(rn)  + 


/  *(rl' 


r)G(r)u(r)dr  . 


MO) 


The  miss  distance  can  be  shown  to  be  given  approximately  by 

m 


"s(El>ri 


V 


(41) 


Consequently,  if  w  is  the  first  element  of  x  ,  we  need  only  the  first  row  of  4  to 
S  T 

compute  the  miss.  Call  this  row  Z  .  Then 


Z^rj^JxtrQ)  + 


/  zT<rl' 


r)G(r)u(r)dr 


(42) 


The  miss  due  to  target  manoeuvre  and  noise  is  thus 


r  x 

j  ZT(r1,r)G(r)u(r)dr 


(43) 


Z  obeys  the  adjoint  differential  equation 


and  has  the  initial  condition 


dz  a  _  ftz 
dr  F  z 


(44) 


Z(r1,rJ)  =  (1  0  0  ...)T  .  (45) 

Z  can  thus  be  computed  for  all  r  . 

7.1  Miss  due  to  target  manoeuvre  against  PN  guidance 

If  we  suppose  th<-t  our  missile  is  effectively  lag-free,  and  employs  PN  quidance  as 
its  interception  strategy,  using  a  quadratic  lag  state  estimator  to  form  an  estimate  of 
the  sightline  spin  us  ,  then  we  find  that  the  miss  due  to  target  acceleration  atsv  , 
normal  to  the  sightline,  is  given  by  y 


m 


a 


7 


V. 

2  / 


Zj (rj,r) 


atsy(r)dr 


(46) 


7.2  Optimal  target  evasion  strategy 

From  equation  (46) ,  it  is  clear  that  there  is  an  optimal  counter-strategy  to  the 
missiles'  PN  strategy  (which  is  based  on  a  hypothesis  of  zero  target  manoeuvre).  To 
maximise  the  miss,  the  target  should  choose  its  acceleration  atsy(r)  so  that  the  term 
under  the  integral  is  always  of  one  sign.  It  should  reverse  the  sign  of  aj.Sy  whenever 
the  adjoint  variable  Zj  changes  sign.  1 

To  achieve  this,  the  target  needs  information.  It  must  know  the  range  r  ,  and 
have  a  model  for  the  dynamics  of  Z  . 

8  GAME  THEORY 

For  a  given  deterministic  target  strategy,  T1  ,  there  is  an  optimal  guidance  law, 

G1  ,  which  will  minimise  the  miss  distance. 

Against  this  guidance  law  Gl,  there  is  an  optimal  target  counter-strategy,  T2  , 
Which  will  maximise  the  miss. 

And  so-on,  ad  infinitum. 

Each  guidance  law  requires  estimates  of  the  target  manoeuvre  states.  An  optimal  estimator, 
embodying  a  model  of  the  target  manoeuvre  strategy,  can  in  principle  supply  these  esti¬ 
mates.  Its  estimation  accuracy  depends  on  the  noise  level  from  the  homing  seeker,  and 
the  accuracy  of  the  target  model. 

To  Implement  any  particular  optimal  control,  we  require  information,  or  intelligence, 
about  the  particular  target  strategy. 
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9  MULTIPLE  HYPOTHESIS  GUIDANCE 

Fig  1  shows  the  structure  of  a  guidance  system.  Observations  on  the  true  missile- 
target  relative  state  x(t)  are  made  by  the  missile  seeker.  These  measurements  are  used 
in  an  optimal  estimator  to  construct  an  estimate  of  the  relative  state,  x(t).  The  out¬ 
puts  of  inertial  instruments  are  used  within  the  missile  model  parts  of  the  estimator. 

Both  the  seeker  and  the  inertial  instruments  may  be  strapdown  devices. 

Using  the  estimated  state  x(t)  ,  an  optimal  controller  constructs  control  inputs 
for  the  missile. 

The  'missing  block'  in  Fig  1  is  the  target  model.  In  the  absence  of  a  priori  data, 
we  can  only  hypothesise  about  the  target  manoeuvre  motion. 

Fig  2  shows  the  structure  of  a  multiple  hypothesis  guidance  system.  Multiple  hypo¬ 
theses  of  the  possible  target  behaviour  are  run  in  the  guidance  state  estimator.  The 
estimator  consists  of  a  bank  of  extended  Kalman  filters.  The  residuals  of  each  filter 
are  monitored,  and  compared  with  the  residual  variances  predicted  by  the  optimal  theory. 

The  hypotheses  are  thus  weighted  according  to  their  likelihood. 

Each  estimator  hypothesis  is  paired  with  a  corresponding  optimal  controller.  The 
most  likely  hypothesised  state  estimate  is  used  to  construct  the  missile  control,  via  its 
associated  optimal  controller. 

This  approach  is  currently  being  examined.  It  shows  promise  in  those  cases  where 
a  priori  intelligence  about  target  behaviour  is  available.  It  is  unlikely  to  work  well 
in  situations  where  the  homing  seeker  is  very  noisy,  because  of  the  resultant  poor  dis¬ 
crimination  between  alternative  hypotheses,  or  where  the  diversity  of  the  target  behaviour 
is  so  wide  that  the  hypothesis  space  cannot  be  adequately  sampled.  In  this  latter  case, 
the  target  behaviour  may  bo  effectively  unpredictable,  ie  noise-like,  in  which  case  the 
domain  of  the  hypotheses  might  best  be  regarded  as  noise  power  spectral  density.  In 
Ref  3,  Maybeck  discusses  such  an  approach. 

10  CONCLUSION 

We  have  discussed  the  problem  of  bringing  a  missile  into  collision  with  a  moving 
target.  The  expected  zero-control  miss  (EZCM)  guidance  concept  has  been  introduced.  It 
has  been  shown  how  errors  in  the  estimates  of  the  current  system  state  and  the  future 
zero-control  response  of  the  system  lead  to  errors  in  estimating  the  EZCM,  and  conse¬ 
quently  how  the  missile  suffers  an  aiming  error.  The  missile  generally  suffers  a  miss, 
because  of  its  limited  ability  to  follow  the  changing  error,  due  to  restricted  bandwidth 
and  control  saturation. 

Expressions  for  the  EZCM  have  been  indicated  for  the  case  of  a  hypothesised  non¬ 
manoeuvring  target,  where  the  missile  has  a  lag-free,  simple  lag,  and  quadratic  lag  res¬ 
ponse,  and  also  for  the  case  of  a  weaving  target  with  a  lag-free  missile. 

Example  optimal  control  laws  based  on  minimising  the  mean-square  EZCM  subject  to  a 
constraint  on  the  control  energy  have  been  derived.  Because  of  the  linearity  assumptions, 
the  laws  are  linear  modifications  of  the  proportional  navigation  (PN)  law,  which  turns 
out  to  be  optimal  to  a  non-manoeuvring  target,  lag-free  missile  hypothesis.  The  additional 
terms  in  the  high  order  laws  are  significant  only  when  the  missile  approaches  within  some 
characteristic  distance  of  the  target,  determined  by  the  closing  velocity  and  the  charac¬ 
teristic  time  constants  of  the  system. 

Expressions  have  been  derived  for  the  idealised  miss  due  to  initial  heading  error, 
target  manoeuvre,  and  noise.  Given  that  the  missile  employs  some  particular  guidance  law 
which  is  optimal  to  some  particular  hypothesised  target  behaviour,  and  which  minimiceo  the 
miss  given  that  the  target  actually  exhibits  that  behaviour,  the  equations  suggest  how  the 
target  might  choose  an  alternative  behaviour  which  maximioes  the  miss,  and  therefore  cor¬ 
responds  to  an  optimal  evasion  strategy. 

The  concept  of  multiple  hypothesis  guidance  has  been  briefly  introduced. 
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Micro  Based  Technology  -  A  New  Tool  For 
Missile  Guidance  System  Design  and  Visualization 

Paul  Zarchan 

The  Charles  Stark  Draper  Laboratory,  Inc. 


Abstract 

This  paper  shows  how  simulation  output  can  be  generated  and  enhanced,  in  real  time, 
with  the  computational  horsepower  and  graphics  visualization  technology  which  is  currently 
available  with  microcomputers.  Examples  are  presented  which  demonstrate  how 
microcomputer  based  technology  offer  the  designer  a  visualization  which  not  only  gives  a 
deeper  insight  into  the  problem  being  solved,  but  in  addition  allows  and  encourages  rapid 
iteration  in  order  to  get  an  acceptable  design. 

Introduction  and  Overview 

In  the  last  five  years  we  have  witnessed  a  proliferation  of  desktop  personal  computers 
unimagined  only  a  decade  ago.  The  32-bit  80386  and  68030  microcomputers  are 
computationally  as  powerful  as  a  mainframe  was  only  10  years  ago.  Currently  $5000  of 
microcomputer  provides  about  as  much  computational  horsepower  as  a  $500,000  super 
minicomputer!.  The  intent  of  this  paper  is  to  show  how  the  power  of  the  microcomputer  can 
be  harnessed  by  the  missile  guidance  system  engineer,  not  only  to  computationally  solve  useful 
guidance  system  related  problems,  but  also  to  provide  a  visualization  which  can  be  used  to 
speed  up  the  design  process. 

The  paper  presents  several  interceptor  guidance  system  related  examples  which,  until 
recently,  were  normally  solved  on  mainframes.  It  is  first  demonstrated  that  these  examples  can 
be  made  to  work  on  microcomputers  with  CPU  running  times  which  are  very  attractive  and 
turn  around  times  (i.e.  time  for  engineer  to  get  the  answer  in  a  useful  form)  that  are  far 
superior  to  that  offered  by  a  time-shared  mainframes.  It  is  then  shown  how  these  answers  can 
be  enhanced,  in  real  time,  with  the  graphics  visualization  technology  which  is  currently 
available  with  microcomputers.  The  enhanced  answers  will  offer  the  designer  a  visualization 
which  not  only  gives  a  deeper  insight  into  the  problem  being  solved,  but  in  addition  allows  the 
user  to  rapidly  iterate  cases  to  get  an  acceptable  design. 

The  first  example  presented  is  that  of  a  rate  gyro  flight  control  system  for  a  tactical  radar 
guided  homing  missile.  The  purpose  of  the  example  is  twofold.  First  it  is  used  as  a  reference  to 
compare  answers  and  CPU  timings  from  a  variety  of  hardware  platforms  in  the 
microcomputer,  minicomputer  and  mainframe  worlds.  Next  it  will  be  shown  how 
instantaneous  graphical  output  from  both  a  time  and  frequency  point  of  view  enables  the 
designer  to  rapidly  understand  the  influence  of  the  autopilot  gain  on  the  relative  stability  and 
performance  characteristics  of  the  flight  control  system. 

A  second  example  considers  a  satellite  in  circular  orbit.  The  paper  first  shows  how  the 
satellite  can  be  simulated  on  a  microcomputer.  Next  it  is  shown  how  commercially  available 
mapping  data  oases  can  be  incorporated  in  the  satellite  microcomputei  simulation  to  provide 
geographical  context  to  the  resultant  satellite  ground  tracks.  Finally  it  is  shown  how  linear  and 
orthographic  transformations  of  the  mapping  data  and  satellite  trajectory  provide 
complementary  three-dimensional  visualizations  on  a  two-dimensional  microcomputer 
screen. 

A  final  example  extends  the  satellite  simulation  to  include  a  strategic  surface-based 
interceptor  pursuing  the  satellite.  It  is  shown  how  the  use  of  dialog  boxes  with  edit  fields  and 
buttons  can  be  used  to  input  simulation  data  and  provide  the  user  with  complex  options  in  a 
"user-friendly"  way.  It  is  also  demonstrated  how  the  simultaneous  presentation  of  information 
in  different  windows  provides  insight  which  is  invaluable  in  understanding  interceptor 
performance  related  issues  and  in  visualizing  the  engagement. 

Rate  Gyro  Flight  Control  System  Example 

In  order  to  illustrate  the  use  of  graphics  in  an  interactive  microcomputer  environment,  a 
representative  example,  is  taken  from  missile  guidance  and  control.  A  rale  gyro  flight  control 
system  for  a  radar  guided  missile^  is  shown  in  F.g  1.  The  purpose  of  this  flight  control  system 
is  to  ensure  that  the  achieved  body  rate  follows  the  body  rate  command.  The  gain,  K,  provides 
unity  transmission  between  input  and  output  ,/hiIe  the  autopilot  gain,  Kr,  influences  the 
system  dynamic  response.  In  this  flight  control  system  the  autopilot  generated  fin  deflection 
command,  8C,  is  sent  to  the  actuation  system.  . '  is  electrical  command  is  converted  by  the 
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actuator  to  a  mechanical  deflection,  through  an  angle  8,  of  the  missile's  control  surface.  The 
control  surface  deflection  causes  the  missile  body  to  pitch.  A  rate  gyro  is  used  to  measure  the 
achieved  body  pitch  rate  thus  completing  the  feedback  path.  In  this  simplified  model  the  body 
pitching  can  be  described  by  rigid  body  dynamics  expressed  as  differential  equations  or  in 
transfer  function  form  as  shown  in  Fig.  1. 


ACTUATOR  RIGID  BODY  DYNAMICS 


Figure  1  Rate  Gyro  Flight  Control  System 


From  Fig.  1  we  can  see  that  the  differential  equations  that  govern  the  system  behavior  are 
given  by 


d0 

dt 


=  -  K„e  -  K„  T  de 
3  3  a  dt 


Nominal  parameter  values  for  the  rate  gyro  flight  control  system  appear  in  Table  1. 


Symbol 

Name 

Definition 

Value 

Ca 

za 

Actuator  damping 

.7 

“A 

coa 

Actuator  natural  frequency 

300  rad/sec 

k3 

k3 

Airframe  gain 

-.2  sec-1 

Ta 

ta 

Airframe  turning  rate  time  constant 

2sec 

Saf 

zaf 

Airframe  damping 

.1 

coaf 

<oaf 

Airframe  natural  frequency 

10  rad/sec 

Kr 

kr 

Autopilot  gain 

1.5  sec 

Table  1  Nominal  Rate  Gyro  Flight  Control  System  Parameter  Values 


This  flight  control  system  can  be  simulated  using  FORTRAN  and  the  second-order  Runge- 
Kutta  integration  technique3  for  solving  the  preceding  differential  equations.  The  program 
listing  of  the  rale  gyro  flight  control  system  appears  in  Listing  1.  We  can  see,  that  because  of  the 
high  frequency  actuator  dynamics,  a  very  small  integration  step  size  is  required  (H=.001  sec)  to 
accurately  numerically  integrate  the  differential  equations.  The  system  differential  equations 
appear  after  statement  label  200.  Special  logic  is  included  in  the  listing  so  that  the  answers  are 
displayed  every  .005  sec. 


INTEGER  STEP 
REAL  K,KR,K3 

DATA  ZA,WA,K3,TA,ZAF,WAF/.7,300.,-.2,2.,.1,10./ 
DATA  KR,TH  DC/1.5,1./ 

K=(l-KR*K3)/<-KR»K3) 

DEL-0. 

DELD-O. 

E-0. 

ED=0. 

T-0. 

H=.0001 

S=0. 

5  !F(T.GE.I.)COTO  999 
S-S+H 

DELOLD-DEL 
DELDOLD-DELD 
EOLD-E 
EDOLD-ED 
STEP-1 
GOTO  200 
66  STEP-2 

DEL=DEL+H*DELD 
DELD-DELD+H'DELDD 
E-E+H'ED 
ED-EDtH*EDD 
T-T+H 
GOTO  200 
55  CONTINUE 

DEL-.5'(DELOLD+DEL+H*DELD) 

DELD-MDELDOLD+DELD+H'DELDD) 

E».5*(EOLD*E+H*ED) 

ED--5'(EDOLD+ED+H'EDD) 

IF(S.GE..OO»999)THEN 

S-0. 

WRITE(9/)T,THD 
END  IF 
G0T05 

200  CONTINUE 

DELC=KR4(K-THD) 

DELDD-WA'WA*(DELC-DEL-2.*ZA*DELD/WA) 
EDD-WAF*WaP(DEL-E-2.,ZAF,ED/WAF) 
THD— K3*E-K54TA'ED 
1F(STEP-I)66,66r'>5 
999  CONTINUE 
PAUSE 
END 


Listing  1  FORTRAN  Simulation  of  Rate  Gyro  Fiipht  Control  System 

The  transient  response  of  the  rate  gyro  flight  control  system  with  a  1  deg/sec  step  input  is 
shown  in  Fig.  2.  From  this  figure  we  can  see  that  initially  the  system  output  overshoots  the 
input  (i.e.,  output  body  rate  reaches  a  peak  of  4  deg/sec)  but  eventually  follows  the  input.  The 
response  is  stable  and  appears  to  be  well  behaved  for  the  autopilot  gain  setting  of  Kr=1.5. 


Figure  2  Nominal  Response  of  Rate  Gyro  Flight  Control  System 


FORTRAN  Comparison 


The  simulation  of  the  rate  gyro  flight  control  system,  using  the  FORTRAN  source  code  of 
Listing  1  was  solved  on  microcomputers  representative  of  the  8-bit,  16-bit,  and  32-bit  world  and 
their  running  times  were  compared  in  the  1987  lime  framed  The  machines  used  in  this 
comparison  were  the  original  IBM  PC,  an  improved  PC,  an  IBM  AT,  a  Macintosh  Plus,  and 
Macintosh  II  microcomputers.  The  performance  of  the  machines  are  compared  with  and 
without  math  coprocessors.  Table  2  presents  the  running  time  comparisons. 


Coprocessor 

IBM  PC 

Improved  PC 

IBM  AT 

Macintosh  Plus 

Macintosh  II 

Out 

520  s 

75  s 

39  s 

61s 

15.4  s 

In 

40  s 

35  s 

■ 

7.4  s 

Table  2  FORTRAN  Running  Time  Comparison  For  Rate  Gyro  Flight  Control  System  Example 

Table  2  indicates  that  the  original  IBM  PC  is  very  slow,  compared  to  the  other  machines 
on  the  rate  gyro  flight  control  system  example.  However,  newer  versions  of  the  4.77-Mhz,  8-bit 
IBM  PC  and  clones  are  significantly  faster  (and  less  expensive  too).  For  example,  the  IBM  AT  is 
about  twice  as  fast  as  the  improved  IBM  PC,  and  the  Macintosh  II  is  four  times  faster  than  the 
Macintosh  Plus.  Addressing  the  math  coprocessor  significantly  improves  the  speed  of  both  the 
Macintosh  II  and  the  improved  IBM  PC.  However,  addressing  the  math  coprocessor  on  an  IBM 
AT  results  in  negligible  speed  improvement.  The  performance  improvement  for  the  IBM  AT 
is  not  as  significant  because  the  math  coprocessor  operates  at  4  Mhz  whereas  the  machine  is 
running  at  6  Mhz.  From  Table  2  we  can  see  that  the  32-bit  Macintosh  II  is  nearly  35  times  faster 
than  the  original  8-bit  IBM  PC.  When  the  math  coprocessor  is  addressed,  it  is  nearly  70  times 
faster.  The  current  generation  of  25  Mhz  80386  clones  and  68030  based  microcomputers  are 
even  faster  than  the  Macintosh  II.  Clearly  there  have  been  many  improvements  since  the 
introduction  of  the  first  IBM  PC. 

The  sample  problem  was  also  run  in  FORTRAN  on  two  super  minicomputers  and  one 
mainframe  computer.  The  running  times  are  summarized  in  Table  3.2 


IBM  PC 

IBM  AT 

Macintosh  II 

VAX/785 

VAX/8600 

IBM/3084Q 

520  s 

35  s 

7.4  s 

3.1s 

0.74  s 

0.61s 

Table  3  Microcomputer,  Minicomputer,  Mainframe  Running  Time  Comparison 


In  this  table  the  running  time  for  the  larger  machines  corresponds  to  CPU  time  with  a 
single-user  load  on  a  time-sharing  system.  Usually  large  machines  are  shared  among  many 
users,  and  the  CPU  time  is  indicative  only  of  what  the  user  is  charged  for  a  session.  In  addition, 
on  large  machines  the  turnaround  time  (the  elapsed  time  it  takes  the  user  to  get  the  output) 
may  be  hours,  even  though  the  CPU  time  may  be  in  seconds.  On  a  microcomputer  the  CPU 
time  is  the  turnaround  time.  Nonetheless,  Table  3  indicates  that  the  Macintosh  II  is  only  2.4 
limes  slower  than  the  VAX/785  and  12  times  slower  than  the  mainframe.  Considering  that  the 
Macintosh  II  costs  about  $5,000,  whereas  the  VAX/785  is  about  $250,000  and  the  IBM/3084Q  is 
several  million  dollars,  the  comparison  is  more  impressive.  Most  importantly,  the  sample  rate 
gyro  flight  control  system  problem  could  be  solved  c.i  a  microcomputer  in  a  very  reasonable 
amount  of  time. 

Open-Loop  Transfer  Function 

Valuable  information  is  available  from  the  time-domain  simulation  of  the  system 
differential  equations.  However,  additional  infoi. nation  is  also  available  from  the  system 
open-loop  transfer  function.  The  concept  of  the  open-loop  transfer  function  is  the  basis  of 
feedback  control  systems  analysis.  While  the  whole  open-loop  transfer  function  is  interesting, 
its  frequency  response  characteristics  are  most  useful  to  the  designer  when  examined  in  the 
frequency  domain.  Both  relative  stability  and  robustness  can  be  determined  from  an  analysis  of 
the  magnitude  and  phase  of  the  open-loop  frequency  response,  and  even  more  importantly,  the 
designer  can  determine  from  it  what  changes  to  make  in  the  system  dynamics  in  order  to 
achieve  design  goals.4^ 


The  open-loop  transfer  function  is  the  transfer  function  around  the  loop  when  the  loop 
is  broken  at  a  point.  Although  the  loop  can  be  broken  anywhere,  it  is  usually  broken  in  series 
with  some  parameter  whose  value  the  designer  can  control  to  achieve  a  desired  characteristic. 
For  example,  we  can  break  the  loop  of  a  single-loop  feedback  control  system  at  the  error  signal 
as  shown  in  Fig.  3. 


Figure  3  Sample  Open-Loop  System 
In  this  case  the  open-loop  transfer  is  defined  as 

a  (s) 

HG  ( S )  = - —  =  A (s )  B (s) 

a2(s) 

In  order  to  fully  understand  open-loop  concepts,  it  is  first  required  to  understand  the 
mechanics  of  Finding  the  magnitude  and  phase  of  an  open-loop  transfer  function.  This  can  be 
done  by  replacing  the  complex  frequency  s  in  the  transfer  function  with 


s  =  j(fl 


where 


j=(.l)l/2 

Usually  the  magnitude  of  the  open-loop  transfer  function  is  expressed  in  db  where 

db=201ogio(Magnitude) 
and  the  phase  is  expressed  in  degrees. 

With  the  open-loop  transfer  function  other  quantities  are  also  important.  For  example, 
the  gain  margin  gm  is  the  value  of  additional  gain  required  at  the  loop  break  (assuming  the 
phase  remains  constant)  to  cause  instability  while  the  phase  margin  <Jipm  is  the  amount  of 
phase  lag  required  at  the  loop  break  (assuming  that  the  gain  remains  constant)  to  cause 
instability.  In  addition  to  these  margins,  crossover  frequencies  are  also  of  interest.  The  gain 
crossover  frequency  <eCr  is  the  frequency  at  which  the  open-loop  magnitude  is  unity,  while  the 
phase  crossover  frequency  toiso  is  the  frequency  at  which  the  open-loop  phase  is  -180  deg.  Both 
these  crossover  frequencies  indicate  the  frequency  of  the  ensuing  oscillation  in  the  time 
domain,  should  the  system  go  unstable  due  to  an  increase  in  gain  or  decrease  in  phase. 

In  order  to  demonstrate  the  utility  of  the  open  loop  transfer  function,  let  us  revisit  the 
rate  gyro  ilight  control  system  of  Fig.  1.  Figure  4  shows  the  same  system,  except  this  time  the 
loop  is  broken  at  the  error  signal.  The  loop  is  broken  here  becaus®  the  designer  can  control  the 
autopilot  gain  Kp. 
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Therefore  the  open-loop  gain  (magnitude)  and  phase  can  be  expressed  in  conventional  units  as 
Gain  =  201ogio  I  HG(jw)  I  (db) 

Phase -57.3  [hG  ( j  e)  (d 03) 

Designers  have  found  several  useful  ways  of  displaying  open-loop  data.  One  of  these 
ways  is  a  Bode  plot  in  which  the  magnitude,  expressed  in  db,  and  phase,  expressed  in  degrees, 
are  displayed  versus  frequency  on  a  logorithmic  scale.  The  preceding  equations  were 
programmed  in  FORTRAN  in  order  to  generate  a  Bode  plot  for  the  rate  gyro  flight  control 
system  and  the  resultant  program  appears  in  Listing  2.  Note  that  in  this  program  we  are 


incrementally  updating  the  frequency  logorithmicaily  and  then  solving  for  the  magnitude  and 
phase.  This  program  runs  quickly  because  integration  is  not  involved. 


REAL  K3,KR 

DATA  ZA,WA,K3,TA,ZAF,WAF,KR/.7,300.,-.2,2.,.l,10.,1.5/ 

DO  10 1=2,163 

W=10"(.025’I-1) 

XMAGl=SQimi+(W*TA)”2) 

XMAG2=SQRT((1-(W/WAF)”2)”2+(2,ZAF‘W/WAF)"2) 
XMAG3=SQRT«1-(W/WA)“2)"2+(2‘ZA»W/WA)”2) 
GA1N=20*LOG10(*K3*KR*XMAG1/(XMAG2*XMAG3)) 
PHASE1=57.3‘ATAN2(WTA,1.) 
PHASE2=57.3,ATAN2(2*ZAF,W/WAF,1-(W/WAF)”2> 
IHASE3=57.3*ATAN2(2*ZA*W/WA,1-(W/WA)**2) 
PHASE»PHASE!-rHASE2-FHASE3 
WR(TE<9,‘)W, GAIN, PHASE 
10  CONTINUE 
PAUSE 
END 


Listing  2  FORTRAN  Program  to  Generate  Open-Loop  Bode  Plot 

Figure  S  presents  the  resultant  Bode  plot,  using  the  data  generated  by  the  FORTRAN 
program.  Here  we  can  see  that  the  gain  (or  magnitude)  peaks  due  to  the  low  airframe  damping 
(^AP=.l)  and  then  is  quickly  attenuated  due  to  the  dynamics  of  the  actuator.  The  phase  and  gain 
margins  are  75  deg  and  17  db  respectively.  This  means  that  if  the  system  phase  is  decreased  by 
75  deg  or  if  the  system  gain  is  increased  by  17  db  the  system  will  go  unstable.  We  can  also  see 
from  Fig.  5  that  the  gain  and  phase  crossover  frequencies  are  60  rad/sec  and  302  rad/sec 
respectively.  If  the  system  goes  unstable  because  of  a  decrease  in  phase,  its  frequency  of  unstable 
oscillation  will  be  the  gain  crossover  frequency.  If  the  system  goes  unstable  because  of  a  gain 
increase,  the  frequency  of  the  unstable  oscillation  will  be  the  phase  crossover  frequency. 


Figure  5  Bode  Plot  for  Rate  Gyro  Flight  Control  System 


Analysis  and  Verification  of  Open-Loop  Results 


The  open-loop  analysis  of  the  previous  section  indicated  that  the  system  gain  margin  was 
17  db.  This  means  that  if  the  gain  Kr  was  increased  by  17  db  the  system  would  go  unstable.  A 
gain  increase  of  17  db  means  that  Kr  must  increase  from  1.5  to  11  to  destabilize  the  system.  In 
other  words, 

201ogio(KuN STABLE/*1^)  =  17  db 


or 


^UNSTABLE-  11 

In  addition,  the  frequency  i espouse  analysis  indicated  that  the  phase  crossover  frequency 
(i.e.  frequency  when  phase  is  -180  deg)  was  302  rad/sec.  This  means  that  if  the  rate  gyro  flight 
control  system  were  destabilized  by  a  gain  increase,  the  system  would  oscillate  at  302  rad/sec. 
Figure  6  shows  that  when  the  gain  in  the  FORTRAN  time-domain  simulation  of  the  rate  gyro 
flight  control  system  of  Listing  1  is  increased  from  1.5  to  11  that  the  system  breaks  into  growing 
oscillations  at  a  frequency  very  close  to  the  phase  crossover  frequency  predicted  by  the 
frequency-domain  analysis. 
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Figure  6  Flight  Control  System  Goes  Unstable  If  Gain  Increased  Too  Much 

Therefore  this  example  demonstrates  the  relationship  between  the  time  or  simulation  domain 
and  frequency  or  open-loop  domain.  Both  time  and  frequency  domain  output  information  can 
easily  be  graphically  incorporated  into  a  microcomputer  simulation. 

We  can  also  illustrate  the  concept  of  phase  margin  by  first  observing  that  an  ideal  delay 
can  be  represented  by  the  transfer  function 

DELAY  =  e-sT 

Converting  this  representation  to  the  complex  frequency  domain  yields 

DELAYfjco)  =  e‘iwT  =  coscoT  -  jsincoT 
The  magnitude  and  phase  of  the  ideal  delay  is  therefore 

I  DELAY(jco)  I  =  (cos2wT+sm2(oT)l/2  =  l 

/DELAYS)  =  =-wT 


In  summary,  an  ideal  delay  can  be  represented  in  the  frequency  domain  as  a  function 
with  unity  magnitude  and  pure  phase  loss.  The  phase  loss  at  60  rad/sec  (open-loop  gain 
crossover  frequency  ©cr)  0311  b®  obtained  from  the  preceding  equation  as 

DELAY  PHASE  LOSS  =  -60T 


Table  4  summarizes  the  phase  loss  of  an  ideal  delay  for  various  delay  times. 


Tfsec) 

Phase  Loss  (deg) 

0.0 

0.0 

0.01 

-34.3 

0.022 

-75.0 

Table  4  Phase  Loss  From  an  Ideal  Delay 


We  ran  see  from  Table  4  that  a  pure  delay  of  .022  sec  in  the  time  domain  results  in  a  75 
deg  phase  loss  in  the  frequency  domain.  Since  the  phase  margin  of  the  open-loop  system  (with 
the  loop  broken  at  Kp)  is  75  deg,  this  means  that  if  a  pure  delay  of  .022  sec  were  inserted  in 
series  with-Kp,  the  system  would  go  unstable  and  oscillate  at  a  frequency  of  60  rad/sec  (open- 
loop  gain  crossover  frequency).  The  rate  gyro  flight  control  time  domain  simulation  of  Listing 
1  was  modified  to  include  a  pure  time  delay  of  .022  sec  and  the  system  step  response  is  shown  in 
Fig  7.  Here  we  can  see  that  the  system  does  go  unstable  at  the.predicted  value  of  time  delay  and 
also  oscillates  at  the  predicted  frequency. 


The  purpose  of  this  section  was  to  show  the  relationship,  via  an  example,  between  the 
open  loop  frequency  response  and  time  domain  simulation.  The  analyst  uses  both  of  these 
computerized  methods  of  analysis  for  design  because  of  the  unique  perspective  that  can  be 
obtained  from  both  the  frequency  and  time  domain.  Both  the  time  and  frequency  domain 
visualizations  of  the  rate  gyro  flight  control  system  can  be  presented  simultaneously  in 
different  windows  on  a  microcomputer  screen  so  that  the  designer  can  rapidly  iterate  on 
acceptable  values  of  autopilot  gain. 

Satellite  Simulation 

The  purpose  of  this  section  is  to  provide  a  more  dramatic  example  of  how 
microcomputer  based  computation  and  graphics  can  be  used  to  enhance  the  understanding  of 
satellite  dynamics.  Let  us  begin  by  stating  the  satellite  nonlinear  differential  equations.  A 
convenient  coordinate  system  for  the  simulation  of  a  satellite  is  an  Earth-centered  Cartesian 
coordinate  system  as  shown  in  Fig.  8.  Since  this  coordinate  system  is  fixed  in  inertial  space 
(even  though  the  earth  rotates),  all  satellite  acceleration  differential  equations  can  be  integrated 
directly  to  yield  velocity  and  position,  without  having  (o  worry  about  Coriolis  effects. 


z 


Figure  8  Earth-Centered  Coordinate  System 

The  differential  equations  describing  the  acceleration  of  a  satellite  in  a  gravity  field  can  be 
derived  from  Newton's  law  of  universal  gravitation  in  the  Earth-centered  Cartesian  coordinate 
system  asJ<6  „  .  gm  x 


.2  2  2 
(x  +y  +zl 

1.5 

-amy 

.2  2  : 
(x  +y  +2 

,1.5 

-gmz 

6-10 


where  x,  y,  and  z  are  component  distances  of  the  satellite  from  the  center  of  the  Earth  and  gm  is 
the  gravitational  parameter  with  value 

gm  =  1.4077  *  10^6  ft-'  /  sec7 

The  velocity  of  a  satellite  in  circular  orbit  is  related  to  it's  altitude  according  to^ 


\J  a  +  alt 


where  alt  is  the  altitude  of  the  satellite,  measured  from  the  surface  of  the  Earth,  and  a  is  the 
radius  of  the  earth  with  value 

a  =  2.0926  *  107  ft 

Given  the  initial  altitude,  latitude  and  longitude  of  the  satellite,  we  can  express  the  initial 
location  of  the  satellite  in  Earth-centered  coordinates  as 

x(0)  =  (a  +  alt)  cos  (iat)  cos(long) 
y(0)  =  (a  +  alt)  cos  flat)  sinflong) 
z(0)  =  (a  +  alt)  sin  (iat) 

wltere  lat  is  latituce  and  long 'is  longitude.  The  initial  velocity  components  of  the  satellite  in 
Earth-centered  coordinates  can  be  expressed  in  terms  of  the  satellite  velocity,  location  and 
inclination.  For  a  satellite  at  a  90  deg  travelling  in  a  prograde,  ascending  trajectory,  the 
appropriate  velocity  initial  conditions  are 

X  ( 0 )  =  -  V  sin  (lat)  cos  (long) 
y  ( 0 )  =  V  sin  (lat)  sin  (long) 
z  ( 0 )  =  V  cos  (lat) 

■After  integrating  the  satellite  acceleration  differential  equations  twice  to  get  position,  we  must 
take  Earth  rotation  into  account.  A  coordinate  frame  moving  with  the  Earth  (  xe,  ye,  Zg  )  is 
related  to  the  inertial  coordinate  frame  (x,  y,  z)  according  to 

x«  =  x  cos  cot  +  y  sin  cot 
ye  =  xsino)t-ysin<i)t 

Ze  =  Z 

where  co  is  the  rotation  of  the  Earth  with  value 

(a  =  360  deg  /  24  hrs  =  6.2W185  rad  /  86400  sec 

The  expressions  for  latitude  and  longitude  can  then  be  expressed  in  terms  of  the  moving  irame 
as 


The  FORTRAN  code  for  a  satellite  in  circular  orbit,using  the  preceding  differential 
equations  and  initial  conditions,  appears  in  Listing  3.  From  the  source  code  we  can  see  that  the 
nominal  case  considered  is  that  of  the  first  20,000  sec  of  a  satellite  travelling  in  a  circular  orbit  at 
1000  km  altitude  and  90  deg  inclination.  The  acceleration  differential  equations,  which  are 
integrated  using  the  second-order  Runge-Kutta  numerical  technique,  appear  after  statement 
label  200. 


101 


66 


55 


200 


999 


REAL  LAT  (DEG,LO\'GMDHG,LATM,LONGM,LATmJDEM,LON’GrrUDEM 

INTEGER  S  TEP 

ALTMKMIC-500. 

LATMDEG-50. 

LONGMDEG-20. 

TF-20000. 


H-10. 

A-2.0926E+07 

CM-1.4077E+16 

W-6.2S3185/86400. 

T-0. 


LATMaLATMDFG/573 

LONGM-LQNGMDF.G/57.3 

AtTM-ALTMKf, (103280. 

VS=SQRT(GM/(A+ALTM)) 

XM«(A+ALTM)'COS(LATM)*COS(LONGM> 

YM»(A+ALTM)*COS<LATM),SIN(LONGM) 

2M=(A+ALTM)"S1N(LATM) 

XMD=-VS*SIN(LATM),COS(LONGM) 

YMD~VS'S1N(LATM)’S1N(L0NGM) 

ZMD«VS’COS<LATM> 

CONTINUE 

IF(T>^TF-.OOOOD)GOrO  999 

XMOLD-XM 

YMOLD-YM 

ZMOLD-ZM 

XMDOLD-XMD 

YMDOLD-YMD 

ZMDOLDoZMD 

STEP-1 

GOTO  200 

STEP-2 

XM-XM+H*XMD 

YM-YM+1PYMD 

ZM=ZM+H‘ZMD  „  „ 

YMD-YMD+H'YMDD 

ZMD-ZMD+H*ZMDD 

T-T+H 


GOTO  200 
CONTINUE 

XM=3»(XM0LD+XM+H*XMD) 

YM-^’(YMOLD+YM+H*YMD) 

ZM-^IZMOLD+ZM+H'ZMD) 

XMD-.5‘(XMDOLD+XMD+H‘XMDD) 

YMD-.5,(YMDOLD+YMD+H*YMDD> 

ZMD=.5,(ZMDOLD+ZMD+H*ZMDD) 

XME-XM*COS(WT)+YM*SIN(WT) 

YME~XM*SIN(WT)-YM*COS(WT) 

ZME-ZM 

LAT1TUDEM-57J,ASIN(ZME/SQRT(XME**2+YME*,2+ZME,'2)) 

LONGITUDEM»57.3*ATAN2(YME,XME> 

IF(LONG1TUDEM>180)THEN 

LONGlTUDEM-LONGITUDEM-360 


ENDIF 

ALTKM=(SQRT(XM**2+YM“2+ZM,’2)-A)/3280. 
WRITE(9,*)T,ALTKM,L0NG1TUDEM,LAT1TUDEM 
GOTO  101 
CONTINUE 

TEMPBOTM=(XM**2+YM,,2+ZM“2),‘1.5 

XMDD-CtvPXM/TEMPBOTM 

YMDD=-GM*YM/TEMPBOTM 

ZMDD=CM*ZM/TEMPBOTM 

1F<STEP-1)66,66,55 

CONTINUE 

PAUSE 

END 


Listing  3  FORTRAN  Satellite  Simulation 

By  running  the  simulation  of  Listing  3  and  projecting  the  results  into  longitude-latitude 
spacc-in  conjunction  with  a  linear  projection  of.a  publicaliy  available  world  map  data  base7  as  a 
background,  we  can  get  a  better  graphical  visualization.  We  can  see  from  Fig.  9  that  orbits  do 
not  overlap  because  of  the  rotation  of- the  Farth.  We  can  also  see  that  in  20,000  sec  the  satellite 
went  through  three  revolutions.  The  map  provides  important  geographical  context  to  the 
satellite  simulation.  Information  missing  from  the  linear  mapping  display  of  Fig.  9  is  three- 
dimensional  perspective.  In  addition,  there  appears  to  be  confusion  concerning  the  motion  of 
the  satellite  at  90  deg  blituje. 
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Figure  9  Ground  Track  of  Satellite  Motion  Provides  Geographical  Context 

Although  orthographic  mapping  projections  of  the  world  are  the  least  useful  as  maps 
because  of  the  extreme  distortion  near  the  edges,  they  are  useful  in  providing  three- 
dimensional  perspective  on  a  two-dimensional  microcomputer  screen.  For  example,  Fig.  10 
with  its  mapping  origin  at  0  deg  latitude  and  -45  deg  longitude,  provides  an  orthographic  view 
of  the  same  satellite  trajectory  of  Fig.  9.  The  orthographic  projection  provides  an  excellent 
visualization  for  both  the  altitude  and  inclination  of  the  circular  satellite  orbit.  In  addition, 
confusion  concerning  motion  at  90  deg  latitude  in  the  linear  display  of  Fig.  9  has  been 
eliminated  in  the  orthographic  display.  However,  part  of  the  trajectory  is  missing  since  an 
orthographic  view  can  only  show  one  hemisphere  at  a  time. 


Figure  10  Orthographic  View  of  Satellite  Trajectory  (Origin=-45  Deg  Longitude  and  0  Deg 
Latitude)  Adds  Perspective 

By  rotating  the  orthographic  viewing  angle  we  can  obtain  even  more  information  about 
the  trajectory.  For  example,  if  we  want  a  view  of  the  trajectory  from  infinity  looking  at  the 
North  Pole,  we  simply  change  the  latitude  origin  of  the  map  from  0  deg  to  90  deg.  The  resulting 
North  Pole  orthographic  view  is  shown  in  Fig.  11. 
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Figure  11  North  Pole  View  of  Satellite  Trajectory  (Origin=-45  Deg  Longitude  and  90  Deg 

Latitude) 

We  can  see  from  Figs,  jl  that  microcomputer  based  graphics  technology  can  add  a  new 
dimension  to  the  visualiz*  ■  .'i  *'.f  trajectories. 

Interceptor-Satellite  En.-  igs.v.Oi.t  Simulation 

As  a  final  example/  K\  j  consider  extending  the  satellite  simulation  to  include  a  strategic 
surface-based  interceptor  j».  f  ling  the  satellite.  Since  this  engagement  simulation  is  more 
complex,  easier  ways  of  speeding  large  data  sets  and  user  options  are  required.  In  this  scenario 
it  is  appropriate  to  borrow  many  of  the  user-interface  concepts  popularized  by  the  Macintosh 
technology.  For  example,  dialog  boxes  can  be  implemented  as  a  "user-friendly"  way  of 
inputting  data  into  a  detailed  engagement  simulation.  Figure  12  shows  how  the  satellite  orbital 
parameters  can  easily  be  specified  with  edit  fields  and  buttons.  The  satellite  location  and 
inclination  can  be  entered  in  the  edit  fields  by  use  of  an  input  pointing  device  known  as  a 
mouse.  The  type  of  orbit  (i.e.,  prograde  or  retrograde)  is  specified  by  clicking  on  the  appropriate 
button  in  the  dialog  box.  When  the  user  is  satisfied  with  all  the  inputs,  a  simple  mouse  click  on 
OK  enters  the  data  into  the  program.  Recalling  the  dialog  box  from  a  menu,  also  controlled  by 
the  mouse,  allows  the  user  to  discover  how  the  satellite  orbital  parameters  influence 
interceptor  performance 


Satellite  Orbital  Parameters: 

(  OK  ) 

Longitude 
(degrees  East): 

.000000 

[  Cancel  ) 

[  Default) 

Latitude 
(degrees  North): 

30.0000 

Altitude 

(kilometers): 

500.000 

Inclination 

(Degrees): 

Orientation: 

<•>  Prograde 

O  Retrograde 

80.0000 

i 

(•>  Ascending 

O  Descending 

Figure  12  A  Dialog  Box  Is  A  User-Friendly  Way  of  Entering  Data 

The  dialog  box  can  also  be  used  as  a  convenient  way  for  providing  the  user  with  many 
complex  options.  For  example,  the  use  of  buttons  in  the  dialog  box  of  Fig.  13  allows  the  user  to 
choose  between  many  sophisticated  interceptor  guidance  laws.  Edit  fields  arc  used  to  specify,  in 
oven  greater  detail,  many  guidance  related  parameters.  Studies  can  be  rapidly  conducted  in 
which  the  effectiveness  of  each  guidance  law  is  quantified. 


Homing  Guidance  Parameters: 

(  OK 

n 

Effectlue  Naulgation 

Ratio: 

|3.00000 

[  Cancel  j 

Homing  Guidance 

[Defaults) 

Acquisition  Range  (km): 

Minimum  Eucluslon 

Angle  (degs.): 

-90.000 

Guidance  Lou;: 

®  Proportional  Naulgation 

O  Augmented  Proportional  Naulgation 

OPredictlue  Guidance-Step  Size  (secs.): 

5.00000 

O  Pulsed  Guidance-Number  of  Pulses: 

3.00000 

0  Oiuine  Guidance 

Figure  13  A  Dialog  Box  Is  A  User-Friendly  Way  of  Making  Sophisticated  Choices 

Finally,  after  entering  the  data,  the  user  needs  a  easy  way  to  both  visualize  and 
understand  the  results  of  the  simulation.  Figure  14  presents  a  possible  way  of  presenting  some 
of  the  resultant  data  in  different  windows  simultaneously.  The  "Ground  Tracks"  window 
presents  a  linear  projection  of  a  satellite  (solid  line)  being  pursued  by  a  surface-based  interceptor 
(partially  dashed  curve).  A  box  at  the  top  of  the  window  presents  simulation  time,  interceptor- 
satellite  separation,  the  lateral  divert  required  for  this  engagement,  and  interceptor  altitude  as 
the  simulation  is  running.  In  order  to  convey  perspective,  an  "Orthographic  Projection" 
window  simultaneously  presents  the  same  trajectory  data.  However,  this  time  we  get  a  belter 
visualization  of  the  three-dimensional  aspect  of  the  engagement.  A  "Global  View"  window 
provides  a  macroscopic  view  of  the  engagement  using  orthographic  projection  techniques. 
More  precise  altitude  information  concerning  the  interceptor  and  target  can  be  found  in  the 
'Trajectories"  window.  We  can  see  that  the  satellite  is  at  constant  altitude  whereas  the 
interceptor  must  climb  to  an  altitude  higher  than  the  satellite  and  dive.  The  "Missile 
Acceleration"  window  presents  the  required  missile  acceleration,  which  in  this  case  was 
miniscule,  to  effect  an  intercept. 
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Figure  14  Simulation  Data  Can  Be  Presented  Simultaneously  In  Different  Windows 


Summary 

Several  interceptor  guidance  system  related  examples  have  been  presented.  The  paper 
first  demonstrates  that  these  examples-  can  be  made  to  work  on  microcomputers  with  CPU 
running  times  which  are  very  attractive  and  turn  around  times  (i.e.  time  for  engineer  to  get  the 
answer  in  a  useful  form)  that  are  far  superior  to  that  offered  by  a  time-shared  mainframes.  It  is 
then  shown  how  numerical  output  can  be  enhanced,  in  real  time,  with  the  graphics 
visualization  technology  which  is  currently  available  with  microcomputers.  Each  of  the 
examples  demonstrates  how  the  enhanced  answers  offer  the  designer  a  visualization  wi.ich  not 
only  gives  a  deeper  insight  into  the  problem  be'ng  solved,  but  in  addition  allows  an  engineer  to 
rapidly  iterate  cases  to  get  an  acceptable  design. 
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Interactions  Between  Battle  Management  And  Guidance  Law  Design 
For  A  Strategic  Interceptor 

Dr.  Owen  L.  Deutsch 
The  Charles  Stark  Draper  Laboratory 


Abstract 

The  design  of  strategic  interceptor  systems  presents  many  unique  challenges. 
Considering  a  space-based  system  with  orbiting  interceptors,  performance  requirements  may 
include  near-zero  miss  distances,  nearly  complete  coverage  of  many  simultaneous  threat 
launches  and  successful  interception  against  maneuvering  targets.  Cost  constraints,  on  the 
other  hand,  will  limit  the  interceptor  weight  and  the  numbers  deployed.  Also,  the  interceptor 
may  operate  at  an  acceleration  disadvantage  with  respect  to  target,  the  range  and  time-to-go  may 
not  be  precisely  known,  and  there  may  be  substantial  prediction  errors  for  the  initial  flyout.  All 
of  these  factors  conspire  to  place  great  importance  on  an  integrated  system  design  process  that 
provides  visibility  into  the  interactions  between  battle  management  functions  (eg.,  sensor 
management,  weapon-target  assignment  and  fire-control)  and  the  interceptor  guidance  law  and 
component  technologies.  In  particular,  guidance-related  issues  must  be  taken  into  account  in 
the  weapon-target  assignment  and  fire-control  functions  of  the  battle  manager. 

As  an  example,  the  minimum  time  for  lateral  guidance  (with  limited  acceleration 
capability)  to  null  out  heading  errors  resulting  from  prediction  error  must  be  accounted  for  in 
the  timeline  decisions  of  the  assignment  and  fire-control  processes.  The  battle  manager  may 
select  assignments  that  avoid  unfavorable  engagement  geometries,  where  possible.  Finally,  the 
fire  control  manager  may  select  between  different  guidance  laws  based  on  engagement 
conditions.  Once  there  is  visibility  into  the  existence  and  phenomenology  of  potential  guidance 
problems,  there  may  be  easy  opportunities  for  correction  by  system-level  solutions. 

Introduction 

Strategic  JntgKep.tor.Oon.cgp.t 

For  exposition  in  this  paper,  a  space-based  strategic  defense  system  contains  orbiting 
elements  with  sensors,  interceptors  and  indigenous  communications  and  processing 
capabilities.  During  a  conflict,  the  space-based  interceptors  are  dispatched  against  targets  or 
threats  consisting  of  strategic  ballistic  missiles  that  are  boosting  or  executing  post-boost 
maneuvers.  The  threats  are  observed  by  angle-only  optical  sensors  prior  to  the  launch  of  the 
interceptors  and  by  sensors  onboard  the  interceptors  that  support  autonomous  homing 
guidance  without  external  communication.  The  interceptors  attempt  to  achieve  a  miss  distance 
that  results  in  a  direct  collision  with  the  ascending  targets.  The  overall  objective  for  the 
operation  of  the  defense  system  is  to  destroy  as  many  of  the  threats  as  is  possible  for  a  given 
defense  deployment.  The  objective  for  the  defense  design  is  the  lowest  cost  system  that  satisfies 
a  stated  requirement  for  "negation"  of  an  hypothesized  threat.  For  any  reasonable  constraint  on 
system  cost,  the  performance  that  will  be  achievable  will  fall  short  of  total  negation  of 
numerous  threat  launches.  Nonetheless,  significant  negation  may  be  a  useful  alternative  to 
total  reliance  on  offensive  deterrence  and  may  play  synergistically  with  reduced  offensive  force 
levels. 


The  basic  elements  of  the  strategic  interceptor  system  are  depicted  in  Figure  1.  The 
defense  may  consist  of  hundreds  to  thousands  of  interceptors  that  may  be  arrayed  individually 
or  clustered  on  "carrier  vehicle"  satellite  platforms  that  provide  prelaunch  support  functions 
including  communications,  navigation,  power,  cooling,  etc.  The  interceptors  w:ll  be  stationed 
in  relatively  low  earth  orbits  to  facilitate  kinematic  reachability  within  prescribed  timelines  [lj. 
The  interceptor  flyout  distance  may  range  up  to  2500  kilometers  but  will  typically  be  about  1200 
kilometers.  Typical  timelines  include  a  delay  time  relative  to  threat  launch  time  of  40  to  80 
seconds  during  which  time  the  target  rises  above  an  unknown  cloud  cover  and  is  tracked  for  20 
to  40  seconds  before  the  interceptor  is  dispatched:  the  larger  delay  times  may  result  from  delay 
in  release  authorization  and  system  activation  during  the  initial  wave  of  an  assault:  Also,  laiet 
firing  times  may  result  from  the  earliest  kinematic  opportunity  for  intercept  occurring  during 
or  well  into  the  post-boost  phase  of  the  threat  launch.  Depending  on  the  engagement 
geometry,  the  interceptor  closing  velocity  may  range  from  4  to  15  kilometers  per  second. 
Typical  flyout  times  are  in  the  range  of  80  to  200  seconds,  with  longer  flyouts  corresponding  to 
late  post-boost  intercepts  with  beyond  the  horizon  targeting. 
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Figure  1.  Elements  of  a  space-based  kinetic  energy  strategic  defense  system. 

System  Elements  and  Functions 

The  sensor  elements  of  the  system  detect  and  track  threat  launches  and  support  the  battle 
management  functions  of  target  track  correlation,  intercept  point  prediction,  weapon-to-target 
assignment  and  fire-control  for  each  individual  intercept  engagement.  The  interceptors  carry 
homing  sensors  that  allow  onboard  guidance  to  execute  autonomously  after  the  flyout  has 
commenced.  A  large  number  of  architectural  possibilities  can  be  postulated  for  the  design  of 
the  sensor  systems.  The  design  space  includes  issues  of  spectral  bands,  mono  versus  stereo¬ 
track  coordination,  scanning  versus  staring  coverage,  multiple  levels  cf  resolution,  degree  of 
onboard  processing,  communication  network  modalities  and  connectivities,  deployment  of  a 
small  number  of  highly  capable  sensors  versus  proliferation  of  lower  cost  sensors  or  collocation 
of  all  sensing  on  interceptor  platforms,  and  others. 


The  interceptors  operate  exoatmospherically  and  hence  must  maneuver  using  thrusters 
and  expending  solid  or  liquid  fuels  that  are  carried  on  board.  A  typical  interceptor  design  is 
staged  so  that  the  empty  weight  of  tankage  or  motor  casing  for  thrust  used  initially  during  the 
flyout  does  not  penalize  the  agility  that  is  required  for  the  endgame  maneuvers.  The  flyout 
may  be  arbitrarily  divided  into  an  initial  phase  during  which  "axial"  thrusting  is  used  to  deorbit 
and  place  the  interceptor  along  a  trajectory  that  is  believed  to  facilitate  endgame  success 
followed  by  a  terminal  maneuver  phase  of  "lateral"  thrusting  of  the  staged  "lut-to-kill  vehicle." 
The  terminal  maneuver  phase  is  required  because  the  axial  flyout  can  never  be  accurate  enough 
to  achieve  hit-to-kill  without  terminal  homing  and  more  importantly  because  the  future 
trajectory  of  the  boosting  target  is  substantially  unknown  to  the  defense  during  the  flyout.  Even 
if  the  threat  is  known  to  be  a  well-characterized  type  of  booster,  the  aimpoint,  reentry  angle  and 
threat  maneuver  uncertainties  can  easily  result  in  intercept  point  prediction  errors  of  several 
hundred  kilometers  over  the  interval  of  the  initial  flyout. 

The  battle  management  functions  admit  of  a  number  of  architectural  possibilities 
ranging  from  completely  centralized  to  distributed  or  fully  autonomous  on  the  part  of  the 
interceptor  elements.  If,  for  example,  the  target  locations  and  constellation  status  are  broadcast 
to  all  interceptor  elements,  then  each  element  can  execute  the  same  battle  management 
algorithms  and  coordinate  fire-control  decisions  implicitly.  Alternatively,  a  number  of 
"stochastic"  and  "informed  stochastic"  algorithms  permit  highly  effective  fire-control  without 
communication  to  or  between  interceptor  elements.  With  suitable  algorithm  design,  the 
processing  capability  to  perform  battle  management  can  most  likely  be  provided  by  near-term 
RISC  processor  designs  and  does  not  require  great  technological  advances. 

In  closing  the  discussion  of  the  system  elements,  it  is  probably  fair  to  state  thu*  a  number 
of  design  alternatives  can  be  postulated  that  will  achieve  reasonable  performance  goals  with 
near-term-technology  and  at  constrained  cost.  For  the  purposes  of  this  paper,  a  point  design 
will  be  constructed  to  provide  illustration  of  the  interaction  of  battle  management  with 
interceptor  design  issues.  The  parameters  of  the  design  will  be  chosen  to  be  "round  numbers" 
that  are  representative  of  the  design  space.  The  point  design  includes  a  constellation  of  carrier 
vehicles  arrayed  in  15  rings  of  25  satellites  per  ring  in  prograde  70  degree  inclination  orbits  at 
500  kilometers  altitude.  Each  carrier  vehicle  contains  10  interceptors.  The  interceptors  are 


made  up  of  two  solid-fueled  booster  stages  and  a  pulse-throttleable  kill  stage.  The  kill  stage 
contains  an  infrared  focal  plane  sensor,  maneuver  engines,  attitude  control,  battery,  computer, 
navigator,  and  other  components  packaged  into  an  empty  mass  assumed  to  be  10  kilograms. 
For  an  allocation  of  2.0  kilometers  per  second. AV  for  the  kill  stage  at  a  specific  impulse  of  250 
seconds,  the  rocket  equation  yields  a  fueled  mass  of  22.6  kilograms: 

m(  =  (1) 

nq  =  initial  mass  I$p  =  specific  impulse 

mf  =  final  mass  g  =  gravitational  acceleration 

If  we  assume  that  each  of  the  4  kill  vehicle  main  thrusters  comprises  10%  of  the  empty 
mass  and  that  100:1  thrust  to  weight  ratio  is  achievable,  then  the  kill  vehicle  acceleration 
capability  varies  between  4.5  and  10.2  g's  between  full  and  empty  conditions.  The  solid  fueled 
booster  stages  are  sized  to  yield  a  AV  of  3  kilometers  per  second  per  stage.  Assuming  a  specific 
impulse  of  280  seconds  and  that  the  motor  casing/nozzle  comprises  10%  of  the  booster  weight, 
the  total  interceptor  mass  is  330  kilograms.  If  we  constrain  the  peak  axial  acceleration  to  50  g's, 
then  the  bum  time  for  both  solid  stages  to  deliver  6  kilometers  per  second  AV  is  28.5  seconds. 

The  sensor  elements  are  assumed  to  be  located  in  a  higher  altitude  constellation.  The 
sensors  are  mid-infrared  focal  planes  with  stereo-coordinated  target  tracking.  Each  platform  is 
assumed  to  carry  a  sensor  suite  including  a  hierarchy  of  wide-angle  coverage  at  low  resolution 
and  several  independently  steerable  medium  resolution  sensors  to  support  high  traffic 
targeting  of  individual  threat  boosters.  The  target  track  association  problem  will  not  be 
modeled  and  only  the  time  delays  in  servicing  the  threat  traffic  and  the  sensor  random  errors 
and  navigation  error  will  be  modeled.  The  sensor  aboard  each  interceptor  is  constrained  in 
optics  size  and  again  only  the  random  angle  “rrors  of  the  line  of  sight  observation  to  the  target 
will  be  modeled. 

The  remaining  sections  of  this  paper  will  discuss  battle  management  functions  and 
decisions,  interceptor  guidance  law  options,  and  the  interaction  of  battle  management  and 
guidance  law  design  in  the  context  of  overall  system  performance. 

Battle  Management  Functions 

Intercept  Point  Prediction 

In  order  to  determine  which  targets  are  kinematically  accessible  from  which  interceptors, 
the  battle  manager  must  first  perform  intercept  point  prediction  for  each  of  the  targets  as  they 
first  enter  the  target  queue.  Because  the  flyouts  are  quite  long  compared  to  tactical  missile 
experience  and  because  the  targets  are  accelerating  and  pitching  and  may  operate  at  an 
acceleration  advantage  with  respect  to  the  kill  stage,  some  form  of  predictive  guidance  is 
necessary  for  the  initial  axial  part  of  the  flyout.  Proportional  navigation  type  tactical  guidance 
laws  may  be  suitable  for  the  endgame,  but  a  guidance  policy  that  uses  only  the  currently 
observed  target  location  or  simple  constant  acceleration  extrapolations  for  future  location  will 
consume  too  much  AV  to  be  practical.  Hence,  the  accessibility  calculation  is  done  with  the 
predicted  future  location  of  the  target  over  a  range  of  possible  intercept  times. 

Considering  the  operational  uncertainties  in  threat  booster  aimpoint,  reentry  angle  and 
evasive  maneuvers,  the  intercept  point  prediction  may  have  100  to  300  kilometers  erro'  with 
respect  to  the  true  location  of  the  threat  booster  at  the  selected  intercept  times  150  to  300  seconds 
in  the  future.  If  the  current  threat  booster  acceleration  and  velocity  vectors  could  be  estimated, 
simple. extrapolation  would  yield  prediction  errors  that  were  in  the  range  of  500  to  several 
thousand  kilometers.  Knowledge  of  the  booster  acceleration  profile  and  allowance  for 
gravitational  acceleration  would  improve  the  extrapolation  but  still  would  not  yield  acceptable 
prediction  errors. 

Two  techniques  that  yield  acceptable  intercept  point  prediction  will  be  described.  One 
technique  flies  a  crude  model  of  the  booster  from  the  estimated  launch  location  to  an  estimated 
aimpoint  at  a  minimum  energy  reentry  angle.  The  aimpoint  can  be  estimated  to  be  the 
centroid  of  the  geographic  area  that  is  a  priori  believed  to  be  the  intended  target  of  the  threat 
booster  (i.e..  Continental  United  States,  CONUS).  Alternatively,  the  aimpoint  within  this  area 
can  be  estimated  by  hypothesizing  that  the  threat  I  'Ster  trajectory  lies  in  a  plane  in  inertial 
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Figure  2.  Geometric  construct  for  aimpoint  prediction. 

space  and  by  projecting  the  plane  to  find  the  intersections  with  the  defined  target  area  on  a 
rotating  Earth  surface  for  a  nominal  impact  time.  The  geometric  construct  is  illustrated  in 
Figure  2.  If  the  target  area  is  represented  as  a  rectangle  in  latitude-longitude  space,  there  wil1  in 
general  be  zero  or  two  intersections  with  this  nonreentrant  region.  The  estimated  aimpoint  can 
be  taken  to  be  the  midpoint  of  the  two  intersections.  This  technique  has  been  found  to  yield 
acceptable  prediction  errors  if  the  threat  booster  trajectory  plane  can  be  estimated  from  sensor 
observations.  For  a  range  of  threat  booster  launch  point-true  aim  point  variations,  the 
projection  technique  for  estimating  the  threat  booster  aimpoint  has  been  found  to  result  in 
intercept  point  prediction  errors  that  are  an  average  factor  of  two  to  three  lower  than  the  errors 
resulting  from  the  use  of  the  target  region  centroid  for  the  threat  booster  aimpoint.  An 
additional  benefit  to  the  use  of  this  technique  is  that  it  does  not  require  an  accurate  target  state 
estimate  but  only  the  target  positional  location  at  two  time-separated  observations  early  in  the 
target  trajectory. 

The  second  technique  for  intercept  point  prediction  utilizes  a  template  to  represent  the 
nominal  trajectory  of  a  threat  booster  instead  of  the  crude  simulation  of  the  thrust-time  history 
in  a  gravitational  field.  The  template  can  be  represented  by  the  altitude  and  downrange 
coordinates  as  a  function  of  time,  for  example.  Sensor  line  of  sight  observations  over  time  are 
filtered  to  estimate  the  current  point,  launch  azimuth,  launch  time  and  reentry  angle.  The 
predicted  intercept  point  is  obtained  by  extrapolation  along  the  template  from  the  current 
estimated  location.  The  launch  point  can  also  be  predicted  for  threat  tagging  by  extrapolation 
backward  along  the  template.  Although  the  extrapolation  along  the  template  is  relatively 
inexpensive  computationally,  the  effort  to  estimate  the  template  parameters  is  equivalent  to 
the  computational  effort  in  using  the  first  technique  described.  The  template  technique  also 
shows  somewhat  greater  brittleness  to  discrepancies  between  the  flight  profile  of  the  booster 
model  used  in  constructing  the  template  and  that  of  the  actually  observed  threat  booster.  If 
monotracking  (i.e.,  observations  from  a  single  sensor)  is  used,  however,  the  template  technique 
and  careful  selection  of  sensor  geometry  to  insure  observability  may  be  necessary  in  order  to 
estimate  target  location  from  the  line  of  sight  angle-only  measurements  over  a  short  period  of 
time. 


Weapon-Target  Association 

The  calculation  of  the  list  of  kinematically  feasible  targets  for  each  interceptor  is  referred 
to  as  weapon-target  association.  The  data  structure  that  is  used  also  contains  a  coarse  solution 
of  the  interceptor  firing  time  corresponding  to  each  of  a  number  of  discrete  intercept  times 
relative  to  the  time  of  the  threat  booster  launch.  Hence,  the  feasibility  list  also  encodes  the 
feasible  firing  times  and  the  intended  intercept  time.  The  decision  as  to  which  interceptor 
engages  which  target  and  the  intended  intercept  time  is  referred  to  as  the  weapon-target 
assignee  ent  function.  A  number  of  algorithmic  approaches  for  weapon-target  assignment  will 
be  described  in  the  next  section.  The  association  data  structure  is  essential  to  support  most  of 
these  approaches. 

The  calculation  of  kinematic  feasibility  for  large  numbers  of  satellites  against  large 
numbers  of  targets  can  be  computationally  intensive.  A  standard  approach  to  the  reduction  of 
this  effort  >s  the  use  of  the  "cookie  cutter”  heuristic  to  thin  out  the  total  number  of  kinematic 
calculations.  If  interceptor  satellites  are  represented  in  list  A  and  targets  (actually  predicted 
intercept  locations)  in  list  B,  then  for  each  element  of  either  list,  a  geometric  calculation  is 
performed  to  determine  the  subset  of  elements  from  the  other  list  that  are  located  within  a 
cookie-cutter  template  positioned  at  the  location  of  the  element  of  the  first  list.  In  other  words, 
satellites  on  the  far  side  of  the  Earth  from  a  target  are  ruled  out  as  kinematically  infeasible  for 
that  target.  Hie  cookie-cutter  template  is  not  a  true  representation  of  the  kinematic  footprint, 
but  a  quickly  evaluated  approximation  that  rules  out  apparent  infeasibilities  without  yielding 
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any  false  negative  results.  Because  some  engagements  may  be  at  very  long  range  with  beyond- 
the-horizon  targetting,  the  cookie-cutter  heuristic  tends  to  be  quite  coarse  but  may  nonetheless 
cut  down  the  total  number  of  kinematic  calculations  by  a  factor  of  twenty. 

A  second  layer  of  heuristic  thinning  can  also  be  employed  to  speed  up  the  overall 
weapon-target  association  process.  Whereas  the  cookie-cutter  heuristic  was  based  on  some 
approximation  of  reachability  in  terms  of  ground-track  distance,  the  second  heuristic  is  based  on 
timeline  considerations.  For  elements  of  A  associated  with  subsets  of  B,  or  vice  versa,  as 
determined  from  the  first  heuristic,  a  calculation  is  made  of  the  transit  time  feasibility 
assuming  that  the  interceptor  is  fired  immediately,  assuming  impulsive  acceleration  and 
ignoring  gravity.  If 

AR  =  vector  distance  to  be  covered  between  interceptor  satellite  location  and 
predicted  intercept  point 

V0  =  orbital  velocity 

cosA  =  cosine  of  angle  between  V0  and  AR 

AVax  =  interceptor  axial  AV 

Vnct  =  resultant  interceptor  velocity  =  V0  +  AVax  =  Vnet  AR/  i  I  AR  1 1 
then  we  solve  the  quadratic  equation  for  Vnet  : 

Vna'2V0COSA-(Vo  -  AV^  )  =  0  12] 


If  the  discriminant  is  negative  then  there  is  no  way  that  AVax  can  be  added  vectorially  to  the 
orbital  velocity  to  send  the  interceptor  along  AR.  If  there  is  a  solution,  then  this  optimistic 
impulsive  transit  time  is  compared  with  the  actual  time  to  go  to  the  intended  intercept  time.  If 
this  time  underbounds  the  actual  time  to  go  then  the  impulsive  velocity  required  is  calculated: 

I  JVreql  I  =  I  IAR/T&0-V0I  I  [3] 

If  the  impulsive  velocity  required  exceeds  the  actual  interceptor  AVa)[  and  is  increasing 
with  time,  then  the  heuristic  declares  that  the  particular  interceptor-predicted  intercept  point 
pair  is  infeasible.  The  effectiveness  of  this  heuristic  depends  on  the  thinning  achieved  relative 
to  the  time  spent  evaluating  the  heuristic.  The  association  process  was  observed  to  speed  up  by 
a  factor  of  about  40  with  the  use  of  this  heuristic. 

Finally,  for  those  pairs  between  sets  A  and  B  that  survive  the  heuristic  thinning,  the 
kinematic  feasibility  calculation  is  performed  by  computing  a  coarse-grained  fire  control 
solution  as  follows.  The  gravitational  acceleration  along  the  flyout  trajectory  is  assumed  to  be 
constant  and  is  taken  as  the  value  at  the  midpoint  between  the  interceptor  location  at  firing 
time  and  the  predicted  intercept  point: 

fc)-.5(Ai  +A?)  (4) 

Also,  the  flyout  program  assumes  that  the  interceptor  acceleration  due  to  axial  thrusting  occurs 
along  a  fixed  direction  in  inertial  space.  These  approximations  permit  a  great  deal  of  analytic 
simplification  and  enable  fire  control  solutions  to  be  efficiently  calculated.  The  distance  that  the 
interceptor  travels  during  the  acceleration  along  the  constant  direction  is  denoted  by  ARboost 
and  can  be  analytically  calculated.  As  before,  the  vector  distance  to  be  covered  between  initial 
interceptor  location  and  the  predicted  intercept  point  is  denoted  by  AR.  The  simplified 
kinematics  corresponding  to  these  assumptions  is  given  by: 

AR  =  ARbC0J,  +AW(  Tfiy - Tbooll  )  +  V;  •  Tfly  +  .5 <Aj> . Tn/  [5] 

where 


V|  =  initial  orbital  velocity 

T^  =  intended  flyout  time  =  Tintercept  -  Tfire 


total  axial  boost  bum  time 


^boost 

ARboolt  =  analytically  calculated  distance  traveled  during  constant  direction  boost 

AH  quantities  in  this  equation  are  known  except  TRrc.  A  solution  for  Tfi[C  can  be  obtained 
using  a  bounded  one-dimensional  search  algorithm  and  the  solution  simultaneously  yields  the 
thrusting  direction  for  the  axial  boost.  Although  several  approximations  have  been  made,  the 
firing  times  and  directions  are  sufficiently  accurate  that  flyout  accuracies  are  several  kilometers 
over  a  flyout  distance  of  a  thousand  kilometers.  Since  the  predicted  intercept  point  to  which 
the  interceptor  is  initially  directed  may  be  in  error  by  several  hundred  kilometers,  the  flyout 
accuracy  stated  above  is  quite  acceptable. 

Weapon-Target  Assignment 

Weapon-target  assignment  is  the  crux  of  battle  management,  although  sensor  and 
communications  management  are  no  less  important.  The  weapon-target  assignment  decisions 
can  be  made  according  to  a  number  of  policies  and  much  depends  on  the  architecture  of  the 
space-defense  system.  Perfect  firing  decisions  require  foreknowledge  of  all  targets  and  will  not 
l»  further  discussed.  Given  an  evolving  knowledge  of  targets  as  they  are  launched  and  detected 
by  the  system  sensors,  the  best  achievable  performance  is  defined  by  "fully  coordinated”  firing 
decisions  between  platforms.  However  the  effectiveness  of  firing  policy  is  defined,  fully 
coordinated  fire  is  the  standard  against  which  firing  decisions  that  are  constrained  by 
communications  are  measured. 

Fully  coordinated  fire  can  be  achieved  by  an  architecture  that  supports  centralized  battle 
management.  Because  of  the  vulnerability  of  this  approach,  alternatives  have  been  devised  to 
achieve  the  same  effectiveness  but  with  distributed  fire  management.  The  main  requirement 
for  full  coordination  is  the  knowledge  of  the  location  and  status  (i.e.,  carrier  vehicle 
functionality  and  number  of  interceptors  remaining)  of  all  carrier  vehicles  and  a  knowledge  of 
the  complete  current  target  set.  If  this  data  is  broadcast  to  every  carrier  vehicle,  for  instance,  and 
if  every  carrier  vehicle  runs  the  same  algorithm  for  weapon-target  assignment  that  would  be 
run  by  the  centralized  battle  manager,  then  implicit  coordination  is  achieved.  This  concept  is 
sometimes  referred  to  as  the  "virtual  battle  group"  concept.  The  difficulty  in  implementation  is 
not  overwhelming  as  the  number  of  bytes  to  be  communicated  is  quite  manageable  (i.e.,  -20 
bytes  per  new  target  or  changed  status)  and  the  processing  load  for  the  weapon-target 
assignment  algorithm  is  readily  accommodated  on  current  technology  commercially  available 
microprocessors.  If  some  of  the  carrier  vehicles  receive  corrupted  information,  then  the  firing 
decisions  degrade  gracefully  from  the  optimal  depending  on  the  extent  of  the  data  loss.  If  lost 
connectivity  can  be  detected,  then  particular  platforms  can  switch  to  autonomous  firing  policy 
modes  that  will  be  described  shortly. 

The  quantitative  objectives  for  weapon-target  assignment  can  be  defined  in  a  number  of 
ways.  There  is,  of  course,  the  essential  objective  of  destroying  as  many  of  the  threat  boosters  as 
possible.  There  may  be  some  a  priori  knowledge,  however,  that  some  threat  boosters  are  worth 
more  than  others  in  that  they  carry  more  reentry  vehicle  warheads  and  so  the  objective  may  be 
posed  in  terms  of  number  of  boosters  or  numbers  of  warheads.  Considering  warheads  as  the 
primary  objective,  there  is  then  a  premium  toward  achieving  earlier  intercept  times  for  post¬ 
boost  intercepts  or  for  achieving  a  boost-phase  intercept.  Another  issue  is  the  casting  of  the 
objective  as  a  maximization  of  the  number  of  warhead  kills  or  the  minimization  of  damage 
from  leakage.  This  leads  to  consideration  of  adaptive  defense  in  the  allocation  of  interceptors 
against  targets.  Considering  the  uncertainties  in  inferring  the  threat  booster  aimpoints, 
however,  this  is  less  of  a  concern  for  boost  and  post-boost  strategic  defense  than  for  midcourse 
or  terminal  defense  where  the  ballistic  track  is  well  established.  Other  issues  include  the 
distribution  of  interceptor  offload  so  as  to  delay  depletion  of  interceptor  resources  and  the 
creation  of  opportunities  for  subsequent  threat  salvos  to  fly  through  with  impunity.  Finally, 
there  may  be  some  advantages  to  consideration  of  engagement  geometry  in  the  weapon-target 
assignment.  For  instance,  precedence  may  be  given  to  engagements  within  the  horizon  so  that 
the  sensor  onboard  each  interceptor  can  acquire  before  launch  or  to  engagements  that 
emphasize  small  crossing  angles  that  achieve  a  higher  likelihood  of  successful  interception.  All 
of  these  considerations  can  be  factored  into  the  objective  function  and  the  weapon-target 
assignment  problem  formulated  as  a  constrained  optimization  problem  with  primary  and 
secondary  optimization  criteria. 

Among  the  fully  coordinated  firing  policies,  an  important  distinction  can  be  made 
amongst  those  policies  that  strive  for  the  earliest  feasible  time  of  interception  (leading  to 
immediate  firing  orders)  and  those  that  utilize  the  time  of  intercept  as  an  additional  degree  of 
freedom.  Although  intercepts  earlier  in  the  post-boost  phase  or  no  later  than  the  end  of  the 
boost  phase  are  generally  desirable,  the  earliest  firing  time  policy  results  in  "hair  trigger” 


7-7 


allocations  of  interceptor  resources.  In  other  words,  selection  of  an  intercept  time  that  is  up  to 
10  or  20  seconds  later  than  the  earliest  feasible  time  allows  for  additional  information  to  be 
developed  in  the  target  queue  and  for  the  more  optimal  reassignment  of  interceptors  not 
already  fired.  If  all  of  the  threat  boosters  are  detected  simultaneously,  then  this  is  to  no  avail. 
However,  most  postulated  scenarios  contain  a  time  structure  as  well  as  a  spatial  structure  to  the 
launch  activities  and  significantly  improved  performance  accrues  to  the  policy  with  some 
latency  to  the  firing  orders. 

The  mathematical  statement  of  the  assignment  problem  is  given  in  Figure  3. 


ji  =  1,2, "...I 
#  Intcrceptors/CV:  n. 

Feasibility  of  fire  control  solutions  for  CV|  at  target  j  at  any  time:  gi;  =  1  or  0 

Assignment  variables 

xii  =  1  for  assignment  of  CV|  at  target  j ,  0  otherwise 

J 

Constraints:  ZxjjSn:  (Magazine  Load) 

j 

i  i 

AXjjS  1  (Interceptors  assigned  per  target)  | 

max 

mm 

max 

gjg| 

as  a  secondary  consideration  (Lcvclized  Offload)  j 

Figure  3.  Formulation  of  Weapon-Target  Assignment  Problem 

Given  the  data  structure  describing  the  feasible  associations  between  weapons  and  targets, 
a  number  of  algorithmic  approaches  are  possible  [2].  A  purely  heuristic  approach  may  be 
constructed  as  follows: 

•  For  each  target,  count  the  number  of  carrier  vehicles  that  can  fire  upon  it  and  that 
have  unassigned  interceptors  remaining 

•  Sort  the  targets  by  this  count  and  assign  targets  in  inverse  order  (i.e.,  assign  targets  that 
can  be  fired  upon  by  only  one  carrier  vehicle  first).  In  the  case  of  ties,  assign  the  target 
with  the  most  warheads  first  and  break  ties  again  with  the  assignment  of  the  earliest 
intercept  amongst  the  discrete  intercept  times. 

•  For  a  given  target,  assign  the  interceptor  from  the  carrier  vehicle  with  the  largest 
magazine  load  of  unassigned  inte'.ceptors  remaining.  Decrement  the  unassigned 
magazine  load  for  that  carrier  vehicle. 

This  method  works  reasonably  well  and  yields  assignments  quickly.  An  alternative 
approach  that  utilizes  the  auction  algorithm  also  executes  rapidly  and  yields  even  better  results 
[3].  The  auction  algorithm  functions  analogously  to  the  commercial  auction  process  with  the 
exception  that  all  items  to  be  sold  are  auctioned  concurrently  instead  of  consecutively  and  that 
some  buyers  are  limited  to  subsets  of  all  items  to  be  sold  (i.e.,  feasibility  constraints).  The 
auction  algorithm  can  be  configured  with  targets  bidding  for  interceptors  or  vice  versa.  The 
utility  of  each  item  to  be  sold  to  each  potential  buyer  is  initialized  and  the  price  for  each  item  is 
set  to  zero  at  the  beginning  of  the  auction.  For  each  buyer  not  currently  assigned  an  item,  that 
buyer  bids  on  the  item  that  presents  the  maximum  difference  between  utility  and  price 
(marginal  utility)  for  the  buyer.  The  item  is  assigned  to  the  buyer  and  any  previous  assignment 
of  that  item  is. nullified.  Also,  the  price  is- incremented.  As  the  auction  procccdsthe  prices 
escalate  and  the  marginal  utilities  decrease.  The  auction  stops  when  there  are  no  bids  that 
represent  a  nonnegative  marginal  utility.  The  final  auction  prices  and  assignments  reflect  the 
maximization  of  the  aggregate  marginal  utility  for  all  bidders. 


The  auction- algorithm  can  be  shown  to  be  optimal  when  the  utilities  are  appropriately 
normalized  (3J:  The  process  can  also  be-  speeded  up  by.  scheduling  a  number  of  bidding  rounds 
with  initially  large  price  increments  and  successively  smaller  price  increments  in  successive 
bidding  rounds.  Each  round  is  initialized  to  the  prices  resulting  from  the  previous  round  but 
the  items  start  out  unassigned. 

If  fully  coordinated  weapon-target  assignment  is  not  possible,  there  are  a  number  of 
alternatives  that  may  yield  60  -  90%  of  the  fully  coordinated  effectiveness  depending  on  the 
structure  of  the  threat  scenario.  The  assumption  is  that  the  carrier  vehicle  receives  target 
information  only  for  the  subset  of  targets  that  are  accessible  to  it.  One  of  the  simplest 
assignment  techniques  that  statistically  avoids  Lie  assignment  of  large  numbers  of  interceptors 
to  the  same  target  is  the  random  fire  assignment.  If  a  carrier  vehicle  has  any  accessible  targets,  it 
fires  with  probability  one  and  the  assignment  is  randomly  chosen  from  a  uniform  distribution 
from  amongst  all  of  its  accessible  targets.  For  a  target-rich  environment,  the  inefficiency  from 
dispatch  of  multiple  interceptors  to  the  same  target  is  statistically  quite  small  and  a 
distributional  "feeding  frenzy"  of  many  interceptors  attacking  the  same  target  is  avoided.  There 
is  the  unfortunate  property,  however,  that  if  the  coverage  regions  of  adjacent  carrier  vehicles 
overlap,  then  a  single  isolated  threat  launch  will  draw  an  interceptor  from  each  of  the  accessible 
carrier  vehicles.  For  proliferated  architectures,  an  isolated  target  may  draw  quite  a  few 
interceptors  and  there  are  easy  opportunities  for  the  threat  to  structure  an  attack  that  draws 
down  the  defensive  resources. 

An  alternative  weapon-target  assignment  approach  that  avoids  this  problem  is  the 
"informed  stochastic"  approach.  Again  the  carrier  vehicle  knows  only  about  the  targets  that  are 
accessible  to  it.  The  assumption  is  made  that  the  carrier  vehicle  also  knows  the  locations  of  the 
surrounding  carrier  vehicles  that  also  are  accessible  to  its  target  set.  The  carrier  vehicle  in 
question  then  counts  all  of  the  interceptors  that  can  be  brought  to  bear  on  its  target  set  and 
decides  to  fire  a  number  of  interceptors  equal  to  the  ratio  of  its  targets  to  the  number  of 
accessible  interceptors.  In  general,  the  number  is  not  integer  and  the  remainder  is  treated  as  the 
probability  of  firing  its  n+lst  interceptor.  Assuming  that  each  carrier  vehicle  executes  the  same 
policy,  the  mean  number  of  interceptors  fired  can  be  controlled  to  be  equal  to  the  number  of 
targets.  If  defensive  resources  permit,  then  the  average  number  of  interceptors  per  target  can  be 
set  to  a  number  greater  than  unity.  The  informed  stochastic  approach  avoids  the  distributional 
feeding  frenzy  on  multiple  targets  and  also  avoids  the  succeptibility  to  draw  down  from  isolated 
launches. 

Interceptor  Guidance  Laws 
Information  Sources 

The  interceptor  guidance  must  function  with  information  that  is  loaded  prelaunch  from 
the  battle  manager  fire  controller,  with  modelled  information  on  the  threat,  and  with  line  of 
sight  information  that  is  obtained  from  an  infrared  optical  sensor  that  is  observing  the  threat 
booster  plume  on  a  midwave  infrared  focal  plane.  The  latter  information  source  may  be 
available  before  launch,  acquired  after  launch,  or  possibly  acquired  and  then  "winked  out"  but 
available  during  the  endgame.  If  there  is  the  possibility  of  communication  with  the  interceptor 
after  launch,  then  information  from  other  sensors  can  be  combined  with  onboard  sensor 
information  to  drive  the  guidance  function.  Apart  from  the  difficulty  in  hacking  and 
communicating  with  interceptors,  there  is  the  additional  issue  of  target  track  association 
between  sensors  wherein  large  numbers  of  targets  as  seen  on  the  focal  plane  of  one  sensor  need 
to  be  correlated  with  the  multiplicity  of  targets  on  a  different  focal  plane.  [4]  For  the  present 
purposes,  it  is  assumed  that  the  interceptor  is  autonomous  after  launch  and  that  acquisition  of 
the  intended  target  after  launch  is  successful.  If  there  are  ambiguities  in  the  target  designation, 
then  the  fully  coordinated  weapon-target  assignment  may  devolve  to  the  stochastic  target 
assignment  levels  of  performance. 

Axial  Guidance 


As  mentioned  earlier,  the  use  of  predictive  guidance  for  the  axial  thrusting  part  of  the 
interceptor  trajectory  seems  to  be  a  prerequisite  for  arriving  within  a  suitable  "handover  basket" 
for  the  endgame.  That  is,  there  is  little  opportunity  for  pursuit  or  proportional  type  guidance 
laws  to  succeed  oi  er  such  long  flyouts  where  the  target  has  such  a  large  AV  reserve  and  is 
accelerating  in  unknown  directions  and  where  the  pursuer  is  severely  constrained  in  AV.  To 
provide  a  significantly  large  coverage  "footprint"  or  area  on  the  ground  within  which  the 
orbiting  interceptor  may  achieve  a  fire-control  solution  against  the  ascending  threats,  the 
intercept  trajectory  must  be  energy  efficient. 


A  simple  approach  lo  the  axial  guidance  is  to  fly  the  interceptor  to  the  predicted  intercept 
point  to  arrive  at  the  predicted  intercept  time.  The  predicted  intercept  point  and  time  is 
specified  to  the  interceptor  guidance  at  launch  time.  If  the  axial  AV  is  delivered  impulsively, 
then  this  is  a  simple  problem  in  Keplerian  physics  and  the  direction  to  apply  the  AV  is  obtained 
from  the  solution  of  the  classical  Lambert  problem  IS].  That  is,  a  Vtamtcn  is  calculated  for  the 
orbital  transfer  and  the  impulse  is  oriented  along  the  vector  difference  between  VLjmicrt  and 
the  orbital  velocity  V0.  Of  course,  the  AV  is  delivered  with  finite  thrust  over  a  period  of  time 
and  the  predicted  intercept  point  may  be  updated  if  the  sensor  onboard  the  interceptor  has  the 
target  acquired  during  axial  boosting.  The  steering  of  the  thrust  vector  under  these  conditions 
can  be  done  in  a  variety  of  ways.  The  Lambert  solution  can  be  used  in  a  feedback  approach 
wherein  the  velocity  to  be  gained  for  the  orbital  transfer  is  updated  and  the  thrust  oriented 
along  the  most  recently  calculated  velocity  to  be  gained  vector.  For  trajectories  where  the 
thrusting  time  is  long  compared  *o  the  total  flyout  time  this  approach  is  not  particularly  energy 
efficient.  An  alternative  approach  is  to  orient  the  thrust  vector  along  the  fixed  direction  in 
inertial  space  that  was  calculated  by  the  fire  control  solution.  The  solution  of  equation  5  for  the 
time  of  firing  the  interceptor  implicitly  yields  the  firing  direction.  If  we  define 


Tcff- 


AR  boost 
AV  boost 


+  Tfly  '  T boost 


then  the  solution  for  the  time  of  firing  also  minimizes: 


e  = 


AR.VrTfly-<A^. 


[6] 
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and  implicitly  yields  the  firing  direction.  If  AR^s,  ,  AV^,,  .  Tny  and  Xc((  are  updated  to  reflect 
the  remaining  distance  to  be  travelled  and  AV  to  be  gained  and  the  times  are  updated  during 
the  axial  boost,  the  solution  that  minimizes  equation  7  can  be  used  in  a  closed  loop  feedback 
form  that  leads  to  more  accurate  steering  and  accommodates  any  update  of  the  predicted 
intercept  point. 

Other  steering  law  approaches  for  axial  thrusting  may  attempt  to  factor  in  the  changing 
uncertainty  in  the  predicted  intercept  point  in  order  to  expend  more  axial  AV  where  the 
uncertainties  are  lower.  For  example,  the  standard  deviation  of  the  predicted  intercept  point 
may  be  estimated  and  the  axial  thrusting  steered  to  effect  an  intersection  with  the  closest  point 
on  the  surface  described  by  the  points  at  distance  one  or  two  sigma  from  the  predicted  intercept 
point.  This  policy  recognizes  that  noisy  information  sources  leading  lo  noisy  predicted 
intercept  point  locations  may  waste  axial  fuel  in  responding  to  the  noisy  predictions.  As  the 
time  interval  over  which  the  prediction  is  made  is  decreased  and  as  the  uncertainty  in  the 
predicted  intercept  point  decreases,  the  axial  thrust  is  steered  closer  to  the  center  of  the 
prediction.  The  actual  implementation  can  be  with  continuous  thrusting  with  steering 
commands  updated  at  a  high  rate  or  with  discrete  axial  "midcourse"  corrections,  depending  on 
the  propulsion  mode. 

Lateral  Guidance 


As  discussed  earlier,  lateral  guidance  using  high  data  rale  line  of  sight  angle  information 
from  the  sensor  onboard  the  interceptor  is  essential  to  reduce  the  miss  distance  in  the  endgame. 
The  situation  is  common  to  a  number  of  tactical  antiaircraft  missiles  except  that  control 
authority  is  achieved  by  thrusting  instead  of  aerodynamic  maneuvering.  A  variety  of  guidance 
laws  can  be  designed  to  achieve  the  desired  small  miss  distance  with  the  limited  acceleration 
capability  of  the  interceptor,  and  with  the  limited  AV  capability.  The  problem  is  not  trivial, 
however,  in  that  the  target  may  be  operating  at  an  acceleration  advantage  with  respect  lo  the 
interceptor,  the  target  acceleration  is  not  constant  and  is  changing  direction,  the  line  of  sight 
measurement  of  the  onboard  seeker  may  be  noisy,  the  differential  gravity  between  the 
interceptor  and  target  locations  may  be  substantial  and  the  initial  heading  error  may  lead  to  an 
open  loop  miss  of  hundreds  of  kilometers. 

In  a  conventional  tactical  guidance  type  approach,  the  commanded  interceptor 
acceleration  is  given  by  "proportional  navigation  [6J": 


Actnd: 


=  k|VcX 


ci 


where 


Acmd  =  commanded  acceleration 


k  =  "navigation  constant" 

Vc= estimated  closing  velocity 


\  =line  of  sight  rate 

Af=  estimate  of  target  inertial  acceleration 


£1  =unit  vector  perpendicular  to  line  of  sight 

The  At  term  is  the  "augmented  proportional  navigation"  term  and  is  set  to  zero  for  pure 
proportional  navigation.  Pure  proportional  navigation  is  highly  efficient  when  the  true  target 
acceleration  is  zero.  This  guidance  law  has  the  salutary  property  of  straightforward 
implementation  and  robustness.  Accurate  inertial  navigation  is  not  required  as  only  the  line  of 
sight  rate,  a  relative  coordinate  measurement  must  be  accurately  measured.  Errors  in  the 
estimated  closing  velocity  simply  change  the  effective  navigation  constant  to  which  results  are 
not  particularly  sensitive  to  variation  in  the  range  of  10  to  20%.  During  operation,  the 
interceptor  acceleration  commands  null  out  the  line  of  sight  rate  at  a  rate  that  depends  on  the 
navigation  constant.  For  long  flyouts  in  a  gravity  field,  however,  the  variation  in  the 
gravitational  direction  across  the  flyout  will  result  in  the  generation  of  line  of  sight  rates  even 
though  the  interceptor  and  target  are  on  a  Lambertian  collision  course.  Hence,  lateral  AV  will 
be  wasted  because  the  simple  proportional  guidance  law  does  not  know  about  gravity. 
Compensation  for  gravitational  effects  can  be  introduced  in  the  augmented  term  by  adding  a 
target  acceleration  equal  to  the  gravitational  acceleration  halfway  between  the  interceptor  and 
the  target.  This  simple  compensation  does  not  completely  eliminate  AV  wastage  in  the  gravity 
field,  but  does  reduce  the  magnitude  to  manageable  levels  for  flyouts  up  to  200  to  300  seconds 
duration. 

The  augmentation  term  is  an  approximation  that  provides  some  anticipation  of  line  of 
sight  rates  to  be  generated  by  a  constantly  accelerating  target.  Because  that  is  not  the  case  for  the 
strategic  defense  application,  the  Ay  vector  must  be  updated  by  the  onboard  sensor 
measurements.  The  use  of  higher  derivatives  such  as  a  jerk  term  would  improve  performance 
if  these  terms  could  be  accurately  estimated.  Usually,  the  errors  resulting  from  estimation  of 
these  terms  from  noisy  sensor  data  preclude  their  usefulness.  The  estimation  of  the 
acceleration  correction  term  from  angle  only  sensor  measurements  requires  some  additional 
modeling.  In  the  current  approach,  a  simple  closing  distance  model  is  initialized  from  the  fire 
controller: 


^where  D(t)  =  distance  between  interceptor  and  target  at  time  t 

Dq  =  distance  at  firing  time 
Tfly  =  total  flyout  time  interval 


Assuming  that  the  interceptor  can  determine  its  own  navigated  location  in  inertial  space, 
R[,  the  inferred  location  of  the  target  in  inertial  space  RT,  is  constructed  from  Rj,  the  line  of  sight 
measurement,  and  the  distance  model: 

Rl”»  Rj+  ©D{t) 


wheie 


0  =  line  of  sight  vector 


The  reconstructed  target  vector  is  then  processed  through  a  polynomial  Kalman  filter  to 
extract  the  estimate  of  the  target  inertial  acceleration  AT  to  be  used  in  the  augmented 
proportional  navigation  term.  The  resulting  acceleration  estimate  is  not  particularly  accurate, 
but  does  improve  performance  with  respect  to  pure  proportional  navigation  in  most 
engagement  geometries. 

Other  issues  in  the  use  of  proportional  navigation  concern  the  selection  of  the 
navigation  constant.  To  respond  effectively  to  accelerating  targets,  the  navigation  constant 
must  have  a  value  at  least  equal  to  3.  Larger  values  are  closer  approximations  to  an  impulse 
guidance  law  and  are  more  AV  efficient  in  the  absence  of  noise,  but  they  can  be  considerably  less 
efficient  when  sensor  noise  is  present.  Another  significant  issue  is  the  saturation  of  achievable 
acceleration.  Proportional  navigation  with  perfect  line  of  sight  information  and  continuous 
control  will  always  achieve  a  zero  miss  distance  if  infinite  acceleration  can  be  achieved.  With 
finite  acceleration  capability  on  the  part  of  the' interceptor,  the  acceleration  command  is  said  to 
be  saturated  when  it  exceeds  the  achievable  acceleration.  In  practice,  the  two  symptoms 
associated  with  excessive  miss  distance  (i.e.,  failure  to  intercept)  are  guidance  saturation  and 
exhausting  the  AV  capability  (i.e.,  running  out  of  maneuver  fuel).  Saturation  may  result  from 
excessive  heading  error  (i.e.,  discrepancy  between  predicted  intercept  point  used  for  the  flyout 
and  the  true  target  trajectory),  from  high  apparent  target  accelerations  that  generate  large  line  of 
sight  rates  and  are  not  included  in  the  augmented  proportional  term,  from  target  acceleration 
transients  that  accompany  threat  booster  staging,  and  from  excessively  high  navigation 
constants.  Many  intercept  trajectories  will  exhibit  guidance  saturation  during  part  of  the  flyout 
and  especially  at  the  very  last  instant  before  intercept.  Saturation  during  any  significantly  long 
portion  of  the  flyout  will  quickly  exhaust  the  AV  capability  and  may  be  indicative  of  other 
underlying  problems. 

A  simple  strategy  for  achieving  the  simultaneous  objectives  of  efficient  AV  usage  and 
small  miss  distances  in  the  presence  of  significant  prediction  errors  and  sensor  noise  is  the  use 
of  a  navigation  constant  that  varies  according  to  a  predetermined  schedule.  During  the  initial 
part  of  the  endgame,  large  values  of  k  result  in  quicker  unwinding  of  the  line  of  sight  rates 
resulting  from  initial  heading  errors.  The  earlier  that  heading  error  corrections  are  applied,  the 
smaller  the  AV  required  to  complete  the  correction.  Unfortunately,  large  values  of  k  also 
exaggerate  the  wastage  of  AV  from  sensor  noise.  Finally,  large  values  of  k  are  necessary  to 
enable  the  control  authority  necessary  for  the  achievement  of  small  miss  distances  at  the  back 
end  of  the  endgame.  Hence,  a  useable  strategy  is  to  begin  the  engagement  with  a  navigation 
constant  of  5  and  to  schedule  an  increase  to  perhaps  a  value  of  10  as  the  distance  model  ramps 
down  to  some  threshold  distance. 


Another  strategy  for  dealing  with  excessive  AV  usage  on  long  flights  (because  of 
imperfect  gravity  compensation  or  sensor  noise)  is  to  constrain  the  operational  times  for  lateral 
guidance  between  a  minimum  and  a  maximum  guidance  on-time.  In  other  words,  the  lateral 
guidance  is  turned  on  only  when  there  are  a  specified  number  of  seconds  remaining  before  the 
intended  intercept  time.  The  minimum  lateral  guidance  time  is  enforced  by  the  battle  manager 
and  is  an  important  constraint  for  dealing  with  anticipated  errors  in  the  predicted  intercept 
point.  For  a  given  interceptor  lateral  acceleration  capability,  it  can  be  determined  that  a 
minimum  time  interval  is  necessary  to  null  out  a  two  sigma  prediction  error.  For  example,  if 
the  prediction  error  is  200  kilometers  and  the  average  lateral  acceleration  capability  is  8  g's,  then 
about  20  seconds  is  the  minimum  dine  necessary  for  saturated  guidance  commands  to  null  out 
the  prediction  error.  The  battle  manage  ■  selects  the  intercept  Ume  and  with  allowance  for  the 
axial  thrusting  time,  a  firing  time  can  be  determined  that  enforces  the  minimum  guidance 
time.  The  maximum  guidance  time  is  used  to  switch  guidance  on  after  a  dormant  period 
during  a  long  flyout.  The  maximum  guidance  time  is  empirically  determined  by  the 
performance  tradeoff  between  failed  interceptions  resulting  from  guidance  saturation  and  those 
resulting  from  running  out  of  maneuver  fuel. 

Other  guidance  laws  may  be  constructed  that  attempt  to  achieve  better  operational 
performance  by  increased  modeling  or  greater  extraction  of  sensor  information.  Both  of  these 
generic  approaches  result  in  greater  computational  and  implementational  complexity.  For 
example,  reference  model-based  guidance  laws  may  require  a  "mini-simulation"  within  the 
guidance  loop  of  the  anticipated  future  trajectory  of  both  interceptor  and  target.  When  the 
reference  model  assumptions  and  parameters  are  in  consonance  with  reality,  significant 
reductions  in  AV  usage  can  be  obtained.  On  the  other  hand,  the  reference  model-based 
techniques" are  significantly  more  "brittie"  and  prone  to  failure  when  there  is  not  agreement 
between  reality  and  modelling  assumptions.  Guidance  laws  that  rely  on  higher  order 
corrections  than  augmented  proportional  navigation  require  higher  order  filters  that  are  slower 
to  respond  to  new  data  trends  and  frequently  require  accurate  estimates  of  the  lime  to  go  before 
interception.  There  may  be  some  advantage  to  the  employment  of  these  advanced  guidance 
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laws,  but  the  performance  needs  to  be  quantified  in  the  presence  of  plausible  estimates  of 
operational  uncertainties. 

System  Performance 

Measures  of  Effectiveness 

To  guide  the  search  through  the  trade  space  for  the  many  parameters,  architectures, 
algorithms  and  guidance  laws  of  a  strategic  defense  system,  Measures  Qf  Effectiveness  (MOEs) 
must  be  formulated  against  which  competing  selections  can  be  evaluated.  Several  obvious 
candidates  for  the  MOE  include  the  probability  of  coverage  for  an  arbitrary  single  threat  booster 
launched  from  an  arbitrary  location  at  an  arbitrary  time  and  at  the  opposite  end  of  the 
spectrum,  the  maximum  number  of  simultaneous  threat  launches  from  a  single  site  that  can  be 
covered  before  the  defense  is  exhausted  of  resources  in  the  vicinity  of  that  threat.  The  latter  can 
be  further  generalized  as  will  be  seen  shortly. 

Because  the  previous  two  MOEs  focus  on  the  limits  of  the  threat  spectrum,  it  can  be 
argued  than  an  additional  MOE  is  necessary  to  characterize  the  nonlinear  performance  for  a 
"representative"  type  of  threat  scenario.  Hence,  a  "baseline"  threat  may  be  defined  with  a 
sequence  of  threat  launches  that  are  heterogeneous,  structured  in  space  and  time,  and  credible 
in  number. 


Finally,  in  recognition  that  the  cost  of  a  potential  space  defense  system  is  of  strategic 
importance,  a  final  MOE  consists  of  the  total  mass  that  must  be  placed  in  orbit  to  achieve  a  fixed 
performance  criterion  such  as  universal  coverage  of  an  arbitrary  launch  or  a  certain  percentage 
negation  of  warheads  launched  in  the  baseline  threat.  In  this  MOE,  mass  in  orbit  is  used  as  a 
proxy  for  system  cost. 

Figure  4  illus  Tates  the  coverage  MOE  and  is  derived  from  system  simulation  of  the  battle 
management  fui  ebons  of  a  constellation  of  carrier  vehicles.  A  threat  booster  is  launched 
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Figure  4.  Temporal  Coverage  Gaps  For  Boost-Phase  Interception 

every  30  seconds  from  a  single  launch  site  to  evaluate  the  continuity  of  coverage  from  the  space 
defense  system  with  a  constraint  of  boost  phase  interception.  The  launch  rate  of  the  threat 
boosters  is  low  enough  so  that  the  defense  is  never  depleted  of  interceptors  from  any  location 
and  so  any  gaps  in  coverage  reflect  the  limitation  in  kinematic  coverage  (i.e.,  the  axial  AV  and 
the  deployment  configuration  and  numbers).  The  results  of  this  simulation  exercise  were 
scored  in  one  half  hour  bins  and  presented  in  Figure  4  as  the  fraction  of  threat  launches  that 
could  not  be  assigned  during  each  time  period.  It  is  seen  that  there  are  half  hour  periods  when 
40%  of  the  launches  could  not  be  covered  by  an  interceptor  from  any  carrier  vehicle.  There  is 
ai$o  a  nmuosuuciure  o,  approximately  3.5  hour  periodicity  to  the  distribution  of  coverage  gaps. 
The  totality  of  the  gaps  amounted  to  some  2  hours  of  launch  opportunities  over  the  24  hour 
period  during  which  the  offense  could  fly  through  the  defense  without  suffering  loss  with 
respect  to  boost  phase  interception.  These  results  need  to  be  generalized  for  a  variety  of  launch 
locations  to  fully  address  the  isolated  launch  coverage  MOE.  The  lack  of  coverage  could  be 
addressed  by  distributing  interceptors  on  more  stations,  by  increasing  the  interceptor  reach  with 
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larger  axial  AV  allocation,  by  extending  the  reach  into  the  post-boost  phase,  or  by  some 
combination  of  the  above.  The  increase  in  numbers  of  interceptors  obviously  increases  the 
mass  in  orbit  as  does  increasing  the  AV  for  each  interceptor  while  retaining  the  same  number  of 
interceptors.  If  the  strategy  is  to  to  reallocate  the  total  interceptor  AV  between  axial  and  lateral, 
the  larger  footprint  accorded  to  the  higher  axial  AV  will  come  at  the  expense  of  a  lower 
probability  of  kill  because  interceptors  with  inadequate  lateral  AV  will  run  out  of  fuel  against 
highly  uncertain  and  maneuvering  target  trajectories.  Meaningful  trades  can  be  accomplished 
only  with  an  analysis  that  ties  together  the  battle  management  functions  with  the  guidance 
functions.  If  this  is  done,  there  are  probably  a  variety  of  point  designs  that  achieve  full  coverage 
by  deployment  of  small  numbers  of  highly  capable  interceptors  with  large  footprints  as  well  as 
designs  with  massive  proliferation  of  limited  capability  interceptors.  The  MOE  on  total  mass  in 
orbit  can  then  be  used  to  discriminate  between  these  designs. 

The  MOE  concerned  with  the  maximum  number  of  simultaneous  launches  from  a 
single  site  that  can  be  covered  addresses  the  resiliency  of  a  design  to  highly  intense  threat 
scenarios.  With  a  constrained  number  of  intercepto;  on  station,  the  offense  can  always  "punch 
through"  the  defense  if  a  sufficiently  large  number  or  threat  boosters  are  launched 

Zero  and  5%  Leakage  Regions 


Total  Launched 


Figure  5.  Universal  performance  curve  for  single  site  launch. 

from  a  common  location  within  a  short  period  of  time.  Of  course,  the  defense  deployment  can 
be  sized  to  a  given  upper  limit  on  the  estimated  offensive  capability  for  "spike  launches." 
Figure  5  illustrates  the  performance  of  a  defense  system  for  single  launch  site  scenarios  as  a 
function  of  the  intensity  of  the  launch.  Simulation  results  indicate  that  the  details  of  the 
launch  time  distribution  are  unimportant  to  the  gross  performance  over  a  wide  range  of  launch 
rates.  In  other  words,  the  defense  system  exhibits  the  same  performance  against  a  launch  rate  of 
one  per  second  as  against  10  launches  that  occur  every  10  seconds  or  60  launches  occurring  in  an 
instant  every  60  seconds.  Only  the  average  launch  rate  is  significant.  In  Figure  5,  large  values 
of  the  vertical  axis  represent  an  infinite  launch  rate.  The  asymptotic  part  of  the  "0%  Miss” 
curve  along  the  ordinate  axis  represent  the  maximum  number  of  simultaneous  launches  that 
can  be  covered.  The  asymptotic  part  of  the  curve  along  the  horizontal  axis  represents  the 
maximum  launch  rate  that  can  be  covered  on  a  sustained  basis  and  represents  the  situation 
where  interceptors  on  station  in  the  vicinity  of  the  launch  site  are  replenished  by  orbital 
motion  of  carrier  vehicles  entering  the  battle  space.  In  Figure  5,  for  example,  the  defensive 
system  can  handle  up  to  100  simultaneous  launches  from  a  single  site  before  depletion  of 
interceptors  causes  coverage  gaps.  Alternatively,  a  launch  rate  of  about  one  per  second  can  be 
covered  on  a  sustained  basis.  In  between  these  extremes,  any  particular  value  for  launch  rate 
will  yield  a  maximum  total  number  of  launches  that  can  be  covered  before  coverage  gaps 
appear.  In  recognition  of  the  fact  that  complete  coverage  may  not  be  economically  or 
technically  feasible,  a  famiiy  of  curves  representing  different  coverage  criteria  can  be  generated 
as  is  represented  by  the  second  curve  labeled  "<57a  "  That  is,  the  area  between  the  0 %  and  57a 
curves  represents  all  cases  with  <5%  missed  coverage.  It  can  also  be  noted  that  the  single 
launch  site  performance  can  be  characterized  by  the  two  asymptotic  values  of  maximum 
simultaneous  launches  and  maximum  sustained  launch  rate. 


When  the  threat  launch  scenario  is  generalized  to  include  distribution  of  launches  over 
a  number  of  sites,  it  is  seen  .that  launch  sites  within  a  small  fraction  of  the  footprint 
characteristic  distance,  say  within  200  kilometers,  can  be  treated  as  a  single  site  for  prediction  of 
defense  performance  using. a  universal  curve  such  as  shown  in  Figure  5.  Launch  scenarios 
with  widely  separated  sites  usually,  can  be  treated  independently.  Launch  scenarios  involving 
sites  that  are  separated  by  300  to  400  kilometers  show  interesting  space-time  correlation 
interactions.  In  other  words,  the  system  performance  for  a  simultaneous  launch  at  one  site 
followed  by  a  simultaneous  launch  at  a  second  site  can  be  worse  than  for  the  case  of  both  sites 
launching  at  the  same  time  if  the  interval  between  spikes  is  appropriately  timed.  The  first  site 
creates  a  region  in  the  defensive  constellation  that  is  depleted  in  interceptors  and  this  hole 
drifts  over  to  the  second  site  creating  opportunities  for  threat  launches  to  ascend  without  attack 
by  the  defense. 

The  baseline  scenario  MOE  exercises  the  defense  for  what  is  estimated  to  be  a  credible 
launch  policy  on  the  part  of  the  offense  in  terms  of  numbers,  spatial  and  temporal  distribution 
of  threat  launches.  If  the  scenario  is  standardized  than  comparison  can  be  made  across  a 
number  of  different  analysis  tools.  Also,  the  effects  of  individual  error  sources  and  architecture 
or  parameter  variations  can  be  investigated  against  the  backdrop  of  a  common  problem  with 
plausible  distributions  of  threat  launches. 

Finally,  the  orbital  mass  alias  cost  MOE  serves  as  a  sanity  check  on  the  overall 
architectural  construct.  Assuming  a  launch  cost  per  kilogram  placed  in  low  Earth  orbit  and 
using  a  gross  estimate  that  the  hardware  costs  are  about  the  same  as  the  launch  costs,  an  overall 
system  cost  can  be  inferred  that  is  likely  within  a  small  factor  of  a  more  elaborate  cost  analysis. 
This  can  be  used  for  comparisons  between  architectures  and  for  finding  the  parameters  of  the 
lowest  cost  point  design  that  satisfies  a  given  performance  requirement  or  the  best  performing 
design  that  satisfies  a  cost  constraint. 

Guidance  Versus  Battle  Management  Trades 

As  illustrated  in  Figure  6,  the  failure  to  intercept  a  particular  threat  booster  can  be 
categorized  in  three  ways.  The  threat  may  escape  interception  if  it  is  not  fired  upon,  if  it  is  fired 
upon  but  the  interceptor  guidance  command  saturates  for  any  length  of  time  immediately  prior 
to  the  point  of  closest  approach,  or  if  the  interceptor  lateral  DV  is  exhausted. 


Figure  6.  Reasons  for  failure  to  intercept. 

The  first  category  of  failure  indicates  the  lack  of  an  interceptor  within  kinematically 
accessible  reach  of  a  particular  target.  If  this  symptom  is  addressed  at  the  level  of  battle 
management,  the  conclusion  might  be  that  the  spacing  between  interceptors  in  orbit  is  too 
large.  If  addressed  from  a  guidance  point  of  view,  the  conclusion  may  be  that  the  interceptor 
needs  a  larger  coverage  footprint  from  more  axial  AV.  The  best  system  solution  may  be  some 
combination  of  the  two  strategies.  In  either  case  the  mass  required  in  orbit  is  increasing 
nonlinearly,  approximately  as  the  inverse  square  of  the  interceptor  spacing  and  exponentially 
with  increased  axial  AV  if  everything  else  is  held  constant.  If  the  axial  AV  is  added  at  the 
expense  of  lateral  AV  so  as  to  hold  the  interceptor  mass  constant,  then  the  trade  may  be 
increasing  the  failure  to  intercept  from  the  second  and  third  category  of  symptoms. 

The  failure  to  intercept  from  saturation  during  the  endgame  can  be  addressed  at  the 
interceptor  guidance  level  by  requiring  a  greater  acceleration  capability  for  the  kill  stage  or  by 
increasing  the  navigation  constant  earlier  and  decreasing  the  navigation  constant  later  in  the 
flyout.  For  a*  giver,  technology  assumption  on  achievable  thrust  to  weight  ratios  for  the 
maneuver  engines,  increased  acceleration  capability  will  be  accompanied  by  substantial  mass 
increase  for  the  interceptor.  Recalling  that  in  the  current  point  design  an  individual  engine 
mass  of  10%  of  the  empty  kill  stage  mass  and  a  thrust  to  weight  ratio  of  100  result  in  a  lOg 
capability  at  the  end  of  fuel.  To  achieve  a  15g  capability,  for  example,,  with  the  same  engine 
technology  requires  that  the  individual  engine  mass  be  increased  to  15%  of  the  empty  mass. 
Assuming  that  the  tankage,  batteries,  seeker,  flight  computer,  etc.  are  essentially  unchanged,  the 


assumed  10  kilogram  empty  mass  then  increases  to  15  kilograms.  This  50%  increases  is 
reflected  in  the  total  interceptor  mass  and  essentially  in  the  overall  on-orbit  mass  if  all  of  the 
AV  parameters  are  unchanged. 

The  strategy  of  adjusting  the  navigation  constant  to  reduce  saturation  effects  has  the 
defect  that  increasing  the  navigation  ratio  early  in  the  flyout  increases  the  10  - 15%  of  the  lateral 
AV  that  is  wasted  in  responding  to  false  line  of  sight  rates  induced  by  sensor  noise.  Also,  high 
navigation  ratios  at  the  end  of  the  flyout  are  necessary  to  enable  sufficient  control  authority  to 
achieve  small  miss  distances.  Hence,  the  mitigation  of  interceptor  failures  occasioned  by 
guidance  saturation  may  be  more  effectively  addressed  as  a  battle  management  issue.  The 
obvious  response  is  to  improve  the  accuracy  of  the  predicted  intercept  point  so  that  less  heading 
error  remains  to  be  nullified  by  the  lateral  guidance  or  to  alter  the  flyout  timelines  so  that  more 
guidance  time  remains  for  the  operation  of  the  limited  acceleration  capability  of  lateral 
guidance.  Improved  predictions  are  always  welcome  but  not  easily  achievable  in  view  of 
operational  uncertainties.  A  minimum  guidance  time  constraint,  on  the  other  hand,  is  easy  to 
enforce  in  the  battle  manager. 

The  last  category  of  intercept  failure,  the  misses  due  to  exhaustion  of  lateral  AV  capability 
can  be  addressed  at  the  guidance  level  by  increasing  the  lateral  AV,  by  decreasing  the  guidance 
filter  bandwidth  and  sensitivity  to  noise,  or  by  improving  the  guidance  law.  Increasing  the 
lateral  AV  carries  exponential  mass  increase  penalties  if  the  other  parameters  are  held  constant. 
If  lateral  AV  is  added  at  the  expense  of  axial  AV,  then  the  first  category  of  intercept  failures  may 
be  exacerbated.  Decreasing  the  filter  bandwidth  will  reduce  the  AV  expended  in  responding  to 
sensor  noise,  but  will  also  slow  down  the  guidance  response  to  target  maneuvers  and  may 
occasion  the  expansion  of  the  miss  distance  distribution  so  that  the  kill  probability  may  fall 
below  acceptable  levels.  Improved  guidance  laws  are  always  a  good  strategy  as  long  as  the 
improved  performance  is  consistent  with  the  angle  information  available  from  the  sensor  (i.e., 
accuracute  time  to  go  may  not  be  available)  and  as  long  as  the  guidance  law  is  robust  with 
respect  to  unmodelled  dynamics. 

The  battle  management  strategy  for  dealing  with  intercept  failures  from  lateral  AV 
exhaustion  includes  the  selection  between  guidance  laws  depending  on  the  engagement 
geometry,  enforcing  constraints  or.  the  engagement  geometry,  and  assignment  of  a  maximum 
guidance  on-time.  Because  of  difficulties  in  estimating  the  target  acceleration  for  the 
augmented  term  in  the  proportional  navigation  equation  for  some  engagement  geometries,  it 
may  be  determined  empirically  that  pure  proportional  guidance  performs  better  than 
augmented  proportional  guidance  for  some  easily  quantifiable  engagement  conditions.  The 
battle  manager  may  then  initialize  the  flyout  to  use  one  or  the  other  guidance  law,  as 
appropriate  for  the  particular  geometry.  Because  a  greater  fraction  of  the  target  acceleration 
"winds  up"  the  line  of  sight  rate  for  near  perpendicular  crossing  angle  geometries,  the  battle 
manager  may  also  be  programmed  to  totally  avoid  those  geometries.  Finally,  a  simple  response 
to  excessive  lateral  AV  usage  on  very  long  flyouts  is  to  limit  the  guidance  on-time  by  turning  on 
guidance  at  a  specified  time  to  go  or  by  delayed  firing  of  the  interceptor  by  the  fire  control 
manager. 

Conclusions 

It  can  be  seen  from  the  brief,  mostly  qualitative  discussions  in  this  paper  that  the  trade 
space  for  space-based  strategic  interceptors  is  highly  dimensional  and  tightly  coupled  along 
many  of  the  dimensions.  Individual  interceptor  performance  is  important,  but  is  not  the  sole 
determinant  of  system  performance.  This  is  especially  tTue  when  cost  is  a  primary  constraint 
and  achievable  performance  falls  short  of  complete  negation  of  numerous  threats  in  a  massive 
launch  scenario.  The  resolution  of  identifiable  performance  deficiencies  will  sometimes  lie  in 
the  realm  of  battle  management,  sometimes  within  the  interceptor  design,  and  frequently  will 
involve  both. 

Measures  of  effectiveness  were  introduced  to  quantify  the  performance  of  system  designs. 
Specific  problems  in  achieving  desired  performance  were  identified,  the  interaction  of  battle 
management  with  interceptor  design  and  guidance  law  design  were  illustrated,  and  solutions 
were  suggested.  It  cannot  be  overemphasized  that  it  is  always  necessary  to  consider  important 
system  interactions.  Wot  previously  mentioned,  an  integrated  end-to-end  simulation  including 
sensor  operation,  battle  management,  and  interceptor  flyout  simulation  was  essential  to  the 
uncovering  of  the  performance  and  sensitivies  given  the  many  system  noniinearities. 


Identifiable  problems  in  battle  management  and  guidance  law  implementation 
sometimes  admit  of  very  simple  and  straightforward  corrections.  The  availability  of  an 
integrated  simulation  testbed  to  comparatively  evaluate  strategies  and  algorithms  and  to  permit 
experimentation  with  new  ideas  has  lead  to  significant  progress.  Such  a  testbed  has  been 
constructed  in  an  interactive  microcomputer  environment.  The  simulation  has  a  user- 
friendly  interface,  animated  graphical  output  and  is  scoped  to  a  level  of  modeling  fidelity  that 
permits  rapid  execution  yet  captures  the  essential  error  sources  including  operational 
uncertainties.  The  ability  to  quickly  run  very  large  problems  in  terms  of  threat  scenarios  and 
cardinality  of  the  space-based  constellation  has  permited  much  useful  analysis  to  be 
accomplished. 
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Abstract 

The  paper  reviews  methods  of  guidance  which  are  applicable  to  both  tactical  and  strategic 
missiles.  It  is  shown  how  the  various  guidance  law  technologies  are  related.  "Rules  of  thumb," 
which  were  originally  developed  for  the  tactical  world,  are  extended  for  application  to  the 
strategic  world  not  only  to  gain  insight  but  also  to  predict  strategic  interceptor  fuel  consumption 
and  performance.  Numerous  examples  are  presented  to  clarify  and  illustrate  concepts. 

Introduction 

Methods  of  tactical  missile  guidance  have  been  in  existence  for  more  than  3  decades.1 
These  methods  work  well  not  only  against  stationary  or  predictable  targets  but  also  are  effective 
against  responsive  threats  whose  future  position  is  highly  uncertain.  In  the  tactical  arena, 
current  guidance  law  technology  is  effective  if  the  flight  time  is  long  compared  to  the  effective 
time  constant  of  the  guidance  system,  and  if  the  missile  enjoys  a  considerable  acceleration 
advantage  over  the  target.  It  is  not  uncommon  for  a  tactical  missile  to  have  an  acceleration 
advantage  of  more  than  five  against  an  aircraft  target,  which  is  more  than  adequate  for  a 
successful  intercept  with  current  guidance  law  technology. 

Strategic  ballistic  missiles  generally  intercept  stationary  targets  whose  location  is  known 
precisely.2  In  this  type  of  scenario  all  of  the  guidance  is  in  the  boost  phase  of  the  interceptor. 
Since  the  boost  phase  represents  a  small  fraction  of  the  flight  of  a  strategic  ballistic  missile,  the 
interceptor  glides  without  guidance  most  of  the  way  towards  the  target.  In  this  type  of  strategic 
application,  precise  instrumentation  is  necessary  so  that  the  interceptor  can  reach  the  correct 
position  and  velocity  states  at  the  end  of  the  boost  phase  so  that  it  will  be  able  to  glide 
ballistically  towards  the  target. 

In  newer  systems  interceptors  will  have  to  fly  strategic  distances  against  moving  targets 
whose  future  position  is  unknown.  In  these  applications  it  is  not  sufficient  to  apply  ballistic 
missile  technology  all  the  way  to  intercept.  Some  type  of  guidance  system  is  required  after  the 
boost  phase  to  take  out  inevitable  errors  due  to  lack  of  knowledge  of  the  intercept  point  and  due 
to  angular  measurement  errors  of  the  missile-target  line-of-sight.  Since  the  newer  interceptors 
are  exoatmospheric,  fuel  is  required  for  the  missile  to  maneuver  in  response  to  guidance 
commands.  If  ail  the  fuel  is  depleted  the  interceptor  can  not  maneuver.  In  addition,  fuel  is  also 
at  a  premium  since  interceptor  weight  grows  exponentially  with  fuel  weight.  Therefore 
exoatmospheric  interceptors  require  guidance  laws  which  minimize  fuel  consumption.  In 
addition,  because  of  practical  limits  on  achievable  engine  thrust  to  weight  ratios,  the  newer 
interceptors  may  no  longer  enjoy  an  acceleration  advantage  over  the  target.  In  fact  they  may  be 
working  at  an  acceleration  disadvantage! 

Heading  error  and  target  maneuver  are  two  major  contributors  to  miss  distance  and 
acceleration  requirements  in  the  tactical  missile  world.  Formulas  have  been  developed 
showing  how  missile  acceleration  requirements  are  related  to  these  error  sources.  Heading 
error  and  target  maneuver  are  also  important  error  sources  in  the  strategic  world.  Heading 
error  is  an  angular  representation  of  the  intercept  point  prediction  error.  An  upper  bound  on 
this  number  is  critical  for  interceptor  sizing.  Although  a  strategic  target,  such  as  a  booster,  may 
not  maneuver  intentionally,  its  longitudinal  acceleration  perpendicular  to  the  line-of-sight 
appears  as  an  evasive  maneuver  to  the  interceptor.  Therefore,  the  apparent  maneuver 
capability  of  the  target  is  not  only  important  in  setting  interceptor  weight  requirements  but  also 
in  sizing  the  required  thrust  to  weight  ratio  of  the  lateral  divert  engines. 

Heading  Error  and  Prediction  Error 

A  one-dimensional  linearized  homing  loop,  typically  used  in  the  analysis  of  tactical 
guided  missiles,3  appears  in  Fig.  1.  In  this  diagram  missile  acceleration  nc  is  subtracted  from 
target  acceleration  np  to  form  a  relative  acceleration.  After  two  integrations  relative  position  y 
is  obtained  which  at  the  end  of  the  flight  tp  is  the  miss  distance.  A  division  by  range  (or  the 
closing  velocity  multiplied  by  the  time  to  go  until  intercept)  yields  the  geometric  line  of  sight 
angle,  X.  In  proportional  navigation  guidance4  the  acceleration  command  is  directly 
proportional  to  the  line  of  sight  rate  according  to 


n  =  N'  V  X 
c  c 


where  N'  is  a  designer  chosen  constant  known  as  the  effective  navigation  ratio  and  Vc  is  the 
missile-target  closing  velocity. 


dt 


Figure  1  -  Proportional  Navigation  Homing  Loop 

In  the  absence  of  target  maneuver  (nx=0)  we  can  see  from  Fig.  I  that  the  relative 
acceleration  (target  acceleration  minus  missile  acceleration)  can  be  expressed  as 


y  =  -N’VcX 


Integrating  the  above  differential  equation  once  yields 


y  =-N'VcX  +  01 


where  Cj  is  the  constant  of  integration.  Substitution  of  the  formula  for  theline-of-sight  angle 
(which  can  be  derived  from  Fig.  1  as  X=y/RjM)  in  the  preceding  expression  yields  the  time- 
varying  first-order  differential  equation 


d y  _>£y 

dt  +  t  -t 
F 


=  C 


The  preceding  trajectory  equation  can  be  solved  analytically  because  a  first-order  differential 
equation  of  the  form 


dy 

dt 


+  a(t)y  =  h(t) 


has  solution 


•Jam dT  I1  /"a ( T ) dT  -j'a(T)dT 

y=  eo''jal  Joh(n)e°  dn  +  0,6° 

In  the  case  of  a  heading  error  disturbance,  only  the  initial  conditions  on  the  differential 
equation  have  to  be  modified.^  The  initial  condition  on  the  first  state  is  zero  or 

y(0)  =  0 

whereas  the  initial  condition  on  the  second  state  is  related  to  the  heading  error  by 


y  (o ) = -  v ;  he 

where  Vj^  is  the  missile  velocity  and  HE  is  the  heading  error  in  radians.  Under  these 
circumstances,  after  much  algebra,  we  find  that  the  closed  form  solution  for  the  missile 
acceleration  due  to  heading  error  is  given  by 


-  V  HE  N* 
n  =  M 
c  '  t. 


<i-f  r2 
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where  tp  is  the  flight  time.  Y\e  can  see  that  the  magnitude  of  the  initial  missile  acceleration  is 
proportional  to  both  the  heading  error  and  missile  velocity  and  inversely  proportional  to  the 
flight  time.  Doubling  the  missile  velocity  or  heading  error  will  double  the  initial  missile 
acceleration  while  doubling  the  flight  time  or  time  available  for  guidance  will  halve  the  initial 
missile  acceleration. 

The  closed-form  solution  for  the  missile  acceleration  response  due  to  heading  error  is 
displayed  in  normalized  form  in  Fig.  2.  We  can  see  that  in  a  proportional  navigation  guidance 
system,  higher  effective  navigation  ratios  require  more  missile  acceleration  at  the  beginning  of 
flight  than  at  the  end  of  the  flight.  From  a  system  sizing  point  of  view,  the  designer  usually 
wants  to  ensure  that  the  acceleration  capability  of  the  missile  is  adequate  at  the  beginning  of 
flight  so  that  acceleration  saturation  can  be  avoided.  For  a  given  missile  acceleration  capability, 
Fig.  2  shows  how  requirements  are  placed  on  minimum  guidance  or  flight  time  and  maximum 
allowable  heading  error  and  missile  velocity. 


Figure  2  Normalized  Missile  Acceleration  Due  To  Heading  Error  For  Proportional  Navigation 

Guidance 

With  strategic  missiles  it  is  often  more  convenient  to  talk  in  terms  of  prediction  error 
rather  than  heading  error.  A  prclaunch  calculation  or  prediction  must  be  made  of  where  the 
target  will  be  at  intercept.  The  estimated  location  of  the  target  at  intercept  is  known  as  the 
predicted  intercept  point.  If  the  calculation  is  imperfect,  a  prediction  error  results,  and  the 
missile  will  not  be  fired  on  a  perfect  collision  triangle.  The  prediction  error  and  heading  error 
are  related  by 


Pred  Err  =  -  HE  tp 

where  Pred  Err  is  the  prediction  error  in  units  of  ft.  Therefore  substitution  of  the  preceding 
relationship  into  the  closed  form  acceleration  solution  indicates  that  the  missile  acceleration 
required  by  the  proportional  navigation  guidance  law  to  take  out  an  initial  prediction  error  is 
given  by 


Pred  Err  N1  f  t 

t~  h-i* 

lF  L  f-* 


Lateral  divert  is  directly  related  to  the  amount  of  fuel  required  by  the  interceptor  to 
implement  the  guidance  law  and  effect  an  exoatmospheric  intercept .  The  missile  lateral  divert 

iicr«  or 


A  V  = 


dt 


The  strategic  interceptor  AV  requirements  are  related  to  the  total  interceptor  weight  by  the 
rocket  equation.  Increasing  a  missile's  divert  requirements  can  increase  the  total  weight 
requirements  dramatically.  We  can  find  a  closed-form  solution  for  the  required  lateral  divert  to 
take  out  a  prediction  error  by  substituting  the  closed-form  solution  for  the  missile  acceleration 
due  to  prediction  error  into  the  preceding  integral.  After  some  algebra  we  obtain 


A  V  = 


Fred  Err  N' 

(N'-I)tp 


Thus  increasing  the  effective  navigation  ratio  or  increasing  the  flight  time  (or  guidance 
time)  will  tend  to  reduce  the  lateral  divert  requirements  of  the  interceptor  due  to  prediction 
error. 


Proportional  Navigation  and  Target  Maneuver 

If  the  only  guidance  system  disturbance  is  a  target  maneuver  (HE=0),  the  appropriate 
second-order  trajectory  differential  equation,  derived  from  Fig.  1,  becomes 


y  =  -N'VcX+nT 


with  initial  conditions 


y(0)  =  0 


y(o) = o 

After  conversion  to  a  first  order  differential  equation  and  much  algebra  the  solution  for  the 
required  missile  acceleration  can  be  found  to  be4 


n-o-tn-T 


Unlike  the  heading  error  case,  the  maximum  missile  acceleration  due  to  maneuver  is 
independent  of  flight  time  and  missile  velocity  and  only  depends  on  the  magnitude  of  the 
maneuver  and  the  effective  navigation  ratio.  Doubling  the  maneuver  level  of  the  target 
doubles  the  missile  acceleration  requirements. 

The  closed-form  solution  for  the  missile  acceleration  response  due  to  target  maneuver  is 
displayed  in  normalized  form  in  Fig.  3.  We  can  see  that  higher  effective  navigation  ratios  relax 
the  acceleration  requirements  at  the  end  of  the  flight.  Unlike  the  heading  error  response,  the 
missile  acceleration  required  to  hit  a  maneuvering  target  increases  as  the  flight  progresses. 


Figure  3  Normalized  Missile  Acceleration  Due  To  Target  Maneuver  For  Proportional 
Navigation  Guidance 


From  a  system  sizing  point  of  view,  the  designer  must  to  ensure  that  the  acceleration 
capability  of  the  missile  is  adequate  at  the  end  of  flight  so  that  saturation  can  be  avoided  in 
order  for  the  missile  to  hit  the  target.  The  maximum  missile  acceleration  induced  by  target 
maneuver  in  a  proportional  navigation  guidance  system  occurs  at  the  end  of  the  flight  and  is 
given  by 


”cMAX 


_  N'nT 
PN  N*  -  2 


Therefore,  for  an  effective  navigation  ratio  of  3,  the  missile  must  have  a  3  to  1  acceleration 
advantage  over  the  target  in  order  to  avoid  target  maneuver  induced  saturation. 

The  divert  requirements  for  a  proportional  navigation  guidance  system  due  to  a 
maneuvering  target  can  be  found  by  integrating  missile  acceleration  or 


AV 


PN 


N' 

N'-2 
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After  some  algebra  we  obtain 


AV  =  1V£ 

PN  N..i 

Thus  we  can  see  that  increasing  the  effective  navigation  ratio  ->duces  the  lateral  divert 
requirements  . 

Augmented  Proportional  Navigation 

Extra  information  can  increase  guidance  law  effectiveness  by  reducing  the  missile 
acceleration  and  lateral  divert  requirements  due  to  target  maneuver.  Augmented  proportional 
navigation  can  make  use  of  target  acceleration  information,  if  it  is  available.  A  zero-lag 
augmented  proportional  navigation  homing  loop  is  shown  in  block  diagram  form  in  Fig.  4 7 
The  additional  target  maneuver  term,  required  by  the  guidance  law,  appears  as  a  feed  forwaid 
term  in  the  homing  loop  block  diagram. 


dt 

Figure  4  Augmented  Proportional  Navigation  Homing  Loop 


From  Fig.  4  we  can  see  that  the  augmented  proportional  navigation  guidance  law  can  be 
expressed  as 


=  N'V  X.  +  .5  N' n_ 
APN  °  T 


As  with  the  proportional  navigation  guidance  law,  we  can  also  obtain  closed-form  solutions  for 
the  required  missile  acceleration  due  to  a  constant  target  maneuver  for  the  zero-lag  homing 
loop  depicted  in  Fig.  4.  After  much  algebra  the  resultant  solution  for  the  required  missile 
acceleration  turns  out  to  be 


.5  ryf 


The  closed-form  solution  for  the  missile  acceleration  required  to  hit  a  maneuvering 
target  with  augmented  proportional  navigation  is  displayed  in  normalized  form  in  Fig.  5.  Here 
we  can  see  that  the  required  missile  acceleration  decreases  monotonically  with  time,  regardless 
of  effective  navigation  ratio,  rather  than  increasing  monotonically  with  time  as  was  the  case 
with  proportional  navigation.  Increasing  the  effective  navigation  ratio  increases  the 
maximum  acceleration  at  the  beginning  of  the  flight  but  also  reduces  the  time  at  which  the 
acceleration  decays  to  negligible  levels. 


Figure  5  Normalized  Acceleration  For  Augmented  Proportional  Navigation  Acceleration 
Required  to  Hit  a  Maneuvering  Target 

The  maximum  required  acceleration  required  by  augmented  proportional  navigation  to 
hit  a  maneuvering  target  is 


ncMAX|  =  .5N‘n 
'APN 

This  means  that  for  a  navigation  ratio  of  three,  augmented  proportional  navigation  requires 
half  the  acceleration  requirements  of  a  missile  utilizing  proportional  navigation  guidance. 
However,  for  an  effective  navigation  ratio  of  5,  augmented  proportional  navigation  requires  a 
larger  maximum  acceleration  when  compared  with  proportional  navigation  guidance. 

We  can  express  the  lateral  divert  required  for  augmented  proportional  navigation  by  first 
setting  up  the  lateral  integral  as 


AV 


APN 


N'-2 

dt 


Integration  and  simplification  yields 


AV 


APN 


.5N'n.TtF 

N'-1 


Figure  6  presents  a  comparative  plot  of  the  normalized  lateral  divert  required  by  the 
interceptor  as  a  function  of  the  effective  navigation  ratio  for  both  proportional  and  augmented 
proportional  navigation  due  to  a  maneuvering  target.  Tile  figure  shows  that  the  lateral  divert 
requirements  decrease  with  increasing  effective  navigation  ratio  for  both  guidance  laws.  We 
can  also  see,  from  the  formulas  and  figure,  that  augmented  proportional  navigation  always  has 
one  half  the  lateral  divert  requirements  of  proportional  navigation  for  the  case  of  a  target 
maneuver  disturbance,  regardless  of  effective  navigation  ratio,  Therefore,  for  strategic 
applications,  in  which  the  threat  is  an  accelerating  target  such  as  a  booster,  augmented 
proportional  navigation  is  a  more  fuel  efficient  guidance  law  than  proportional  navigation. 
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Figure  6  Augmented  Proportional  Navigation  Reduces  Divert  Requirements 
Engagement  Simulation  Examples 

So  far  we  have  developed  closed-form  solutions  for  the  missile  acceleration  and  lateral 
divert  requirements  due  to  an  intercept  point  prediction  error  and  target  maneuver.  These 
analytical  solutions  are  based  on  a  one-dimensional  linearized  model  of  a  missile-target 
engagement.  In  order  to  see  if  the  insights  generated  by  the  closed-form  solutions  are  valid,  it  is 
necessary  to  run  simulation  tests  based  on  a  more  realistic  engagement  model,  a  strategic 
nonlinear  two-dimensional  missile-target  engagement  model  can  be  developed  by  using  an 
Cartesian  Earth-centered  coordinate  system  as  shown  in  Fig.  7.  In  this  figure  both  the  missile 
and  target  are  in  a  gravity  field  as  described  by  Newton's  law  of  universal  gravitation. 


Figure  7  Earth  Centered  Coordinate  System  and  Relative  Engagement  Geometry 


The  acceleration  differential  equations  acting  on  a  ballistic  target  in  a  Cartesian  Earth-centered 
coordinate  system  can  be  shown  to  be®'9 


-gmx. 


•gmy_ 
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where  gm  is  the  gravitational  parameter  with  value  1.4077*10lf>  ft^/sec2  and  xt  and  yj-  are  the 
coordinates  of  the  target  with  respect  to  the  center  of  the  Earth.  Since  these  differential 
equations  are  in  an  inertial  coordinate  system  they  can  be  numerically  integrated  directly  to 
yield  the  velocity  and  position  of  the  target  with  respect  to  the  center  of  the  Earth.  The 
components  of  the  relative  position  between  the  missile  and  target  can  be  expressed  as 

rtmi  =  *t-xm 


rTM2  =  YT  -  yM 

while  the  components  of  the  relative  velocity  are  given  by 


VTMl"  VXM 

VTM2=  V\| 

Application  of  the  distance  formula  shows  that  the  relative  separation  between  the  missile  and 
target  can  be  found  from 


rTM  =  (  rTM12  +  rTM22  )'5 

The  closing  velocity,  which  is  defined  as  the  negative  rate  of  change  of  separation  between 
missile  and  target,  can  be  obtained  by  taking  the  negative  derivative  of  the  preceding  expression 
yielding 


V  = 
c 


~(RTM1VTM1+RTM2VTM2 


) 


The  line-of-sight  angle  can  be  found  by  trigonometry  from  Fig.  7  as 


X  = 


-1  'W 

tan  — 

TM1 


Therefore  the  instantaneous  value  of  the  line-of-sight  rate  can  be  found  by  taking  the 
derivative  of  the  line-of-sight  angle  yielding 


R  V  -R  V 
TM1  TM2  TM2  TM1 


We  now  have  sufficient  information  to  form  a  nonlinear  proportional  navigation 
homing  loop  for  a  strategic  interceptor.  As  was  previously  mentioned,  the  proportional 
navigation  acceleration  command  nc  is  proportional  to  the  line-of-sight  rate  and  has 
magnitude 


n  =N'vi 
c  c 


and  is  in  is  a  direction  which  is  perpendicular  to  the  instantaneous  line-of-sight.  From  Fig.  7 
we  can  see  that  the  components  of  the  guidance  command  in  the  Earth-centered  coordinate 
system  can  be  found  by  trigonometry  and  are  given  by 

aXM  = '  «c  X 


aYM  =  nc  cos  \ 


Theiefore  the  acceleration  differential  equations  describing  a  non  boosting  missile  consists  of 
two  parts:  the  gravitational  term,  and  the  guidance  command  term.  The  components  of  the 
missile  acceleration  in  earth  centered  coordinates  are  given  by 


■gm  x, 
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where  axM  and  ayM  are  the  guidance  components  and  have  already  been  defined. 

A  nominal  case  was  considered  in  which  the  guidance  system  was  turned  off.  The 
resultant  trajectories  for  the  500  sec  flight  of  a  non  boosting  missile  placed  on  a  ballistic  collision 
triangle  and  impulsive  target  is  shown  in  Fig.  8.  In  this  case  the  missile  hit  the  target.  The  fact 
that  the  missile  was  initially  placed  on  a  collision  triangle  implies  that  our  knowledge  of  the 
intercept  point  was  perfect.  The  slight  curvature  in  both  missile  and  target  trajectories  is  due  to 
the  fact  that  both  objects  have  been  in  a  gravity  field  for  500  sec. 


A  guidance  system  is  required  since  it  is  not  always  possible  for  the  missile  to  be  on  a 
collision  triangle.  There  will  always  be  errors  in  predicting  the  location  of  the  intercept  point. 
Consider  a  case  for  a  proportional  navigation  guidance  system  with  an  effective  navigation 
ratio  of  3  in  which  there  is  a  100  kft  prediction  error.  This  means  that  if  we  turned  off  the 
guidance  system  we  would  miss  the  target  by  100  kft.  Theory  predicts,  based  upon  the  formula 
derived  in  this  paper,  that  the  required  missile  lateral  divert  should  be 
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Prod  Err  N' 
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100000*3 

2*500 


=  300  ft / sec 


Figure  9  shows  the  result  nt  commanded  acceleration  and  lateral  divert  profiles  for  a 
nonlinear  strategic  engagement  due  to  the  100  kft  prediction  error  for  a  proportional  navigation 
guidance  system  with  an  effective  navigation  ratio  of  3.  We  can  see  that  for  this  case  the  missile 
acceleration  requirements  are  small  (less  than  2  ft/sec2)  for  the  entire  tiight.  However,  even  at 
small  acceleration  levels.  Fig.  9  shows  that  approximately  420  ft/sec  of  lateral  divert  is  required 
for  a  successful  intercept.  This  number  is  somewhat  larger  than  the  theoretically  piedicted 
value  of  300  ft/sec  because  the  gravity  differential  between  missile  and  target  aiso  contributes  to 
the  missile  lateral  divert  requirements. 
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Our  lateral  divert  formula  also  indicates  that  for  a  fixed  prediction  error,  the  divert 
requirements  will  increase  if  the  flight  time  is  decreased.  Figure  10  presents  the  nonlinear 
strategic  engagement  geometry  for  a  100  sec  flight.  In  this  case  both  the  missile  and  target  are 
initially  on  a  collision  triangle. 


If  we  introduce  the  same  100  kft  prediction  error  into  the  short  flight  time  example,  our 
formula  indicates  that  the  lateral  divert  requirements  should  increase  substantially.  According 
to  the  lateral  divert  formula,  reducing  the  flight  time  by  a  factor  of  5  should  increase  the  missile 
lateral  divert  requirement  by  a  factor  of  5  or 
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100000  •  3 
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=  1500  ft/sec 


Figure  11  displays  the  commanded  acceleration  and  actual  divert  requirements  obtained 
by  actually  simulating  the  engagement.  We  can  see  from  the  figure  that  the  required  lateral 
divert  required  is  indeed  nearly  1500  ft/sec.  Thus  we  have  demonstrated  that  the  two- 
dimensional  nonlinear  engagement  model  yields  performance  projections  which  are  in  close 
agreement  with  the  theoretical  formula. 
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Figure  11  Divert  Due  To  Prediction  Error  Matches  Theoretical  Prediction  For  Shorter  Flight 


Boosting  Target  Considerations 


Although  a  booster  does  not  normally  execute  evasive  maneuvers  as  does  an  aircraft 
target,  any  longitudinal  booster  acceleration  which  is  perpendicular  to  the  line-of-sighl  will 
appear  as  a  target  maneuver  to  the  missile.  We  have  already  shown  that  the  closed-form 
solution  for  the  acceleration  required  by  a  missile  utilizing  proportional  navigation  guidance  is 
given  by 


n 


o 


PN 


and  that  the  lateral  divert  required  to  hit  a  maneuvering  target  is 


AV 


N' 


PN 


TVf 


We  can  develop  a  model  in  which  the  target  is  a  booster  performing  a  gravity  turn.  The 
longitudinal  acceleration  of  the  booster  ap  can  be  expressed  as 


„  32.2  T 

T=  W 

where  T  is  the  booster  thrust  and  W  is  the  booster  weight.  In  a  gravity  turn,  the  thrust  and 
velocity  vectors  are  aligned.  Therefore  the  acceleration  differential  equations  for  a  booster  in  a 
gravity  field  are 


-SmxT  ax 

x  = - ! —  +  T  T 

T  2  .1.5  w 

(*if+y*)  T 


..  -9mVT  ay 

y  = - - —  +  1 
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(*T+y?>  T 

where  the  target  velocity,  Vp,  is  given  by 


v  «? +  *TV 


The  component  of  the  booster  acceleration  perpendicular  to  the  line-of-sight  appLOS  can  be 
found  from  Fig.  7  as 


aTPLOS=V*SX‘Vira 

A  nominal  case  was  run  with  the  guidance  system  turned  c'f  to  ensure  that  the  missile 
and  booster  were  on  a  collision  triangle.  Figure  12  shows  the  missile  hitting  the  target  in  the 
nominal  100  sec  flight  in  which  the  booster  target  is  accelerating  the  entire  time. 
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The  same  nominal  case  was  rerun  with  the  proportional  navigation  guidance  system 
turned  on.  Figure  13  displays  the  booster  acceleration  perpendicular  to  the  line  of  sight  for  this 
engagement  along  with  the  resultant  lateral  divert  requirements.  We  can  see  from  the  figure 
that  the  magnitude  of  the  booster  acceleration  perpendicular  to  the  line-of-sight  is 
approximately  100  ft/sec^  on  the  average.  This  means  that  the  booster  appears  to  the  missile  to 
be  a  target  executing  a  3  g  maneuver.  The  missile  lateral  divert  requirements  for  this  case  can 
be  seen  from  the  figure  to  be  approximately  12000  ft/sec. 
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Figure  13  Divert  Due  To  Apparent  Maneuver  Agrees  With  Theory 


For  this  case  our  closed  form  solution  based  upon  the  one*dimensional  homing  loop  indicates 
that  the  divert  requirements  should  be 
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3  *100  *100 
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=  15000  ft /sec 


In  other  words  theory  and  simulation  are  in  close  agreement. 

Our  closed-form  solutions  also  indicates  that  the  augmented  proportional  navigation 
guidance  law  reduces  the  missile  acceleration  requirements  due  to  a  maneuvering  target.  The 
closed-form  solution  for  the  acceleration  required  to  hit  a  maneuvering  target  with  the 
augmented  proportional  navigation  guidance  law  was  shown  to  be 


r  -iN''2 

=  .5  n  N'  1--f-  | 
APN  1  [_  fj 


and  the  lateral  divert  is  given  by 


AV 


APN  '5  N'-1 


nTtp=.5  AV 


PN 


In  other  words,  theory  says  that  the  divert  requirements  for  an  augmented  proportional 
navigation  guidance  system  are  half  the  divert  requirements  of  a  proportional  navigation 
guidance  system. 

In  order  to  implement  augmented  proportional  navigation  guidance  in  the  nonlinear 
two-dimensional  strategic  engagement  model  it  is  necessary  to  modify  the  missile  guidance 
command  to 


'APN 


=  N'V  X  +  di  a 

c  2  TPLOS 


where  ajpLOS  *s  l^e  booster  acceleration  perpendicular  to  the  line  of  sight.  The  nominal 
simulation  case  was  rerun,  except  this  the  time  the  augmented  proportional  navigation 
guidance  law  was  used.  Figure  14  shows  that  the  missile  lateral  divert  requirements  were 
dramatically  reduced  to  about  7500  ft/sec  (down  from  about  12000  ft/sec  in  the  proportional 
navigation  case. 
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Figure  14  Augmented  Proportional  Navigation  Reduces  Divert  Requirements  Due  To  Boosting 

Target 


Theory  says  the  divert  requirements  for  the  augmented  proportional  navigation  guidance  law 
should  be 


AV|  =  .5  — - —  n  t  =  •5>3110P-!100  =7500  ft /sec 
‘APN  N‘-1  T  F  2 

which  is  in  total  agreement  with  the  simulation  results. 

Predictive  Guidance^® 

We  have  seen  how  interceptor  lateral  divert  requirements  can  be  reduced  when  extra 
information,  if  it  exists,  is  incorporated  in  the  guidance  law.  If  an  exact  model  of  the  target  and 
missile  dynamics  is  available,  one  could  achieve  the  best  performance  with  the  ultimate 
guidance  law  -  predictive  guidance.  The  principle  behind  predictive  guidance  is  quite  simple. 
We  fake  our  dynamic  models  of  the  target  and  missile  and,  at  each  guidance  system  update, 
numerically  integrate  them  forward  until  the  desired  intercept  time.  In  other  words,  we  are 
predicting  the  future  location  of  the  missile  and  target  by  brute  force.  The  difference  between 
the  predicted  missile  and  target  position  at  the  intercept  time  is  known  as  the  zero  effort  miss. 
If  the  predicted  coordinates  of  the  missile  at  intercept,  in  the  earth  centered  system,  is  given  by 
(xmF<  yMF)  and  the  coordinates  of  the  target  are  given  by  coordinates  of  the  target  (xjF,  yTF> 
then  the  Earth-centered  components  of  the  zero  effort  miss  are  given  by 


ZEMX  =  xtf  -  xjyjp 
ZEMy  =  yxp  *  yMF 

We  can  find  the  component  of  the  zero  effort  miss  perpendicular  to  the  Iine-of-sight  by 
trigonometry  in  Fig.  7.  The  zero  effort  miss  perpendicular  to  the  line-of-sight  is  given  by 


ZEMpLog  =  ■  ZEMX  sin  X  +  ZEMy  cos  X 


In  theory7  the  instantaneous  acceleration  guidance  command  should  be  proportional  to  the 
zero  effort  miss  perpendicular  to  the  instantaneous  line-of-sight  (which  in  this  case  is  obtained 
by  numerical  integration)  and  inversely  proportional  to  the  square  of  time  to  go  until  intercept 
or 


n  = 
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N'ZEM 


PLOS 


go 


Proportional  navigation  and  augmented  proportional  navigation  can  all  be  expressed  in 
the  above  form.  In  these  guidance  laws  we  have  closed-form  expressions  for  the  zero  effort 
miss.  In  other  words,  an  integration  of  simple  dynamics  (assumed  to  be  a  polynomial  in  time) 
was  conducted  to  get  a  closed  form  expression.  In  predictive  guidance,  we  ignore  closed-form 
solutions  of  approximate  processes  and  obtain  the  exact  solution  for  the  zero  effort  miss,  at  each 
guidance  update  by  numerical  integration.  The  resultant  accuracy  of  the  computed  zero  effort 
miss  depends  on  the  size  of  the  integration  interval.  Small  integration  intervals  yield  accurate 
answers  but  may  impose  unrealistic  computer  throughput  requirements  on  the  interceptor 
guidance  system.  Of  course  the  accuracy  also  depends  on  the  validity  of  the  differential 
equations  used.  Having  inaccurate  models  of  the  target  will  lead  to  erroneous  predictions  of 
the  zero  effort  miss  and  in  this  case  the  performance  of  predictive  guidance  may  be  substantially 
worse  than  that  of  proportional  navigation. 

The  nominal  100  sec  boosting  target  case  of  the  previous  section  (i.e.  see  Fig.  12)  was 
repeated  to  see  the  effectiveness  of  the  new  guidance  law.  Figure  15  compares  the  commanded 
missile  acceleration  requirements  for  proportional  navigation,  augmented  proportional 
navigation  and  predictive  guidance.  We  can  see,  as  expected,  augmented  proportional 
navigation  requires  significantly  less  acceleration  than  proportional  navigation.  The  required 
acceleration  is  large  for  augmented  proportional  navigation,  because  as  we  saw  in  the  previous 
section,  much  of  the  longitudinal  booster  acceleration  was  perpendicular  to  the  line-of-sight  (on 
the  average  about  100  ft/sec2)  and  thus  appeared  as  a  target  maneuver  to  the  missile.  However, 
we  can  also  see  that  predictive  guidance  virtually  requires  zero  acceleration  to  intercept  the 
boosting  target.  The  reason  for  this  is  that  the  missile  is  initially  on  a  collision  triangle  with  the 
target.  Therefore  no  commands  are  really  necessary  for  a  successful  intercept. 
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Figure  15  The  Acceleration  Requirements  For  Predictive  Guidance  Can  Be  Very  Small 

Figure  16  presents  the  missile  lateral  divert  requirement  profiles  for  the  same  case.  Here 
we  can  see  that  proportional  navigation  required  about  12000  ft/sec  of  lateral  divert,  augmented 
proportional  navigation  required  about  7500  ft/sec  of  lateral  divert  and  predictive  guidance 
only  required  39  ft/sec  of  lateral  divert! 
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Predictive  guidance  can  dramatically  reduce  the  interceptor  lateral  divert  requirements 
due  to  a  boosting  target  because  it  is  making  use  of  a  priori  information  on  the  booster.  If  there 
is  an  initial  prediction  error,  predictive  guidance  should  yield  about  the  same  divert 
requirements  due  to  prediction  error  as  proportional  navigation  because  predictive  guidance 
has  no  a  priori  information  about  the  prediction  error.  Figure  17  shows  that  nonlinear  two- 
dimensional  engagement  simulation  results  indicate  that  predictive  guidance  yields 
approximately  1600  ft/sec  of  lateral  divert  in  the  case  where  there  is  a  100  kft  prediction  error  in 
the  nominal  boosting  target  case. 


Theory  predicted  that  the  lateral  divert  due  to  prediction  error  alone  would  be 
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100000  *  3 
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=  1500  It /sec 


which  is  in  total  agreement  with  the  simulation  results. 

Summary 

In  this  paper  it  has  been  demonstrated  that  the  guidance  concepts  originally  developed 
for  the  tactical  world  are  applicable  to  the  strategic  world.  In  fact,  closed-form  solutions  for  the 
required  missile  acceleration  to  hit  targets  can  be  converted  to  lateral  divert  formulas. 
Nonlinear  engagement  simulation  results  indicate  that  the  divert  requirement  formulas  for 
prediction  error,  apparent  target  acceleration  and  guidance  law  are  not  only  useful  but  are  in 
fact  accurate  indicators  of  strategic  interceptor  requirements. 
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